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this  report  and  its  accompanying  computer  program  were  developed  under 
Contract  DAAJ02- 72-C-0098  awarded  Ln  dune  1972  by  the  Eustis  Directorate 
ol  the  II. S.  Army  Alt  Mobility  Research  and  Development  Laboratory 
(USAAMRDI.) .  In  addition  to  the  work  performed  under  this  contract,  the 
report  and  computer  program  include  the  documentation  and  program  features 
developed  under  I'SAAMRDL  Contracts  DAAJ02-70-C-00G3  and  DAAJ02-73-C-0086. 
Tlu  contractor  and  USAAMRDI,  have  agreed  that  the  computer  progrum  docu¬ 
mented  herein  is  the  new  master  version  of  the  program.  Hence,  this 
report  supersedes  all  previous  versions  of  the  C81  program  and  documenta- 
t  i  on . 

technical  program  direction  was  provided  by  Mr.  E.  E.  Austin  of  USAAMRDL. 
1’iincipal  Hell  Helicopter  personnel  associated  with  the  current  contract 
win  Messrs.  R.  L.  lUankenship,  J.  M.  Davis,  P.  Y.  Hsieh,  and  Dr.  B.  T. 
Waak ,  In  addition,  Dr.  R.  L.  Bennett  and  Mr.  B.  J.  Bird  assisted  in 
coordinating  the  work  and  documentation  prepared  under  the  two  previous 
contracts  noted  above  with  that  prepared  under  this  contract. 
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1.  INTRODUCTION 


l . 1  BACKGROUND 

In  Lhe  early  1960's  Bell  Helicopter  Company  began  development  of  a  rotor- 
craft  flight  simulation  program  for  digital  computers,  The  original  pro¬ 
gram  was  identified  as  C8 l ,  This  identification  has  since  become  the  family 
name  for  many  different  versions  developed  over  the  years.  To  minimize  con¬ 
fusion  as  to  which  version  of  the  program  is  being  used  or  re f Menced ,  the 
more  rt  rent  versions  of  the  C8 1  program  have  been  identified  by  four  letters 
and  the  year  in  which  they  became  production  programs;  e.g,,  AGA.I  /  1  was 
deve  loped  in  1971,  AGAJ72  in  1972,  This  report  documents  the  nit  rent 
version  of  C8 1 ,  AGAJ7T. 

The  early  history  and  basic  analysis  of  (18 1  are  given  in  Kef  creme  l.  The 
simulation  for  that  study  included  a  rigid  body  fuselage  In  three  dimensions, 
coupled  with  two  rotors,  for  a  total  of  eleven  degtees  of  freedom.  The 
eleven  degrees  of  freedom  were: 

Six  rigic  body  (total,  rotorcraft) 

Fore-and-aft  and  lateral  i  lapping  for  two  rotors 

Rotor-engine  torsional  system 

A  variety  of  maneuvers  were  simulated  by  modeling  control  motions  ana 
external  disturbances  such  as  gusts.  The  program  used  a  quasi-static  rotor 
analysis.  Aeroelastic  feedback  was  represented  by  iteration  through  a 
rotor  blade  dynamic  analysis. 

The  stop-fold  rotor  simulation  study  reported  in  Reference  2  delineates 
later  additions  to  the  program.  The  resulting  computer  program  (ASAJ01) 
contained  an  uncoupled  stability  anaLysis  which  used  the  trim  solutions 
and  partial  derivative  computations  available  in  the  earlier  version.  Pro¬ 
visions  were  made  to  compute  stability  roots  during  maneuvers  as  well  as  at 
the  trim  point.  The  rotor  mathematical  model  was  modified  to  include  the 
stop-fold  rotor  concepts.  Both  the  ti  1 1- forward- trai 1-af t  and  horizontal- 
stop-fold  configurations  were  included.  The  rotor  anaLysis  in  ASAJ01  was 
time-variant,  but  did  not  contain  aeroelastic  effects. 

The  next  major  expansion  of  the  mathematical  model  was  performed  under 
Contract  DAAJ02-70-C-0063  awarded  by  the  Eustis  Directorate  of  the  U.  S. 

Army  Air  Mobility  Research  and  Development  Laboratory  (USAAMRDL)  .  This 
AGAJ7L  version  of  the  program  included  the  addition  of  a  time-variant- 
aeroe las  tic  rotor  analysis  (TVAR) ,  rotor  pylon  degrees  of  freedom,  unsteady 
rotor  aerodynamic  considerations,  and  a  generalized  automatic  control 
stability  package.  The  TVAR  allowed  calculation  of  time  histories  of  the 
deflection,  shear  bending  moment,  and  aerodynamic  loading  along  each  indi¬ 
vidual  blade.  In  combination  with  the  TVAR,  the  pylon  degree  of  freedom 
model  calculated  the  linear  and  angular  displacements  of  each  rotor  hub. 


The  unsteady  aerodynamic  package  computed  increments  to  the  lift,  drag, 
and  pitching  moment  aerodynamic  coefficients  in  both  stalled  and  uns  jlled 
flow  as  functions  of  blade  bending  and  pitching  velocities  and  accelera¬ 
tions.  The  automatic  controL  stability  package  consisted  of  a  Stability 
and  Control  Augmentation  System  (SCAS),  an  Automatic  Pilot  Simulator  (APS), 
and  an  expanded  stability  analysis  subroutine.  Subsequently,  under  USAAMRDL 
Contract  DAAJ02-7 l-C-0045 ,  a  second  mathematical  model  for  unsteady  rotor 
aerodynamics  was  developed  and  incorporated  in  the  trim  portion  of  AGAJ71. 

Two  undocumented  versions  of  the  AGAJ72  program  were  delivered  to  the 
Ku.it  Is  Directorate  of  USAAMRDL.  The  first  AGAJ72  version  included  many 
minor  refinements  to  the  AGAJ71  version,  while  the  second,  developed  under 
Contract  DAAJ02-72-C-0086 ,  included  two  major  additions:  an  alternate  trim 
procedure  and  expanded  data  printout.  These  two  features  were  primarily 
Incorporated  to  increase  the  versatility  of  the  program  in  simulating  wind 
tunnel  tests.  The  alternate  trim  procedure  provided  for  locking  the  rotor 
flapping  angles  at  their  input  values  and  then  iterating  on  control  posi¬ 
tions  to  trim  the  rotor.  The  additional  printout,  referred  to  as  the 
optional  trim  page,  provided  data  in  a  form  that  was  most  useful  when 
correlating  with  wind  tunnel  data  (e.g.,  dimensional  and  nondimensional 
force  and  moment  data,  a  summary  of  rotor  parameters,  and  test  conditions). 

Under  the  most  recent  USAAMRDL  Contract  (DAAJ02-72-C-009S) ,  improvements 
to  all  aerodynamic  representation  in  the  program  were  developed.  Specif¬ 
ically,  the  following  aerodynamic-related  modifications  and  additions  were 
made  to  the  program: 

(1)  A  more  accurate  and  complete  representation  of  fuselage  aero¬ 
dynamic  forces  and  moments. 

(2)  A  single  generalized  representation  for  up  to  five  aerodynamic 
surfaces  with  control  surfaces  (one  wing  and  four  stabilizing 
surfaces ) . 

(3)  The  capability  of  representing  external  stores  and/or  aerodynamic 
brakes . 

(4)  The  capability  of  representing  up  to  five  different  airfoils  along 
Llie  span  of  the  rotor  blades. 

(5)  The  capability  of  representing  the  induced  velocity  distribution 
across  the  rotor  disc  as  n  Fourier  series  that  is  a  function  of 
advance  ratio,  inflow  ratio,  blade  station,  and  blade  azimuth. 

(6)  The  capability  of  representing  the  rotor  wake  at  each  aerodynamic 
surface  as  a  Fourier  series  that  Is  a  function  of  rotor  advance 
ratio,  inflow  ratio,  and  blade  azimuth. 
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In  addition  to  the  above  six  tasks,  the  following  features  were  also 
incorporated : 

(7)  An  alternate  method  for  numerically  integrating  the  rotorcraft 
equations  of  motion  in  maneuvers. 

(8)  The  unsteady  aerodynamic  model  developed  under  Contract 
DAAJ02-71-C-0045  modified  to  work  in  maneuver  as  well  as  trim. 

(9)  The  alternate  trim  procedure  and  expanded  output  developed  under 
Contract  DAAJ02-72-C-0086 . 

In  the  process  of  incorporating  these  eight  features,  the  input  format  to 
the  program  was  significantly  revised  to  make  the  increased  versatility 
of  the  program  easier  to  use.  The  benefits  of  the  current  aerodynamic 
representations  are  discussed  below. 

1.2  DISCUSSION  OF  RECENT  ADDITIONS 

The  current  mathematical  model  for  the  fuselage  aerodynamic,  forces  and  mom¬ 
ents  provides  very  accurate  simulation  of  wind  tunnel  data,  when  it  is 
available,  but  is  easily  adaptable  to  analytical  estimates  of  such  data  when 
test  results  are  not  available.  It  also  makes  possible  simulation  of  forces 
and  moments  at  all  possible  aerodynamic  angles,  i.e.,  pitch  between  -  90 
degrees  and  yaw  between  -180  degrees,  with  a  single  set  of  inputs  to  the 
program.  The  representation  consists  of  three  models:  one  for  the  rela¬ 
tively  low  angles  where  the  vast  majority  of  flight  takes  place;  a  second 
for  the  very  high  angles  encountered  in  such  tasks  as  rearward,  sideward, 
and  vertical  flight;  and  a  third  to  provide  a  smooth  transition  between 
the  other  two  models. 


The  current  representation  of  aerodynamic  surfaces  provides  for  simulation 
of  up  to  four  generalized  stabilizing  surfaces  and  a  wing  as  compared  to  two 
stabilizing  surfaces  and  a  wing  in  previous  versions  of  the  program.  The 
restriction  that  the  stabilizing  surfaces  must  lie  in  a  horizontal  or  verti¬ 
cal  plane  of  the  body  was  removed,  thereby  allowing  simulation  of  canted 
fins,  V-tails,  horizontal  stabilizers  with  dihedral  or  anhedral,  etc.  The 
current  model  simulates  the  change  in  lift,  drag,  and  pitching  moment  of 
each  surface  with  control  surface  deflection  and  the  effects  of  the  fuselage 
on  the  flow  field  at  each  surface.  In  addition,  either  equations  or  data 
tables  can  be  used  to  compute  the  aerodynamic  coefficients. 

The  capability  of  simulating  external  stores  and/or  aerodynamic  brakes  has 
been  added  to  the  current  version  of  C81.  The  input  group  consists  of  four 
identical  subgroups,  each  of  which  may  represent  either  a  store  or  a  brake 
independently  of  the  other  subgroups.  This  model  includes  a  representation 
of  aerodynamic  forces  on  the  store  or  brake  which  is  similar  to  the  model 
for  the  fuselage.  When  running  a  maneuver,  it  is  possible  to  selectively 
jettison  stores  and  deploy  brakes.  In  the  case  of  store  jettison,  the  air¬ 
craft  gross  weight,  center  of  gravity  and  inertias  are  recalculated  at  the 
instant  of  release. 
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Incorporation  of  the  features  developed  under  Contract  DAAJ02-72-C-0036 
provides  the  AGAJ73  user  with  all  the  features  and  options  which  are 
currently  being  maintained  in  the  master  version  of  C81. 

1.3  DOCUMENTATION  CONSIDERATIONS  AND  ORGANIZATION 

This  report  has  been  prepared  under  Contract  DAAJ02-72-C-0098  awarded  by 
the  Eustis  Directorate  of  USAAMRDL.  However,  it  also  includes  documenta¬ 
tion  prepared  under  Contract  DAAJ02-70-C-0063  and,  as  noted  previously, 
the  features  developed  under  Contracts  DAAJ02-70-C-0063,  DAAJ02-71-C-0045, 
and  DAAJ02-72-C-0086 .  The  intent  of  combining  the  work  performed  under 
these  four  contracts  is  to  provide  the  user  of  C81  with  a  single  document 
to  explain  the  background,  development,  and  current  operation  of  the 
master  version  of  the  computer  program. 

This  volume  of  the  report,  Volume  I,  has  been  prepared  with  the  following 
ideas  in  mind:  to  document  those  analyses  which  are  important  to  under¬ 
standing  the  program  but  not  necessary  for  its  execution;  to  provide  back-  • 
ground  information  and  the  rationale  for  selecting  certain  mathematical 
models  over  other  models;  and  to  suggest  areas  in  which  further  development 
of  the  program  is  warranted. 

Volume  II,  the  User's  Manual,  provides  the  information  necessary  to  set  up 
a  data  deck  to  successfully  execute  the  simulation,  and  to  interpret  the 
results.  Volume  III,  the  Programmer’s  Manual,  contains  the  information 
required  for  setting  up  the  program  on  the  user's  computer;  brief  descrip¬ 
tions  of  the  subroutines  are  included. 


2.  COMPUTER  PROGRAM  ORGANIZATION 


The  logic  of  the  computer  program  is  organized  into  three  major  operations: 
determination  of  an  equilibrium  flight  condition,  computation  of  the  time 
i  istory  of  a  prescribed  maneuver,  and  stability  analysis.  The  heart  of 
each  operation  is  the  mathematical  model  of  the  rotorcraft.  The  following 
five  subsections  present  general  discussions  of  the  rotorcraft  model,  the 
rotor  analyses  available,  and  each  of  the  three  major  operations.  Although 
the  general  organization  of  the  program  is  essentially  the  same  as  docu¬ 
mented  in  Reference  2,  virtually  every  model  and  operation  in  the  program 
has  been  expanded  or  revised  since  the  publication  of  Reference  2. 

2.1  MATHEMATICAL  MODEL  OF  THE  ROTORCRAFT 

The  currently  programmed  mathematical  model  of  the  rotorcraft  provides  for 
detailed  simulation  of  the  following  rotorcraft  configurations: 
single  main  rotor,  tandem  rotors,  and  side-by-side  (or  tilting  prop) 
rotors.  The  model  is  broken  down  into  the  following  major  components, 
each  of  which  is  discussed  in  detail  in  the  indicated  section: 

(1)  Rotors  (maximum  of  two,  each  with  up  to  seven  blades);  Section  3 

(2)  Fuselage  (valid  in  all  flight  regimes);  Section  4 

(3)  Aerodynamic  surfaces  (one  wing  and  up  to  four  stabilizing  surfaces); 
Section  5 

(4)  External  stores  or  aerodynamic  brakes  (any  combination  of  up  to 
four  stores  and  brakes);  Section  6 

(5)  Auxiliary  propulsion  (up  to  two  jet  thrust  vectors);  Section  7 

(6)  Control  system  (including  control  of  each  rotor,  aerodynamic 
surface,  and  jet;  plus  a  Stability  and  Control  Augmentation  System 
and  Automatic  Pilot  Simulator);  Section  8 

Since  each  model  is  general  enough  to  be  adapted  to  any  one  of  the  three 
rotorcraft  configurations,  each  can  provide  very  detailed  simulation  of  any 
one  configuration. 

2.2  ROTOR  ANALYSES 

Two  independent  and  mutually  exclusive  rotor  analyses  are  programmed  into 
AGAJ73:  quasi-static  and  time-variant.  When  development  of  C81  began  in 
the  early  sixties,  the  entire  program  was  predicated  on  the  quasi-static, 
rotor  analysis.  As  part  of  the  contract  documented  in  Reference  2,  the 
time-variant  rigid  blade  rotor  analysis  was  added  as  an  option.  Subse¬ 
quently,  under  Contract  DAAJ02-70-C-0063,  an  aeroelastic  blade  repre¬ 
sentation  based  on  the  modal  technique  was  added  for  use  with  both  types  of 
rotor  analyses.'  Definitions  of  these  two  rotor  analyses  are  given  below. 
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2.2.1  Quasi-Static  Rotor  Analysis 

The  quasi-static  rotor  analysis  is  frequently  called  the  "Frisbce"  analysis, 
This  nickname  evolved  from  the  fact  that  a  rotor  which  is  termed  quasi - 
static  is  somewhat  analogous  to  a  rotating  disk  which  generates  dynamic  and 
aerodynamic  forces  and  moments,  like  the  plastic-disk  toy  called  a  Frisbee. 
A  more  mathematical  definition  of  the  quasi-static  analyses  is  that  at  any 
instant  in  time  the  frequency  of  rotor  flapping  is  exactly  one  per  revolu¬ 
tion  (1/rev).  This  situation  requires  that  the  path  of  each  blade  tip 
during  one  rotor  revolution  define  a  single  plane,  or  disk.  Since  the 
locus  of  the  blade  tips  defines  <1  plane,  the  orientation  of  the  rotor  disk 
with  respect  to  the  rotor  shaft  can  then  be  defined  by  two  angles:  the 
fore-and-aft  and  lateral  flapping  angles.  These  flapping  angles  are  the 
dependent  variables  in  the  equations  of  motion  of  the  rotor.  Note  that 
the  quasi-static  analysis  does  not  require  that  the  blades  be  rigid,  but 
does  require  that  the  frequency  of  any  elastic  displacements  be  at  1/rev. 
Hence,  the  quasi-static  rotor  analysis  is  best  suited  to  teetering  or 
gimbaled  rotor  systems  where  the  dominant  blade  motions  are  at  1/rev  and 
where,  for  most  performance  and  flying  qualities  investigations,  other 
flapping  frequencies  can  be  neglected.  However,  the  analysis  is  also 
suitable  for  first-order  approximations  of  rigid  rotors  (where  the  blade 
beamwise  stiffness  is  represented  in  a  flapping  spring  chosen  to  simulate 
the  blade  elastic  properties)  and  articulated  rotors  (where  the  flapping 
hinge  offset  is  represented  by  a  flapping  spring  chosen  to  reproduce 
the  flapping  natural  frequency). 


The  major  limitation  of  the  quasi-static  analysis  is  that  only  the  static  and 
1/rev  component  of  the  blades  response  are  calculated.  Consequently, 
accurate  computation  of  blade  loads  is  not  possible.  Blade  load  calcula¬ 
tions  and  printout  are  bypassed  whenever  the  quasi-static  rotor  analysis 
is  used. 

Computationally,  any  rotor  which  uses  the  quasi-static  analysis  is  in  effect 
modeled  as  a  twelve-bladed  rotor  at  each  time  (computation)  point.  The 
input  or  computed  pair  of  flapping  angles  are  used  to  define  the  orienta¬ 
tion  of  a  single  representative  blade  at  each  twelve  equally  spaced  azimuth 
angles  (30-degree  increments).  The  dynamic  and  aerodynamic  forces  and 
moments  are  then  calculated  at  each  blade  station  for  each  azimuth, 
numerically  integrated,  and  multiplied  by  the  ratio  of  the  actual  number 
of  blades  to  the  12  blades  of  the  computational  rotor.  Another  analogy 
which  may  help  visualize  the  quasi-static  analysis  is  to  think  of  each 
calculation  as  a  time-lapse  photograph  where  the  image  is  that  of  the 
forces  and  moments  acting  on  the  rotor  when  the  shutter  is  left  open  for 
exactly  one  rotor  revolution. 

2.2.2  Time-Variant  Rotor  Analysis 

The  time-variant  rotor  analysis  is  predicated  on  the  modal  technique  of 
representing  rotor  blade  dynamics.  It  is  this  technique,  described  in 
detail  in  Section  3.2,  which  permits  the  simulation  of  an  ocroelnstic 
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The  time-variant  analysis  is  suitable  for  all  types  of  rotors  and  should 
be  used  whenever  possible,  particularly  for  rigid  or  articulated  rotors. 
TL  must  be  used  when  blade  load  data  arc  desired. 

Computationally,  the  forces  and  moments  acting  on  each  segment  of  each 
individual  blade  at  its  instantaneous  position  are  calculated  at  each 
time  point  in  the  time-variant  analysis.  The  resulting  accelerations  and 
current  velocities  are  then  numerically  integrated  to  determine  the 
velocities  and  displacements  of  each  segment  of  each  individual  blade 
at  the  next  time  point  (azimuth  position). 

2.3  DETERMINATION  OF  THE  EQUILIBRIUM  FLIGHT  CONDITION 


The  technique  used  to  determine  the  equilibrium,  or  trimmed,  flight  condi¬ 
tion  in  AGAJ73  is  an  enlargement  of  the  technique  described  in  Reference  2. 
The  additional  considerations  are  those  required  to  represent  the  steady- 
state  solution  of  the  elastic  rotor  equations  and  the  hub  motion  and  mast 
windup  equations.  The  technique  which  had  previously  been  used  to  trim 
the  rigid  blade  has  been  modifiel  to  apply  to  any  blade  mode  that  has  a 
natural  frequency  at  or  near  one  per  rev. 

The  standard  trim  procedure  determines  the  following  quantities  at  each 
iteration:  pilot  control  positions;  angular  orientation  of  the  aircraft 

in  space;  and  a  harmonic  analysis  through  one  per  rev  of  the 
participation  factor  for  each  mode  (maximum  of  six)  for  each 
blade  for  each  rotor,  fore-and-aft  and  lateral  hub  motion,  and  mast  wind¬ 
up  for  each  rotor.  The  effects  of  the  elastic  blade  and  hub  motions  are 
included  in  the  overall  trim  procedure  to  effect  a  coupled  aeroelastic 
trim  solution. 


In  addition,  this  standard  trim  procedure  has  been  modified  so  thrt  the 
user  can  in  effect  delete  the  airframe  from  the  procedure  and  trim  an 
isolated  rotor,  e.g.,  a  wind  tunnel  simulation.  This  added  path  through 
the  trim  procedure  allows  the  user  two  alternatives:  to  command  the  rotor 


feathering  angles  and  trim  t lie  rotor  by  Iterating  on  flapping  angles,  or  to 
command  the  flapping  angles  and  iterate  on  the  feathering  angles.  The 
inathemat lea  1  techniques  used  in  the  standard  and  alternate  trim  procedures 
are  discussed  in  Section  0. 

2.4  STABILITY  ANALYSIS 

The  stability  analysis  in  this  program  is  an  enlargement  of  that  presented 
in  Reference  2.  In  the  previous  analysis,  the  procedure  was  based  on  two 
uncoupled  3x3  sets  of  equations  of  motion.  In  this  stability  analysis, 
the  following  14  equations  of  motion  can  be  considered: 

(1)  Six  Rigid  Body  (total  rotorc. raft) 

(2)  Fore-and-Aft  and  Lateral  Pylon  Motion  for  2  rotors 

(3)  Fore-and-Aft  and  Lateral  Flapping  for  2  rotors 

The  analysis  may  be  performed  for  the  trimmed  flight  condition  or  at  spec¬ 
ified  times  during  a  maneuver.  The  three  stability  matrices  generated  by 
the  analysis  can  then  be  punched  on  cards  for  additional  analysis  external 
to  C81. 

The  derivation  of  the  current  stability  analysis  is  predicated  on  a  quasi¬ 
static  rotor  analysis,  and  is  not  compatible  with  the  L ime-var ianL  rotor 
analysis.  Hence,  only  the  steady  and  one-per-rev  response  of  elastic 
blades  arc  included  in  this  analysis.  The  complete  equations  of  motion 
and  the  numerical  techniques  associated  with  the  stability  analysis  are 
contained  in  Section  10. 

2.5  MANEUVERS 

Compared  to  the  version  of  C81  documented  in  Reference  2,  the  capabilities 
of  the  program  for  computing  the  time  history  of  a  maneuver  have  been 
greatly  enhanced.  The  current  fully  coupled  analysis  includes  the  user 
options  of  quasi-static  or  time-variant  rotor  analyses,  rigid  or  aero- 
elastic  blades,  and  over  thirty  different  types  of  variations  of  control 
positions,  control  mechanisms,  rotorcraft  configuration,  etc.  In  addition, 
a  programmer  option  is  included  whereby  the  equations  of  motion  may  be 
numerically  integrated  by  either  the  four-cycle  Runge-Kutta  technique  or 
Hamming's  fourth-order  predictor-corrector  method.  The  study  which  lead 
to  the  incorporation  of  Hamming's  method  is  discussed  in  Section  11. 

The  program  includes  three  options  for  reducing  the  data  generated  by  the 
maneuver  portion  of  the  program.  These  options  include  plotting,  harmonic 
analysis,  and  vector  analysis.  Each  set  of  reduced  data  may  be  output  on 
the  printer  or  a  CALCOMP  plotter.  The  data  which  may  be  reduced  consist 
of  every  parameter  printed  as  part  of  the  maneuver  time  history  plus 
detailed  rotor  loads  and  elastic  response  data,  for  a  total  of  more  than 
1300  variables.  These  1300  variables  may  also  be  stored  on  magnetic  tape 
and  reloaded  at  a  later  date  for  additional  analysis. 
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Another  feature  of  the  maneuver  portion  of  the  program  is  the  restart  capa¬ 
bility  which  permits  a  long  continuous  run  to  be  made  in  several  passes. 
This  procedure  causes  each  item  on  the  output  page  and  many  intermediate 
variables  to  be  written  also  on  a  magnetic  tape,  which  is  saved.  Then  on 
subsequent  runs,  the  start  time  can  be  any  point  on  the  saved  tape.  In 
addition,  the  maneuver  cards  can  be  changed  on  each  run. 

2.6  PROGRAMMING  CONSIDERATIONS 

The  current  program  includes  a  program  logic  group  as  the  first  group  of 
input  data.  This  group  allows  the  user  many  options  as  to  the  data  to 
be  read  in  and  the  analyses  to  be  performed.  In  view  of  the  large  number 
of  cards  required  to  use  every  capability  of  the  mothematica l  models, 
these  logic  controls  can  greatly  reduce  the  size  of  a  deck  when  a  partic¬ 
ular  option  is  not  to  be  used. 

The  contractor's  version  of  the  program  includes  «'.  data  library  which  per¬ 
mits  the  storage  of  complete  rotorcraft  configurations,  or  individual 
components  (input  groups)  on  magnetic  disk.  These  data  may  then  be  called 
from  storage  by  the  first  card  of  each  input  group.  This  feature  greatly 
reduces  the  number  of  cards  which  must  be  included  in  the  input  deck  and 
assures  consistency  in  at  least  the  initial  input  data  when  many  people 
are  making  runs  with  the  same  configuration.  Any  parameter  in  most  of 
the  groups  stored  in  the  data  library  may  be  changed  during  read-in  if  the 
user  so  desires. 

During  the  latest  major  revision  to  the  program,  the  output  formats  for 
the  trim  iterations,  trimmed  flight  condition  page,  and  the  maneuver -time- 
point  page  were  revised  as  a  result  of  user  suggestions.  In  particular, 
formats  for  the  trim  and  maneuver  pages  were  greatly  expanded  and  made 
quite  similar  to  each  other.  All  data  printed  by  previous  versions  of  the 
program  have  been  retained  and  much  has  been  added. 


3.  ROTOR  MATHEMATICAL  MODEL 


INTRODUCTION 


The  RoLorcraft  Flight  Simulation  Program  uses  the  identical  mathematical 
model  for  both  rotors.  The  only  major  restrictions  on  the  currently  pro¬ 
grammed  model  are  that  for  a  given  rotor  the  number  of  blades  must  be 
between  two  and  seven  inclusive,  the  physical  properties  of  each  blade  must 
be  identical,  and  the  rigid  body  feathering  axes  of  the  blades  must  be 
equally  spaced  around  the  rotor  azimuth. 


Some  of  the  most  useful  features  of  the  model  are  the  options  for  inputting 
any  of  the  following  blade  properties  as  distributions  along  the  span  of 
the  blade  rather  than  single  values:  twist,  chord,  airfoil  section, 
mass,  mass  moments  of  inertia,  and  elasticity  (aeroelastic  mode  shapes). 
These  distributions  contain  data  either  for  twenty  blade  segments  or  at 
twenty-one  radial  stations.  Other  blade  parameters  in  the  model  include 
tip  sweep,  hub  drag,  precone  angle,  a  lead-lag  damper,  flapping  restraint 
and  stops,  and  pitch-flap  coupling.  The  possibilities  for  the  rotor  hub 
model  include  teetering  (or  gimbaled),  articulated,  and  rigid.  Also, 
undersling,  the  vertical  distance  between  the  flapping  and  feathering  axes, 
may  be  simulated  for  teetering  or  gimbaled  rotors. 


Each  rotor  shaft  (mast)  may  be  given  any  desired  orientation  with  respect 
to  the  airframe  and  can  have  torsional  degree  of  freedom.  In  addition, 
a  nonisotropic  dynamic  pylon  model  is  included  to  simulate  the  mounting 
of  the  transmission/rotor  shaft  or  gearbox/shaft  system  to  the  airframe. 


The  above  model  features  relate  primarily  to  the  physical  properties  of  the 
rotor  systems  and,  hence,  are  used  in  the  dynamic  analysis  of  the  rotor. 

The  model  also  includes  detailed  aerodynamic  analysis.  This  analysis  is 
divided  into  two  subanalyses:  steady-state  and  unsteady  aerodynamics. 

The  steady-state  aerodynamics  are  determined  from  sets  of  either  equations 
or  data  tables.  The  choice  of  equations  or  tables  is  a  user  option.  The 
option  may  be  exercised  for  either  an  entire  blade  or  each  of  the  twenty 
blade  segments. 


The  user  also  has  the  option  of  either  an  equation  or  a  data  table  for 
computing  the  induced  velocity  distribution  over  the  rotor  disc.  The  table 
contains  coefficients  of  a  Fourier-series  curve  fit  of  wake  data  computed 
external  to  C81.  The  table  is  tri-variant  with  arguments  of  advance  ratio, 
inflow  ratio,  and  blade  station.  The  aerodynamic  analysis  also  includes 
two  methods  for  computing  increments  to  the  steady-state  aerodynamic 
coefficients  due  to  time  derivatives  of  the  blade  angle  of  attack.  These 
methods,  referred  to  as  the  BUNS  and  UNSAN  unsteady  aerodynamic  options, 
and  their  accompanying  models  for  yawed  flow  are  independent  and  mutually 
exclusive.  That  is,  the  user  may  activate  either  the  BUNS  or  UNSAN  option 


with  or  without  its  respective  yawed  i'Low  models;  alternatively,  both 
unsteady  models  can  lie  deactivated,  and  one  or  none  of  chc  yawed  flow  models 
can  be  activated. 


This  section  of  tlu  report  contains  the  dynamic  and  aerodynamic  analyses 
Incorporated  into  tlu  rotor  mathematical  model.  The  next  subsection  dis¬ 
cusses  the  dynamic  analysis  with  emphasis  on  the  modal  technique  used  to 
simulate  blade  elasticity#  Following  the  dynamic  discussion,  the  aero¬ 
dynamic  analysis  is  presented  with  emphasis  on  the  procedure  lor  comput¬ 
ing  the  angles  of  attack,  Mach  number,  and  dimensional  forces  and  moments 
at  a  blade  station  and  on  the  two  models  for  tinsli  ady  aerodynamic  effects 
The  model  for  calculating  the  steady-state  roeffis  lints  is  discussed  in 
elctail  in  Section  3.5  of  Vo'ume  II;  only  selected  Information  is  re¬ 
peated  or  expanded  on  in  this  volume. 

3.2  DYNAMICS 


3.2.1  Genera  1 

The  rotor  analysis  in  the:  previous  version  of  the  Kotorcraft  Flight  Simu¬ 
lation  Program  ASAJ01  (Reference  2)  is  based  on  t lie  rigid  blade  assump¬ 
tion  and  is  therefore  incapable  of  describing  the  time-variant  acroelastic 
behavior  of  the  rotor  blade.  Because  of  the  improved  and  enlarged  digital 
computer  facilities,  and  the  desire  for  a  more  refined  rotor  analysis,  a 
time-variant  aeroclastic  rotor  analysis  based  on  the  modal  technique  has 
been  added  to  ASAJ01.  The  resulting  computer  program  is  AGAJ73. 

3.2.2  Differential  Equations  of  Motion  and  Solution  Techniques 

The  inclusion  of  a  time-variant  acroelastic  rotor  analysis  in  a  helicopter 
flight  simulation  program  requires: 

( 1 )  Aeroclastic  Rotor  Analysis 

(a)  Derivation  of  differential  equations  of  motion 

(b)  Solution  technique  for  differential  equations  of  motion 

(2)  Helicopter  Flight  Simulation  Program 

(a)  Representation  of  gross  helicopter  behavior 

(b)  Determination  of  equilibrium  flight  conditions 

(c)  Ability  to  integrate  numerically  equations  of  motion 

(3 )  Interface  between  Rotor  Analysis  and  Flight  Simulation  Program 

(a)  Effect  of  rotor  behavior  on  helicopter  behavior 

(b)  Effect  of  helicopter  behavior  on  rotor  behavior 
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The  first  slip  in  developing  an  aeroelastic  rotor  analysis  is  the  deriva¬ 
tion  of  the  differential  equations  of  motion.  The  differential  equations 
of  motion  for  the  combined  inplane,  ou t -of -p lane ,  and  torsional  deforma¬ 
tions  of  a  twisted  nonuniform  rotating  rotor  blade  were  derived  by  Houbolt 
and  brooks  (Reference  3). 

These  equations  include  the  effect  of  the  noncoincidence  of  the  mass  and 
clastic  axes  which  produces  the  coupling  between  the  inplane  and  torsional 
deformations,  and  between  the  out-of-plane  and  torsional  deformations.  The 
coupling  beiween  the  inplane  and  out-of-plane  deformations  is  caused  by 
the  unsymme t r i<;  lending  of  the  cross  section.  The  equations  by  Houbolt 
and  Brools  adequately  describe  the  dynamic  considerations  which  influence 
the  blade  response;  however,  only  passing  attention  is  devoted  to  defining 
Lhi'  aerodynamic  and  aeroelastic  effects  which  also  influence  the  blade 
response.  If  these  aerodynamic  forces  are  taken  to  be  zero,  then  the 
qua! ions  for  free  vibration  result. 

There  are  several  techniques  for  solving  the  free  vibration  equations  of 
an  elastic  structure.  Most  outstanding  among  these  techniques  are  the 
Ray leigh-Ritz,  Stodola,  and  the  Myklestad  methods  (Reference  4).  The 
solution  to  the  free  vibration  equations  can  be  represented  as  a  set  of 
natural  frequencies,  and  assc  iated  with  each  natural  frequency,  a  corre¬ 
sponding  mode  shape.  These  natural  frequencies  and  mode  shapes  are 
essential  to  the  solution  technique  used  to  describe  the  time-variant 
aeroelastic  rotor  behavior. 

The  differential  equations  derived  by  Houbolt  and  Brooks  do  not  lend  them¬ 
selves  to  closed-form  solution  technique  for  all  possible  combinations  of 
the  externally  applied  loads.  Oette  (Reference  5)  shows  how  the  separation 
of  variables  technique  can  be  applied  to  the  Houbolt  equations.  If  the 
independent  variables  are  assumed  to  be  time  t,  and  location  along  the 
blade  x,  then  it  is  possible  to  write 


Y(x,t)' 
Z(x, t) 
.6  ( x ,  t ) 


Y„w 


-E  Z„<*>  6n(t> 

"-1  Le.(x)J 


(3-1) 


where  Y,  Z,  and  B  are  the  total  elastic  deformation  of  the  blade;  Y  ,  Z  , 

th  n’  n 

and  B  are  the  components  of  the  n  normalized  mode  shape;  and  6  (t)  is 
n  . ,  n 


trl 

the  participation  factor  associated  with  the  n  mode  shape;  Y  and  Y^ 
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refer  to  the  inplane  deformation;  Z  and  Zn  refer  to  the  out-of-plane  defor¬ 


mation;  0  and  0  refer  to  the  torsional  deformation  of  the  blade, 

n 


Let  it 


be  assumed  that  at  any  point  along  the  blade  at  a  distance  x  from  the  hub 
centerline,  and  at  any  point  in  time  t,  the  externally  applied  inplane 
force  is  F 


,  the  out-of-plane  force  is  F  ,  and  the  moment  tending  to  twist 
the  blade  \s  Mg,  Oette  demonstrates  that 


/ 


V  .  2r  0 

5  +  0)  6  =  — 

n  n  n 


(F  •  Y  4-  F  •  Z  +  Mn  •  6  )dx 

T~1  'l  r\  LJ  * 


y  n  z  n  9  n 


(3-2) 


th 


where  u)  is  the  natural  frequency  of  the  n  mode  of  free  vibration,  and 
^  th 

I  is  the  generalized  inertia  of  the  n  mode  shape.  For  small  amounts 


of  viscous  damping  £  ,  Equation  (3-2)  can  be  written 


6  +  2(  6  oj  +  oj  6  =  — - 

n  n  n  n  n  n  I 

n 


(3-3) 


where  F  is  shown  in  Equation  (3-2).  There  will  be  an  equation  of  the 
above  type  for  each  mode  included  in  the  response  analysis. 


The  development  by  Oette  assumes  the  helicopter  to  be  in  unaccelerated 
flight,  so  only  the  externally  applied  aerodynamic  forces  would  be  included 
in  Fn.  Any  nonuniform  motion  of  the  blade  reference  coordinate  system 
would  produce  inertial  type  forces  acting  on  the  blade.  These  inertial 
forces  should  be  included  in  Fn.  Examples  of  the  inertial  forces  would  be 
the  "gyroscopic  effects"  produced  by  the  fuselage  angular  rates  and  accel¬ 
erations.  Likewise,  the  linear  accelerations  of  the  hub  would  also  pro¬ 
duce  inertial  forces  to  be  included  in  F, 


n1 


As  indicated  by  Oette  another  source  of  terms  to  be  included  in  Fn  is  any 
elastic  velocity  dependent  dynamic  terms  deleted  from  the  calculation  of 
the  blade  natural  frequencies  and  mode  shapes.  A  classic  example  of  these 
terms  is  the  Coriolis  accelerations  dependent  on  the  product  of  blade  dis¬ 
placement  and  blade  velocity,  which  are  typically  left  out  of  the  mode 
calculations . 


The  set  of  modal  equations,  Equation  (3-3),  is  sufficient  to  describe  the 
time-variant  aeroelastic  response  of  a  rotor  blade  because:  (a)  the 
effects  of  the  blade's  mass,  elastic,  and  geometric  properties  are  in¬ 
cluded  in  the  natural  frequencies  and  mode  shapes,  and  (b)  the  aerody¬ 
namic  and  aeroelastic  effects  are  included  in  Fn* 


The  Rotorcraft  Flight  Simulation  Program  (C81)  has  been  modified  to  in¬ 
clude  a  time-variant  aeroelastic  rotor  representation  based  on  the  modal 
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techniques  with  the  provision  that  the  blade  natural,  frequencies  and  mode 
shapes  will  be  supplied  as  input  data. 


Since  the  derivation  of  the  differential  equations  of  motion  and  a  prac¬ 
tical  method  of  solution  of  the  equations  have  been  fully  described  in  the 
literature,  they  will  not  be  repeated  in  this  document.  What  will  be 
emphasized  is  how  these  methods  are  included  in  the  C81 . 

3.2.2  Reference  Coordinate  System 

The  dynamic  analysis  is  performed  in  the  shaft  reference  coordinate  system 
shorn  in  Figure  3-1.  For  the  particular  blade  under  consideration,  the 
unit  vector  1  is  perpendicular  to  the  shaft  and  positive  out  along  the 
blade  radial  axis.  The  unit  j  is  perpendicular  to  the  shaft  and  perpendic¬ 
ular  to  the  unit  vector  If.  The  positive  vector  Is  pointed  toward  the 
trailing  edge  of  the  blade.  The  unit  vector  1<  is  pointed  down  along  the 
shaft.  The  location  of  any  point  on  the  blade  relative  to  the  huh  can  be 
expressed  as 


p  =  Xi  +  YJ  +  Z*k 


(3-d) 


wnere  X,  Y,  and  Z*  are  the  magnitudes  of  the  displacements,  Since  it  Is 
convenient  to  consider  upward  blade  displacements  ns  positive,  the 
relationship  Z  =  -Z *  is  used  throughout  this  analysis;  hence, 


p  -  xt  +  yT  -  ■& 


(3-5) 


The  angular  velocity,  uu^,  of  this  reference  frame,  relative  to  an  Inertial 
reference  system,  is  given  by 


-»  -f  -f  r> 

'■%  =  Pb1  +  V  +  rbk 


(3-b) 


where  p^,  q^  and  r^  are  the  three  components  which  include  such  items 

as  rotor  speed,  angular  velocities  of  the  rigid  body  fuselage  and  the 
mast  angle. 

3.2.4  Application  of  Modal  Technique 


The  displacement 


"Y  ( x ,  t 
Z(x,  t 
_6(x,  t 


t)  of  any  point  on  the  blade  relative  to  its 

t)J 


undeflected  position  at  a  radial  distance  x  and  at  time  t  is  approximated 
by 


Y(x,  t)' 
Z(x,  t) 
e(x.  t), 


NM  fYn(x) 


E  z„<*>  6„(t> 

n=  1  Le  (x )  J 

n 
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where 


V*>] 

Zn(x)  is  the  nth 

en(x)J 


normalized  mode  of  free  vibration,  NM  is  the 


total  number  of  mode  shapes  to  be  used,  and  6n(t)  is  the  participation 

factor  or  generalized  coordinate  associated  with  the  nth  mode  shape.  The 
unctional  notation  is  used  to  emphasize  the  fact  that  the  displacement 
time  t.  ^  13  9  funCti0n  0f  both  the  radial  distance  x,  and 

belnalic:';nique  ln  the  cM,?“ter  proera™'  »• 

U>  dJnamlcdandSdyMn1,icdcautu“iOTs?‘  radial  Segments  for 

(2)  Each  of  the  21  segment  faces  has  three  decrees  of  frPPH™. 

chordlin^ab  ^  -ngul.J  orientatL^f * 

cnordline  about  the  positive  x  axis  (0). 

0)  Icrib^Z  ^Y1  Uc  t0  normalized  mode  shapes  which  de- 

scribe  Zn,  Yn,  and  Qn  for  each  of  the  21  segment  faces  for  each 

mode  shape. 

(4)  Linear  interpolation  can  be  used  to  define  Z  Y  ,  and  0 
between  two  adjacent  faces, 

(5)  All  spanwise  integrals  are  to  be  taken  in  the  Stieltjes  sense. 

(6)  The  maximum  number  of  blades  per  rotor  is  seven. 

(7)  The  maximum  number  of  input  mode  shapes  per  rotor  is  six. 

(8)  The  maximum  number  of  rotors  is  two. 

It  is  important  to  note  that  any  assumptions  made  in  the  derivation  of  the 
mode  shapes  will  also  be  applicable  to  the  entire  analysis. 

thS  pr0gram  is  structured  to  handle  fully  coupled  mode 
shapes,  which  means  that  each  blade  element  can  have  three  decrees  nf 
freedom:  vertical  Z,  inplane  Y,  and  torsional  0. 


-Yn(x) 

MS  (x)  =  Z  (x) 
n  n 

Un<x). 


(3-8) 
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rVfWTrwronr: 


where  0n(x)  is  the  radial  distribution  of  the  angular  orientation  of  the 
chordline  and  is  positive  leading  edge  up.  Yn(x)  is  the  inplane  displace¬ 
ment  and  is  positive  toward  the  trailing  edge.  Zn(x)  is  the  out-of-plane 
displacement  of  the  blade  element  and  is  positive  in  the  direction  of  con¬ 
ventional  positive  aerodynamic  lift.  Any  component  (vertical,  inplane,  or 
torsional)  of  a  mode  can  be  deleted  from  the  analysis  by  having  the  partic¬ 
ular  deflection  distribution  set  bo  zero. 

The  mode  shapes  given  by  Equation  (3-8)  have  several  important  attributes: 

(1)  Each  one  is  a  solution  to  the  coupled  differential  equations  of 
free  vibration  (obtained  by  deleting  all  velocity  dependent 
terms)  of  the  total  system  (see  Reference  3). 


(2)  Associated  with  each  mode  shape  is  a  natural  frequency  u)  • 


n 


(3)  Each  mode  shape  must  satisfy  a  set  of  physical  boundary  conditions 
that  could  exist  on  the  blade. 

(4)  The  collection  of  mode  shapes  forms  an  orthogonal  set  of  functions. 

This  set  of  attributes  makes  possible  the  modal  method  of  structural 
analysis.  The  boundary  conditions  are  a  function  of  the  hub  type,  and 
must  describe  the  physical  constraints  for  the  inplane,  out-of-plane,  and 
torsional  behavior  at  the  hub.  To  simplify  the  discussion,  the  mode  shapes 
will  be  arbitrarily  labeled  either  cyclic,  collective,  or  scissor.  These 
definitions  and  the  selection  of  blade  mode  type  are  discussed  in  more 
detail  in  Section  3.2.10. 


The  inplane  boundary  condition  is  closely  related  to  whether  or  not  the 
mast  is  free  to  "wind  up"  in  response  to  the  total  inplane  torque.  A 
cantilever  inplane  boundary  condition  is  equivalent  to  assuming  the  mast 
to  be  infinitely  stiff  in  torsion,  while  a  pinned  inplane  condition  is 
compatible  with  a  mast  with  zero  torsional  stiffness. 

A  second,  entirely  different,  method  of  describing  the  mast  "windup"  be¬ 
havior  is  to  write  a  completely  separate  differential  equation  for  the 
mast  "windup."  If  this  additional  differential  equation  is  to  be  used, 
then  all  reference  to  the  "mast  windup”  in  the  mode  shapes  must  be  elimi¬ 
nated;  i.e.,  all  inplane  boundary  conditions  must  be  cantilever.  The 
primary  advantage  of  the  mast  windup  differential  equation  is  that  it 
permits  any  degree  of  inplane  fixity  rather  than  the  idealized  conditions 
used  in  the  definition  of  the  mode  shape. 
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The  selection  of  which  mode  shape- -cyclic ,  collective,  or  scissor--is  a 
function  of  the  hub  type,  and  whether  or  not  a  separate  differential 
equation  is  used  to  describe  the  mast  windup.  The  selection  processes  are 
described  in  detail  in  Section  3.2.10. 


The  input  mode  shapes  must  be  combined  to  give  the  elastic  response  of  the 
blade  according  to  Equation  (3-7).  The  differential  equation  describing 
the  response  of  each  mode  is 


*6  (t)=-£-u)(2f6  ( t )  +  a)  6  ( t ) ) 
n  I  n'  n  n  n  ' 


(3-9) 


where  is  the  natural  frequency  of  the  n  mode  shape  and  is  the 


structural  damping  factor.  The  term  I  is  the  generalized  inertia  asso- 
th 

ciated  with  the  n  mode  shape  and  is  defined  by  Oette  (Reference  5)  to  be 


f  r 

1  =  /  MY 

n  /  [_  n 

Jo 


2  +  Z  2  +  2  1  Y  0  sin  9  -  2i  Z  9  cos  9 

n  n  n  p  n  n  p 


+  e*b  +  Plc  9n 
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where  at  a  radial  distance  x, 


M  is  the  blade  mass  per  unit  length. 


l  is  the  distance  from  the  blade  shear  center  to 
the  reference  axis. 


plc  is  the  blade  cross-sectional  mass  moment  of  inertia 
about  the  chord  line  per  unit  length. 


pl^  is  the  blade  cross-sectional  mass  moment  of  inertia  per 
unit  length  about  an  axis  perpendicular  to  the  chord  lir 
and  intersecting  at  the  quarter  chord. 


0  is  the  geometric  pitch. 


Since  the  terms  containing  l  are  small  in  comparison  with  the  other  terms, 
they  have  been  deleted  in  the  calculation  of  the  generalized  inertia. 


The  term  F^  in  Equation  (3-9)  is  described  as  the  virtual  work  done  by 

all  of  the  externally  applied  aerodynamic  forces  and  inertial  forces 
associated  with  the  nonuniform  frame  of  reference,  if  these  forces  were 
to  act  through  a  virtual  displacement  equal  to  the  input  mode  shape. 

Thus  , 


F  =  /  F  -Y  +  F  .Z  +  Nt  .6  dx 

n  ./  I  y  n  zn  ttn 

o 
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where  at  a  radial  distance  x, 

Fy  is  the  externally  applied  force  in  the  Y  direction  (+  aft) 

Fz  is  the  externally  applied  force  in  the  Z  direction  (+  up) 

is  the  externally  applied  pitching  moment  (+  nose  up) 

Furthermore , 


F  =  A  +  I 

y  y  y 

F  -  A  +  I 

z  z  z 


(3-12) 


M  =  A  +  I 

e  e  e 


It  is  important  to  note  that  F^  in  Equation  (3-12)  is  the  sum  of  the 
externally  applied  aerodynamic  forces  A^,  given  by  Equation  (3-142) 
plus  the  inertial  forces  I  due  to  the  nonuniform  motion  of  the  reference 

y 

frame  as  described  by  Equations  (3-28).  Fz  is  the  sum  of  the  aerodynamic 
forces  Az  shown  by  Equation  (3-143)  and  the  inertial  forces  given  by 
Equation  (3-29),  The  term  M  includes  the  aerodynamic  pitching  moment 
Ay  as  given  by  Equation  (3-144)  plus  the  inertial  load  due  to  the  feathering 

acceleration  as  given  by  Equation  (3-30).  As  will  be  seen  in  a  later 

section,  the  inertial  forces  I  and  I  are  modified  to  account  for 

y  z 

externally  applied  mechanical  forces  produced  by  the  precone  effect  given 
by  Equation  (3-31);  the  flapping  spring,  Equation  (3-35);  the  flapping  stop, 
Equation  (3-34);  and  the  lead -lag  damper,  Equation  (3-38).  In  this 
manner,  the  rotor  dynamic  behavior  reflects  both  the  rotor  aerodynamic 


Y(x,t)1  NM  fY  (x)" 

Z(x, t )  n^l  Z^(x)  6n( t] 

9 ( x , t )J  l_e  (x). 


(3-13) 


and  the  acceleration  is  given  by 


Y(x,t)l  NM  TY  (x) 
.  .  _  vS  n 

Z(x,  t)  “  Z-»,  Z  (x) 

•  <  n=  1  n 

e(x,t)J  Len(x) 


(3-14) 


The  blade  element  displacement,  velocity  and  acceleration  as  given  by 
Equations  (3-7),  (3-13)  and  (3-14)  are  with  respect  to  the  reference 
coordinate  system.  As  described  In  Section  3.3,  the  aerodynamic  calcula¬ 
tions  have  included  the  effects  of  the  blade  element  displacements, 
velocities,  and  accelerations,  so  that  the  dynamic  analysis  becomes  an 
aeroelastic  analysis.  The  technique  used  for  solving  the  basic  modal 
equation  depends  on  the  character  of  F^.  If  can  be  accurately  ex¬ 
pressed  as  a  Fourier  series,  then  Equation  (3-9)  can  be  solved  in  closed 
form  for  the  particular  solution  of  the  differential  equation.  That  Is 
precisely  the  technique  used  in  the  "elastic  trim"  procedure  as  described 
in  Section  9,  because  in  steady-state  flight,  F  can  be  accurately  ex¬ 
pressed  in  terms  of  integer  rotor  harmonics. 


During  the  maneuver  portion  of  the  program,  Equation  (3-9)  for  each  blade 
for  each  mode  for  each  rotor  is  numerically  integrated  using  a  four-cycle 
Runge-Kutta  technique.  Thus,  at  each  time  point,  F^  must  be  evaluated  to 

define  the  total  aerodynamic  and  inertial  forces.  The  numerical  solution 
to  Equation  (3-9)  gives  both  the  particular  solution  which  will  be  In 
terms  of  the  rotor  harmonics,  as  well  as  the  complementary  solution  which 
will  be  a  function  of  the  input  natural  frequencies.  The  program  Is 
structured  so  that  during  the  trim  procedure,  the  steady-state  response  or 
particular  solution  for  Equation  (3-9)  is  obtained.  Once  the  steady-state 
solution  is  known,  the  initial  values  for  5n  ( 0 ) ,  6n(0),  and  6^(0)  can  lie 

obtained.  The  use  of  these  initial  values  tends  to  smooth  out  any 


discrepancies  in  entering  the  maneuver.  It  also  tends  to  suppress  the 
complementary  solution  for  a  steady-state  maneuver. 


3.2.5  Inertial  Force  Distribution  on  Blade 


In  Equation  (3-12),  it  was  shown  that  the  forcing  function  Fn  contains  the 
distribution  inertial  forces  associated  with  the  nonuniform  motion  of  the 


frame  of  reference.  From  basic  kinematics,  it  can  be  shown  that  the  total 
acceleration  ap  of  any  point  on  the  blade,  relative  to  an  inertial  coordi¬ 
nate  system,  is  given  by 
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=  t 


+  p  + 
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“i 

a 
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+  VaV  + 


1 LSL  + 


where  R  is  the  rigid  fuselage  linear  acceleration  of  the  origin  of  the 
H  - > 


moving  coordinate  system  and  p  and  tu^  have  been  defined  by  Equations  (3-5) 


and  (3-6),  respectively.  The  last  three  terms  are  the  blade  accelerations 
produced  by  the  elastic  hub  motions  and  the  mast  windup  as  discussed  in 


Section  3.2.9.  Each  mass  point  on  the  blade,  when  multiplied  by  as 


given  by  Equation  (3-15),  would  produce  a  force  that  must  be  accounted 
for  in  the  elastic  rotor  analysis,  There  is  also  an  inertial  moment  due 
to  cyclic  feathering  acceleration  that  would  tend  to  twist  the  blade. 


It  is  necessary  to  consider  each  term  in  Equation  (3-15)  in  one  of  the 
following  manners: 


(1) 


Included  in  the  calculation  of  the  blade  natural  frequencies 
mode  shapes 


(2)  Included  in  the  externally  supplied  forcing  function  as  indi¬ 
cated  by  Equation  (3-12),  or 


(3)  Assumed  small  in  comparison  with  other  terms  present  and  thus 
may  be  neglected. 


The  first  term  in  Equation  (3-15)  is  linear  acceleration  of  the  hub  rela¬ 
tive  to  ground  as  expressed  in  the  rotating  coordinate  system.  This  term 
includes  the  linear  acceleration  of  and  the  angular  acceleration  about  the 
fuselage  eg,  and  these  terms  have  been  considered  in  previous  versions 
of  the  program  (see  Reference  2).  The  only  modification  that  has  been 


made  to  this  term  in  the  present  version  is  the  addition  of  the  elastic 


pylon  motion  which  is  discussed  in  Section  3.2.9.  All  terms  relating  to 
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h  mUSt  be  treated  as  externally  applied  distributed  inertial  forces. 

All  inertial  forces  associated  with  the  second  term,  P,  in  Equation  (3-15) 
have  been  included  in  the  calculation  of  the  blade  mode  shapes  and 
natural  frequencies  because'^-  is  the  mass  point  acceleration  in  the 

shaft  axis  system  and  cannot  be  used  to  describe  the  nonuniform  motion  of 
the  reference  axis  system. 

The  third  term  in  Equation  (3-15)  gives  rise  to  some  interesting  terms 
Using  Equations  (3-5)  and  (3-6), 


x  (wb x  p) 


VbY  -  xqh  -  xrh  -  PA 


+  J  [+qbZrb  -  Yrb2  -p  2v  +  xp.q. 


k  pbXrb  +  pb2z  +  qb2z  +  Yqbrb  (3-16) 


Now  let  it  be  assumed  that  the  product  of  any  blade  displacement  times 
ny  fuselage  rate  is  small  in  comparison  to  the  other  terms.  Thus, 


aJb  X(  ub  x  P  )  = 


+  xpb  rb^  "  rb2  Y  J 


(3-17) 


The  i  component  of  Equation  (3-17)  is  the  centripetal  acceleration  term 
which  has  been  included  in  the  calculation  of  the  blade  natural  frequencies 
and  mode  shapes.  The  term  Yrfa2  is  assumed  to  have  been  included  in^he 

calculation  of  the  normal  modes.  Now  let  it  be  assumed  that  r  =  -  n 

Is  the  rotor  speed.  Then  the  k  component  of  Equation  (3-17)  becomes 


X  (cub  X  P  )=  -  npbxit 


(3-18) 


which  is  one  component  of  the  gyroscopic  terms  mentioned  in  Reference  2 
and  which  must  be  treated  as  externally  applied  distributed  inertial  forces. 

If  the  centripetal  acceleration  and  the  term  Yrfa2  are  not  included  in  the 

calculation  of  the  blade  natural  frequencies  and  mode  shapes,  then  the 
nerial  force  due  to  these  effects  must  be  treated  as  an  externally 
applied  force  on  the  response  calculation.  This  condition  would  correspond 
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Lo  the  use  of  nonrotating  natural  frequencies  and  mode  shapes.  It  is 
assumed  in  this  analysis  that  the  centripetal  acceleration  has  been 
included  in  the  natural  frequencies,  and  can  thus  be  neglected  in  the 
externally  applied  forcing  function. 

The  fourth  term  in  Equation  (3-15)  can  be  written  as 


- 

— ) 

i** 

- 

i 

+%z  -  N 

+  j 

xr,  +  p,  Z 
b  b 

+  k 

[PbY  -  V. 

(3-19) 

Again,  it  is  assumed  that  all  products  involving  the  elastic  displacement 
of  the  blade  times  an  angular  velocity  at  the  fuselage  are  small,  so  that 
Equation  (3-19)  can  lie  written 


(3-20) 


-xnT 


(3-21) 


The  j  component  is  the  result  of  the  mast  windup  differential  equation 
mentioned  in  the  discussion  of  the  input  mode  shape.  This  component  is 
most  important  in  its  relationship  to  the  Coriolis  forces.  The  it 
component  is  the  second  part  of  the  gyroscopic  terms  discussed  in 
Reference  2.  The  inertial  terms  produced  by  Equation  (3-21)  must  be  treated 
as  externally  applied  distributed  inertial  forces. 

The  last  term  in  Equation  (3-15)  produces  the  Coriolis  terms  and  may  be 
written 


(3-22) 


or,  to  be  consistent  with  the  previous  assumptions, 


2uu^  X  p 


=  -  2  xriT  -2Yrb"x 


(3-23) 


To  better  understand  the  first  term  on  the  right  side  of  Equation  (3-23), 
refer  to  Figure  3-2,  where  from  the  geometry  it  can  be  written 


x 


=  \4r2  -  (Z-h)2 


(3-24) 


where  r  is  the  radial  distance  from  the  origin  to  the  point  P,  which  can 
be  differentiated  to  give 


x  = 


-Z(Z-h) 
y/  r2  -(Z-h)2 


(3-25) 


whore  h  is  the  underslinging. 

Equation  (3-25)  can  then  be  combined  with  Equation  (3-23)  to  give 

\!  r2  -  (Z-h)2 


(3-26) 


which  is  usually  referred  to  as  the  Coriolis  acceleration  and  must  be 
treated  as  an  externally  applied  distributed  inertial  force.  The  term  h 
Is  the  underslinging.  The  location  of  the  axis  of  constant  rotational 
speed  has  a  significant  effect  on  the  Coriolis  acceleration  term.  If 
the  inertia  of  the  rotor  is  large  in  comparison  to  the  mast  stiffness,  and 
the  rotor  is  free  to  flap,  then  the  axis  of  constant  rpm  will  be  perpen¬ 
dicular  to  the  tip-path  plane.  Conversely,  the  axis  of  constant  rpm 
would  be  along  the  mast.  These  conditions  are  approximated  by  removing 
the  rigid  blade  component,  if  any,  from  Z  and  Z  prior  to  calculating  the 
Coriolis  term.  A  more  complete  discussion  of  underslinging  is  given  in 
Reference  6.  The  second  term  cn  the  right  side  of  Equation  (3-23)  is 
the  Coriolis  acceleration  due  to  the  change  in  centripetal  acceleration 
generated  by  the  inplane  elastic  velocity.  This  term  has  a  significant 
effect  on  the  elastic  hub  motion.  Now  it  becomes  possible  to  rewrite 
Equation  (3-15)  in  the  following  form: 
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h.  t.ittw.tv^a-frii  /:v,  *'&aUSiiML* 


(rigid  hub  acceleration) 


+  VW'l 


(elastic  hub  acceleration) 


•  cVk 


(gyroscopic ) 


-  ^ 


( gyroscopic ) 


(mast  windup) 


2flZ(Z-h] 


('  2flZI 


(Z-h)‘ 


(Coriolis ) 


-  2YfJi  (Coriolis)  (3-27) 

where  the  terms  without  the  unit  vector  are  calculated  in  the  fixed 
coordinate  system  and  must  be  transformed  into  the  rotating  coordinate 
system.  In  F.quation  (3-27)  the  first  six  terms  on  the  right-hand  side 
account  for  the  nonuniform  motion  of  the  blade  reference  coordinate 
system.  The  last  two  terms  represent  the  velocity  dependent  dynamic 
terms  which  have  been  left  out  of  the  mode  shape  calculation. 

In  keeping  with  the  previously  introduced  notation,  the  inertial  com¬ 
ponents  from  Equation  (3-27)  may  be  written  as 


xv  *  (*H  +  lL\)  COH  *  " C’S I  +  lFaV)sin  ♦ 

y  x 


+  x*T  + 

T  7r2-(Z-h)2 


h  "  I’  V  *  r‘PbX ) 


(3-28) 


(3-29) 


and  1  =  -  b  (pi  +  pi  )  -  6  0  (pi,  -  pi  ) 


(3-30) 


In  Equation  (3-30),  the  first  term  on  the  right  side  is  the  moment  produced 
by  the  cyclic  acceleration  of  the  blade,  while  the  second  term  is  the 
Incremental  centrifugal  twisting  moment  due  to  the  cyclic  pitch,  6  .  The 

tennis-racket  moment  due  to  the  collective  pitch  is  included  in  the  blade 
natural  frequencies  and  mode  shape. 


inertial  forces  are  now  known  it  s  L  !°"  ^  the  distributed 

function  F  for  each  modal  eouation  as!' •  ^  the  t0tal  forcing 

can  then  be  used  to  calculate  the  time  Equation  0-11),  which 

the  rotor  system.  ie-variant  aeroelastic  response  of 

3 • 2 • 6  Precone  Effects 

If  the  precone  anple  <5  , 

the  rotor  notoral’freqffencies  the°nn„rTSlder<!d  d“‘‘ine  the  “Elation  of 

manned Uy  -o £ .' 

<l)  iS.^r^'SK- '»■» 

<2)  £  ^  I-  broken  into 

™  sin0o’  whlch  IS  perpendicular  to 

blade,  and  xMn  cos  0O,  which  is  along  the  blade  (see 
Figure  3-2). 

shape,  the  ®«erMHy ^ppUed'afr11  “°"hf °i ,each  ”ode 

*  the  precone 

0 


Al  =  xMCi  sin  0 
^  o 


(3-31) 


AI2  as  given  by  Equation  (3-31,  should  be  added  to  the  right  side  of 
Equation  (3-29). 

3‘2'7  Upping  Springs,  Happinc  .Stops,  and 

mechanical  forc'es^ha^s  t^c  ”Ith  hard""fa  that  generate 

Among  these  items  ere  flapping  springs^  la"  *"  elastlc  rotor  analysis, 
dampers.  To  consider  the  firSt  two  ft™ refer  t  T’ 

Let  it  be  assumed  that  the  flapping  stop  is  placed  at  some'engleT  3'4' 

and  that  there  is  an  associated  spring  with  a  spring  rate  k.  i„.-lb/rad. 

The  flapping  stop  is  simulated  by  a  nonzero  value  of  S  anH  a  . 

larger  spring  rate  (k  ).  Pstop’  and  a  much 


Flapping 

Spring 


k 


1 


Rotor 

Shaft 


Spring  k ^  acts  at  all  (3. 

Spring  k^  acts  only  when  |3  >  psto^ 


Figure  3-3.  Schematic  Diagram  of  Flapping  Spring  anti  Slops. 


Flapping  Spring  and  Stops. 


The  blade  root  flapping  angle  g(t)  is  defined  at  each  time  point  in  the 
maneuver.  The  moment  transmitted  to  the  top  of  the  mast  is  given  by 


M  =  (M  )  .  +  (M  )  . 

s  '  s  spring  s  stop 


(3-32) 


The  two  components  of  Mg  are  defined  as  follows: 


s  spring 


kL0  if  |  p  |  <  Pf 

kl  ^ s top  sign  ^  lf  I  P  I  >  P, 


(3-33) 


(0.0  if  |  p|  <  g 

s)st°P  (k,  (|g|  -  Pct.  >  sign  (g)  if  |  P|  >B 


stop  (3.34) 


Figure  3-4  is  a  plot  of  Ms  based  on  Equations  (3-32),  (3-33),  and  (3-34). 

That  same  moment  M  can  be  used  in  calculating  the  work  done  by  the 
S 

externally-applied  loads  acting  through  the  n  mode  shape.  Let  it  be 
assumed  that  0  is  the  slope  at  the  hub  in  the  vertical  plane  associated 

t*  Vi  ^ 

with  the  n  mode  shape;  the  incremental  out-of-plane  component  F  of  the 

th  " 

forcing  function  Fn  for  the  n  mode  shape  becomes 


AI  »  -M  0 
z  s  n 


(3-35) 


This  increment  to  I  should  then  be  added  to  the  right  side  of  Equation 
(3-29)  to  account  for  flapping  springs  and  stops. 

Lead-lag  dampers  are  handled  in  a  fashion  similar  to  that  shown  in  Figure 
3-5.  It  is  assumed  that  at  some  radial  point,  r^,  a  viscous  damper  (with 

damping  rate  c  Ib/ft/sec)  is  attached  inplane.  The  inplane  velocity  of  the 
attachment  point  is  given  by 


Y<ri>  -  £  Vl>  Y„<ri> 

n=l 


(3-36) 


which  would  then  produce  a  damper  force,  Fjamp,  given  by 

F.  =  Y(r.)c 
damp  1 


(3-37) 
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Fn  Of  the  modal  aquation'  P  oomponant  F,  „f  the  forcing  function 


My  -  LyOtj)]  LYn(r,>]c 


where  r  is  defined  in  the  program  to  be  0.1  R. 
3*2,8  Rotor  Bending  Moments 


(3-38) 


By  use  of  the  modal  technique,  it  is  possible  to  show  that 


Y(x,t)  MM  rYn(xf 

oSX’t!  =X  Zn<*>  6n<t) 
■9(,<'tL  n-j  L®n(x)J 


(3-39) 


Yn(x) 


“here  Le"(x)J  “  "th  input  m0de  Shape  and  M«>  1»  the  participation 


(1)  Total  Out-of-Plane  Bending  Moment 


NM 

VBMT(x0,t)  =£  YBMn(x0)6n(  t ) 


(3-40) 


(2)  Total  Out-of-Plane  Shear 


NM 

ST(x0,t)  =  ]T  VSn^o>6n(t' 


(3-41) 


(3)  Total  Inplane  Bending  Moment 


NM 

IBMT(x0,t)  =y^  lBMn(xo)6n(t) 


(3-42) 


(4)  Total  Inplane  Shear 


NM 

IST(x0,t)  =  £  ISn(x0)6n(t) 


(3-43) 


A&ittt&Vi?*  t,Wti at  ia^: 


(5)  Total  Torsional  Moment 


TBMT(xQ,t)  =2  TBVxo)6n(t) 

n=l 

where  NM  is  the  total  number  of  modes. 


(3-44) 


The  load  coefficients  VBMn(x0),  VS  <x  ),  IBM  (x  ) ,  IS  (x  ),  and  TBM  (x  ) 

are  functions  of  the  input  blade  mode  shape,  mass  and" inertial  distri-° 
nut ion,  rotor  speed,  and  the  nature’  frequency  of  the  mode. 


The  Euler  beam  equation  (Reference  4)  shows  that  the  out-of-plane  bendine 
moment  VBMt(xq)  is  given  by  P  Ming 


VBHr(x0)  =  ei  2-L 


(3-45) 


where  Z  is  the  total  out-of-plane  displacement  and  EIZ  is  the  blade  out- 


of -p lane  stiffness.  Combining  out-of-plane  components  of  the 
equations,  it  follows  that 


two  previous 


,2  MM 


VBMT ( X , t )  »  EI2  — 2[  2  Z„  ■  6n(t)] 


(3-46) 


but  since  &n(t)  is  independent  of  x, 


NM  2 

VBMT(xQ,t)  =  2  C 6 n ( t ) ]EIz  d  Zn 

n—  1  rtv 


(3-47) 


which  can  be  written  as 


VBMT(xQ,t)  =2  6n(t)  VBMn(xo) 
n=l 


(3-48) 


where 


VBM  (x  )  =  EI  d2zn 

nv  o'  z  - ~ 

dx^ 


(3-49) 


It  can  be  seen  that  VBMn(x0)  is  independent  of  time  and  can  be  calculated 
prior  to  calculating  the  elastic  response.  Just  as  Zn(xQ)  describes  the 
out-of-plane  displacements  of  the  nfch  mode  shape,  VBMn(xo)  describes  the 
out-of-plane  bending  moment  associated  with  the  ntn  mode  shape.  To  avoid 
difficulties  in  differentiating  the  mode  shapes  twice,  the  out-of -plane 
bending  moment  VBMn(x0)  associated  with  the  nth  mode  at  radial  station  xD 
can  also  be  defined  by 

*1n(x0)  =fR  i^n2Zn(x)J  (x-xQ)  -  (M*fl2)  [Zn(x)-Zn(xQ)  ]  |  dx  (3-50) 


VBM 


x. 


which  is  the  moment  produced  by  all  forces  outboard  of  xQ>  as  shown  by 
Figure  3-6.  The  forces  on  Figure  3-6  can  be  obtained  by  making  the 
following  assumptions: 

(1)  Each  point  on  the  blade  is  executing  pure  harmonic 
motion,  whose  amplitude  is  given  by  the  nth  mode  shape. 

(2)  The  harmonic  motion  occurs  at  the  natural  frequency  u>n. 

(3)  The  rotor  speed  is  fJ. 

(4)  There  are  no  externally  applied  air  loads. 

Figure  3-6  shows  the  load  distribution  associated  with  the  out-of- 
plane  motion  subject  to  the  above  four  conditions. 

In  a  similar  manner  it  can  be  shown  that  the  vertical  shear  force  asso¬ 
ciated  with  the  n^  mode  at  any  point  x0  can  be 


'W  ■  H  [vBMB(xo)] 


x=x 


(3-51) 


or 


VS  (x  )  =  (El  ^tt)] 
n  o  dx  z  dx^ 


(3-52) 


x=x 


But  VSn(x0)  can  also  be  obtained  by  summing  the  out-of-plane  forces, 
associated  with  the  nth  mocje  shape,  outboard  of  station  x  as  shown  by 
Figure  3-6.  Thus, 


VS(xq)= y'RMZn(x)  w_2  dx 


n 


(3-53) 
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I 


I 


Following  the  same  reasoning,  the  inplane  coefficients  can  be  deduced 
from  the  load  distribution  shown  in  Figure  3-7. 


IBMn(xQ)  =  fK  \  Cm  Yn(x)  (u)n2  +  02)](x  -  xq) 

^  v 


-  [M  xfi  ][Yn(x)  -  Yn(xQ ) 3 !  dx 


(3-54) 


and  the  inplane  shear  IS  (x  )  is 
r  n  o 


IS  (x  )  =  fR  M  Y  (x)  (uj  2  +  fl2)  dx 
n  o'  J  n'  n 


(3-55) 


The  torsional  moment  at  any  point  xQ  can  be  derived  by  observing  the 
mode  shape  shown  in  Figure  3-8. 

The  mass  moments  of  inertia  of  the  cross  section  about  the  principal  axis 
of  inertia  are  plb(x)  and  pic(x),  where  pib(x)  is  significantly  greater 
than  plc(x) .  The  torsional  moment  is  then  given  by 


TBM 


:n(xo}  =  fR  *(PIb  +  Pic)  9n(x)  «»  2 


-  (Pib  *  pic)  n  en(x)|  dx 


(3-56 ) 


If  the  blade  stiffness  distribution  were  input  data  to  this  program,  the 
load  coefficients  could  be  obtained  by  combining  the  stiffness  distri¬ 
bution  with  certain  spatial  derivatives  of  the  mode  shapes.  Since  the 
mode  shapes  are  defined  at  only  twenty-one  points  along  the  blade 
radius,  performing  the  spatial  derivatives  can  lead  to  numerical  diffi¬ 
culties  . 

As  mentioned  in  the  description  of  the  mathematical  model,  in  the  elastic 
trim  procedure  (discussed  in  Section  9)  the  harmonic  representation  of 
6n(t)  is  obtained.  Using  these  values  of  the  harmonic  components,  the 
rotor  loads  (beam,  chord,  and  torsional  bending  moment)  at  twenty  equally 
spaced  radial  stations  are  calculated.  The  beam  and  chord  bending 
moments  are  obtained  from  the  inplane  and  out-of-plane  bending  moments 
by  a  transformation  through  the  geometric  pitch  angle  (except  for  the 
inboard  10  percent  of  the  blade  which  is  assumed  not  to  feather). 

During  the  maneuver  portion  of  the  program,  the  rotor  bending  moments  at 
any  particular  radial  station  can  be  printed.  The  maneuver  output  also 
prints  the  three  components  (fore-and-aft,  lateral,  and  vertical)  of  the 
shear  forces  at  the  top  of  the  mast.  These  shear  forces,  in  the  fixed 
coordinate  system,  are  used  to  drive  the  hub  motion  equations  as  described 
in  the  next  section. 
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Figure  3-6.  Vertical  Inertial  Forces  on  Rotor  Blade 


M(x)xfi' 


M  ( x )  Y  ( x  )  X 


Inplane  Inertial  Forces  on  Rotor  Blade 


Figure  3 


Figure  3-8.  Torsional  Inertial  Moments  on  Rotor  Blade 
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I .  2 .  d  Pylon  Motion  and  Mast  Windup 

Till'  behavior  of  the  elastic  rotor  is  dependent  on  tin  luib  rest  mint 
imposed  on  l  1h>  blade  which  Is  modeled  by  throe  independently  actuated 
equations.  The  first  two  describe  the  fore-and-aft  and  tin  lateral 
motion  of  the  pylon,  while  the  third  equation  is  related  to  the  mast 
windup.  The  I  rue -body  diagrams  associated  with  the  fore-and-aft  and 
lateral  pylon  motion  are  shown  in  Figures  l-(>  and  .1-10  respectively. 

The  fore-and-aft  and  lateral  pylon  spring  rates  are  kj,.  and  U|  respec¬ 
tively.  The  same  subscripting  convention  is  used  for  all  applicable 
pylon  variables.  The  effective  pylon  lengths  (1^,  and  1.)  are  defined 
as  the  distance  from  the  pivot  point  or  focal  point  to  the  center  of  the 
rotor  hub,  The  mass  moments  of  Inertia  of  the  pylon  alone,  without  any 
rotor  mass,  about  the  focal  point  are  f  and  1^  . 

The  top  view  of  the  pylon  motion  is  shown  In  Figure  3-11,  The  linear 
acceleration  of  the  hub  in  the  fore-and-aft  direction  is  Ipap,  and  in 
the  lateral  direction  is  lj‘a‘j  .  The  hub  accelerations  will  produce  the 
inertial  forces  on  the  blade  mass  M  as  shown  by  the  dotted  arrows  on 
Figure  1-11.  The  inertial  force  perpendicular  to  the  blade  is  accounted 
for  in  F.quation  (1-28),  and  thus  may  be  eliminated  from  this  discussion. 
The  inertial  lorce  acting  in  the  radial  direction  has  lot  been  treated 
previously.  The  inertial  force  in  the  radial  direction  can  be  resolved 
into  components  in  the  fore-and-aft  and  lateral  directions  and  integrated 
over  all  the  blades  to  give  a  fore-and-aft  inertial  force  Fj, 


m  ••  ') 
lrF  “  -Nblade]T 


-  lja  sin  if j cos 


(3-5?) 


and  a  lateral  inertial  force  F, 


VL  =  'Mbl«de^  (V'Vin  V'os  ♦l  '  ’l/'l.81''2  S) 


(3-58) 


These  inertial  forces  must  be  treated  in  the  pylon  equations. 

Referring  to  the  model  for  the  fore-and-aft  pylon  motion  shown  In  Figure 
1-0,  it  can  be  seen  that 


V  -v  -  ■  w  •  *VV  -  1  1 . :;X  1  'i  '  V  " 

O  O 


(3-59) 


and  from  the  model  for  the  lateral  pylon  motion  shown  In  Figure  1-10, 
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Figure  3-9.  Model  for  F/A  Pylon  Motion 
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Figure  3-11 


Top  View  of  Pylon  Motion 


In  the  above  equations,  Sx  and  Sy  are  the  components  in  the  fixed  coordi¬ 
nate  system  of  the  inplanc  hub  shear  as  defined  by  Equation  (3-43)  and 
the  integrated  change  in  centrifugal  force  produced  by  the  change  in 
effective  rotor  speed  as  defined  by  the  .econd  term  in  Equation  (3-23)  . 
Likewise,  PMOM  and  RMOM  are  the  components  of  the  total  out-of-plane 
bending  moment  as  given  by  Equation  (3-40).  The  conventional  angular 
rates  of  the  rigid  body  fuselage  are  p,  q,  r,  while  am  is  the  total 
mast  tilt  angle. 


There  are  two  other  major  effects  of  the  elastic  pylon  motion  which  must 
be  included  in  the  analysis.  The  first  is  the  effect  of  the  elastic 
pylon  velocity  on  the  blade  element  velocity  in  the  blade  aerodynamic 
calculations.  This  effect  is  shown  in  Equation  (3-101)  given  in  Section 
3.3.3.  The  second  major  effect  is  the  coupling  between  the  elastic 
pylon  displacement  and  the  geometric  pitch  of  the  blade.  This  coupling 
is  accounted  for  in  the  following  manner: 
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where  the  elements  of  partial  derivative  matrix  are  input  parameters. 

The  elastic  mast  windup  can  be  represented  by  a  differential  equation. 
Referring  to  Figure  3-12,  it  is  assumed  that  at  the  bottom  of  the  shaft, 
an  infinite  inertia  (L»)  which  turns  at  a  constant  angular  speed,  1%,  is 
present.  At  the  top  of  the  shaft  is  a  concentrated  inertia  (ls)  which  is 
equal  to  the  combined  inertia  of  the  rotor-pylon  system  and  the  rotating 
components  of  the  control  system.  Connecting  the  two  inertias  is  a 
flexible  shaft  of  stiffness  ks .  It  now  becomes  possible  to  write 
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where  the  forcing  function  is  defined  by  Equation  (3-42)  in  Section  3.2.8 
and  (%T  is  given  by  - 

U)  =  \  ~  (3-63) 


where  ks  is  an  input  parameter. 
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Equation  (3-o2)  describes  the  mast  windup  in  response  to  externally 
applied  rotor  loads.  The  inertial  effects  due  to  the  mast  windup  on 
the  blade  loads  have  been  previously  discussed.  The  inertial  loads  on 
the  blade  produced  by  the  mast  windup  acceleration  are  represented  by 
the  fifth  term  in  Equation  (3-28).  The  calculation  of  the  blade  aero¬ 
dynamics  Includes  the  incremental  blade  velocities  caused  by  the  mast 
windup  velocity. 

The  gross  rotor  forces  (II  force,  Y  force,  and  thrust)  and  rotor  moments, 
as  obtained  from  the  integration  of  the  aerodynamic  forces  acting  on  the 
rotor,  are  used  in  the  fuselage  equations  of  motion.  The  hub  shears  and 
moments,  as  calculated  from  the  clastic  rotor  response,  are  used  as 
forcing  function  to  the  pylon  motion  and  mast  windup  differential 
equations.  Both  sets  of  forces  and  moments  are  assumed  to  be  acting 
at  the  top  of  the  mast.  The  use  of  the  effective  pylon  lengths  in  the 
pylon  equations  simulates  the  u/namic  effects  of  the  focused  pylon  con¬ 
cept.  The  accelerations,  velocities  and  displacements  from  the  pylon 
motion  and  mast  windup  are  used  in  the  evaluation  of  the  aerodynamic 
and  inertial  forces  on  the  rotor. 

When  only  the  rigid  blade  mode  is  used,  the  gross  rotor  forces  are  used 
in  conjunction  with  the  hub  restraint  equations.  This  path,  which  per¬ 
mits  the  use  of  hub  restraint  equations  with  a  rigid  blade,  is  used  in 
the  stability  analysis  portion  of  the  program. 

3.2.10  Blade  Mode  Type  Selection 

The  rotor  hub  has  the  ability  to  act  as  an  attenuator,  filter,  or  ampli¬ 
fier  with  reference  to  the  transmissibility  of  the  externally  applied 
loads.  Gcssow  «*"d  Myers  (Reference  7)  show  the  response  of  various  hub 
configurations  to  forces  with  various  harmonic  excitation  frequencies. 
This  unique  behavior  of  the  rotor  hub  can  be  related  to  the  behavior  of 
the  mode  shapes  used  to  describe  the  total  rotor  system.  The  boundary 
conditions  used  to  calculate  and  describe  the  blade  modes  are  given  in 
Table  3-1. 


TABLE  3-1.  BLADE  BOUNDARY  CONDITIONS  AT  ROOT 

Mode  Type 

Out  of  Plane 

Inplane 

Torsion 

Co  1 lec  tive 

Cyclic 

Scissor 

Cantilever 

Pinned 

Cantilever 

Pinned 

Cantilever 

Cantilever 

Cantilever 

Cantilever 

Cantilever 
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The  proper  selection  of  which  blade  'node  types  (cyclic,  collective,  or 
scissor)  should  be  used  Is  essential  to  an  accurate  rotor  simulation.  The 
purpose  of  tills  section  Is  to  describe  the  technique  used  to  ascertain 
which  mode  types  shoo  Id  he  used  to  represent  various  hub  types.  The  next 
section  describes  how  i.he  Input  blade  inodes  are  combined  into  rotor  modes 
which  arc  used  In  the  eimpuler  program. 

The  first  step  In  selecting  which  type  blade  modes--collective,  cyclic, 
or  scissor-'should  be  used  In  the  rotor  simulation  is  to  define  the  hub 
boundary  conditions  that  can  exist  for  each  blade.  The  hub  boundary  con¬ 
ditions  are  a  function  of  the  type  hub- -gimbaled ,  teetering,  hingeless,  or 
articulated.  For  the  latter  two- -hinge less  or  articu Lated--cach  blade's 
behavior  is  Independent,  of  any  other  blade's  behavior.  However,  for  the 
gimbaled  or  teetering  huh  there  Is  moment  carry-over  across  the  hub,  so 
it  is  possible  for  any  one  blade  to  affect  the  behavior  of  the  other 
blades . 

The  hub  boundary  conditions  for  a  rotor  blade  must  include  the  out-of- 
plane,  inplane,  and  torsional  end  restraint.  The  out-of-plane  boundary 
condition  for  all  blades  on  a  hlngclcss  or  rigid  hub  is  cantilever;  i.e., 
out-of-planc  slope  is  zero.  See  Table  3-2  for  these  boundary  conditions 
and  their  corresponding  mode  types. 


TABLE  3-2.  BLADE  BOUNDARY  CONDITIONS  AND  MODE 
FOR  HINGELESS  OR  ARTICULATED  HUBS 

TYPES 

Mast 

Torsional 

Stiffness 

Boundary  Condition 

Blade 

Mode 

Type 

Inplanc 

Out  of  Plane 

Torsiona 1 

Zero 

Pinned 

Cant i lever 

Cantilever 

Col lect i vi 

Nonzero 

Cantilever 

Cantilever 

Cant i lever 

Scissor 

The  selection  of  mode  types  for  hubs  with  moment  carry-over,  i.e.,  teeter¬ 
ing  or  gimbaled,  is  somewhat  more  difficult  than  for  the  hingeless  or 
articulated  hubs.  The  first  step  is  to  determine  the  actual  boundary  con¬ 
ditions  that  are  compatible  with  the  blade's  response  to  integer-per-rev 
harmonic  forcing  functions.  The  four-bladed  gimbaled  rotor  displays  all 
the  possible  characteristics  of  the  hubs  with  moment  carry-over,  and  will 
therefore  be  used  as  an  example.  Let  it  be  assumed  that  positive  out-of¬ 
plane  bending  (com]  ression  in  top  of  blade)  is  accompanied  by  positive 
inplane  bending  (tension  in  leading  edge).  Figure  3-13  shows  that  for  the 
0  or  4-per-rev  response,  each  blade  tip  moves  up  and  aft.  Thus,  the  out- 
of-plane  boundary  condition  is  cantilever.  The  inplane  boundary  condition 
depends  on  the  mast  torsional  stiffness.  For  zero  mast  torsional  stiff¬ 
ness,  the  inplane  boundary  conditions  would  be  pinned,  which  would  require 
the  use  of  collective  blade  modes.  For  the  nonzero  mast  torsional  stiff¬ 
ness,  the  scissor  blade  modes  would  be  used  to  describe  the  response  at 
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Rotor 

Mode 


Bladed  Gimbaled  Rotor 
rcing  Functions. 


O-per-rev  or  4-per-rev.  The  1-per-rev  and  3-per-rev  are  very  similar.  In 
both  cases,  the  out-of -plane  boundary  condition  is  pinned  and  the  inplane 
is  cantilever,  regardless  of  the  mast  torsional  stiffness.  For  the  2-per- 
rev  blade  response,  blades  1  and  3  move  up  and  aft;  blades  2  and  4  move 
down  and  forward.  The  out-of-plane  boundary  condition  is  cantilever  (the 
out-of -plane  slope  is  zero).  The  hub  inplane  2-per-rev  moment  produced  by 
blade  1  is  equal  and  opposite  to  that  produced  by  blade  2;  likewise, for 
blades  3  and  4.  Thus,  the  total  hub  moment  from  the  four  blades  is  zero, 
so  there  is  no  hub  moment  tending  to  wind  up  the  mast  (regardless  of 
the  mast  torsional  stiffness).  This  condition  is  compatible  with  the 
cantilever  inplane  boundary  condition. 

The  procedure  described  for  the  four-bladed  gimbaled  rotor  can  be  applied 
to  any  rotor  system  with  moment  carry-over.  The  resulting  blade  boundary 
conditions  associated  with  any  integer  per-rev  response  n,  for  any  number 
of  blades  b,  and  the  corresponding  mode  types  are  summarized  in  Table  3-3. 

TABLE  3-3.  BLADE  BOUNDARY  CONDITIONS  AND  MODE  TYPES 
FOR  GIMBALED  OR  TEETERING  HUBS 


Mast 

Boundary  Condition 

Blade 

Tors iona 1 
Stiffness 

Harmonic 

Per  Rev 

Inplane 

Out  of  Plane 

Torsional 

rioae 

Type 

nb 

Pinned 

Cantilever 

Cantilever 

Collective 

Zero 

b(n-J§) 

Cantilever 

Cantilever 

Cantilever 

Scissor  * 

all  other 

Cantilever 

Pinned 

Cantilever 

Cyclic 

nb 

Cantilever 

Cantilever 

- 

Cantilever 

Scissor 

Nonzero 

b(n-Jj) 

Cantilever 

Cantilever 

Cantilever 

Scissor* 

all  other 

Cantilever 

Pinned 

Cantilever 

Collective 

n  =  integer  per-rev  response 
b  =  number  of  blades 


*Only  meaningful  for  gimbaled  rotor 
systems  with  four  or  six  blades 


The  order  in  which  the  mode  shapes  are  arranged  in  the  input  data  in 
terms  of  natural  frequencies  (ascending  or  descending)  is  unimportant 
except  for  one  condition:  the  mode  shape  that  has  a  natural  frequency 
closest  to  one  per  rev  must  be  the  first  input  mode  shape.  It  is  not 
required  that  the  mode  shapes  have  adjoining  frequencies;  i.e.,  certain 
mode  shapes  can  be  replaced  with  mode  shapes  with  higher  natural  fre¬ 
quencies.  Once  the  natural  frequencies  and  their  corresponding  mode 
shapes  are  known,  the  only  other  modal  input  required  is  the  structural 
damping  coefficient,  which  should  be  taken  as  approximately  2  percent 
critical  for  all  modes  except  the  rigid-body  mode,  for  which  it  is  zero. 


A  flow  chart  for  selecting  the  proper  blade  modes  Lo  simulate  any  conven¬ 
tion'll  hub  is  shown  in  Figuic  3-14. 

Based  on  these  input  blade  modes,  the  computer  program  must  have  a  logic 
network  to  combine  the  blade  modes  in  the  proper  manner.  The  logic  net¬ 
work  will  be  described  in  the  next  section. 

3.2.11  Hub  Transfer  Coefficient  Matrix 

The  approach  of  t lit  modal  technique  is  sufficiently  general  to  handle  any 
particular  combination  of  hub  type  and/or  number  of  blades.  The  principal 
problems  arise  from  the  fact  that  the  normal  modes  of  vibration  and  the 
natural  frequencies  arc  calculated  for  the  individual  blades  while  the 
modal  equations  are  written  for  rotor  modes.  Some  blade  modes  can  be 
combined  to  form  a  rotor  mode  that  can  be  described  by  one  equation--con- 
sielcr  a  collective  blade  mode  for  a  gimbaled  rotor  where  all  blades  go  up 
and  clown  together.  Other  blade  modes  are  combined  to  form  a  rotor  mode 
that  requires  two  independent  modal  equations  to  define  its  position-- 
consider  a  cyclic  blade  mode  for  a  gimbaled  rotor  which  could  move  about 
two  perpendicular  axes  (fore-and-aft  flapping  and  lateral  flapping). 

The  number  of  independent  rotor  modal  equations  required  to  describe  a 
given  blade  mode  is  as  follows:  For  aLl  rotors  where  there  is  moment 
carry-over  at  the  hub,  two  equations  are  required  to  described  each  cyclic 
mode  and  one  equation  to  describe  each  collective  or  scissor  blade  mode; 
for  all  rotors  where  there  is  no  moment  carry-over  at  the  hub,  one  inde¬ 
pendent  equation  must  be  written  for  each  mode  for  each  blade.  Thus, 
the  total  number  of  independent  equations  required  to  describe  any  combi¬ 
nation  of  hub  type  and  number  of  blades  is  difficult  to  express  in  general 
terms.  It  can  be  shown,  however,  that  the  number  of  dependent  equations 
is  b  times  NM  where  there  are  b  blades  and  Nil  the  number  of  input  mode 
shapes.  These  dependent  equations  can  be  used  to  describe  all  conven¬ 
tional  hub  types  (hingeless,  articulated,  gimbaled,  or  teetering)  for  any 
number  of  blades.  It  is  required  that  each  input  blade  mode  shape  be 
designated  as  to  whether  it  is  to  be  formed  into  independent,  cyclic, 
collective,  or  scissor  rotor  mode  shapes.  The  independent  rotor  modes 
arc  associated  with  those  rotor  hubs  without  moment  carry-over,  and  are 
thus  capable  of  responding  at  all  integer  multiples  of  the  rotor  speed. 

The  cyclic,  collective  and  scissor  rotor  modes  are  associated  with  hubs 
with  moment  carry-over.  Collective  rotor  modes  respond  at  nb/rev;  scissor 
rotor  modes  respond  at  b(n- 1/2 )/rcv ;  and  cyclic  rotor  modes  respond  at 
all  other  harmonics  where  b  is  the  number  of  blades,  and  n  can  be  any 
nonnegative  integer.  Scissor  rotor  modes  are  associated  only  with 
gimbaled  hubs  with  4  or  b  blades. 

The  Hub  Transfer  Coefficient  (HTC)  matrix  is  used  to  represent  the  inter¬ 
dependency  of  hub  type  and  mode  type.  The  HTC  matrix  will  be  derived  for 
several  different  combinations.  For  each  case,  the  input  mode  shape 
will  be  MS(x),  the  generalized  inertia  of  one  blade  will  be  I  ,  and  the 
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externally  applied  loads  on  blade  j  will  b,  A.(x),  win,  comaonents  F 
K  »  >>nd  Wo  as  eivcn  hu  K  nn.nhirm  /Q..n\  J  *  n  C II  S  \  r  > 


z  ’  ;mcI  Me  as  given  by  Equation  (3-]?), 


'J 


Y  .  ? 
J 


written:  P  (  }’  W°  indePendent  rotor  modes  can  be 


Mockjvo.  Blade  1 


MODE  SHAPE 
Blade  2 


MS  ( x ) 
0 


Blade  3  Blade  4 


0 

MS(x) 


-MS (x) 
0 


0 

-MS(x) 


The  inertia  of  each  mode  would  be  21^  The  virtual  work  done  by  the 
externally  applied  air  loads  acting  through  the  ntPl 


for  the  first  independent  rotor  mode 


mode  shape  would  be 


wi  ■ 


'XIIV0  '  Zn(x)  +  V’'>  •  v*>  +  »6i<*>  •  V* 


>1 


'  |  Fz  <x>  ■  zn(x)  +  fy  <x>  •  v  (x)  +  M  (x)  ■  9 
j  a  “  b,  n 


(x) 


dx  (3-64) 


or 


W1  =  J)(MSn(x)  *  Al(x)  ’  MSn(x)  •  A3 (x) |  dx 


and  for  the  second  independent  rotor  mode 


W2  ~  fQ  MSn(x)  *  A2(x)  ‘  MSn(x)  *  V*)  dx 
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(3-66 ) 


and  the  two  independent  modal  equations  (one  for  each  mode)  would  be 


e  +  2£U)  e  +  w  e  =  —  = 

1  n  1  n  1  21 

n 


W  fQ  MS (x)  •  Aj(x)  -  MS(x)  •  A3(x)  dx 


(3-67) 


6 2  +  2^n62  +  ^n  e2  =  H 


l\ 

f0  MS (x) 


A^(x)  -  MS(x)  •  A^(x)  dx 


(3-68) 


If  and  are  independent  generalized  coordinates,  the  6^,  6^,  6^,  6^ 
are  localized  dependent  blade  coordinates  such  that 
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S  '  -*i 
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1  1 
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It  then  becomes  possible  to  write  four  dependent  equations  of 


6  ,  4-  2Cw  6  ,  +  uj  6  .  =  F . 
j  n  ]  n  j  j 


j  =  1,  4  (3-70) 


where  is  written  as 


1  0 

0  1 

-1  0 


(3-71) 
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The  forcing  function  for  the  independent  equation  would  be 


I 


.■/ 


MS(x)  •  A  (x)  +  MS ( x )  •  A  (x )  +  MS(x)  •  A,(x) 


+  MS (x )  •  A.  (x )  dx 

-4 
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and  the  equation  of  motion  would  be 


F. 


2  2  '1 

e  +  2£ u,  c  +  a.  e  +  uu  e,  =  tt 

1  n  1  n  1  n  l  4 1 


(3-76) 


Since  6^  -  o  -  03  -  >, ^  -  e^,  it  becomes  possible  to  write  four  dependent 
equations  as 


2. 


5  ,  +  2U;  Qi  .  +  x  c.  =  F. 
J  n  j  n  j  j 


(3-77) 


where 
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W, 


W, 


w. 
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Thus,  for  a  collective  mode  for  a  gimbaled  rotor, 


HTC(i,j)  =  cos[NB  (  Ur  (  i  )  -  f(j))] 


(3-79) 


where  NB  is  the  number  of  blades, 


The  third  case  is  that  of  a  scissor  mode  f or  a  four-bladed  gimbaled  rotor. 
The  rotor  mode  for  a  scissor  mode  would  be 


Mode  No, 


Blade  1 


Blade  2 


Blade  3 


Blade  4 


MS  (x ) 


-MS(x) 


MS  (x) 


-MS (x) 
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and  the  forcing  function  for  the  independent  rotor  modal  equation  would  be 


K  f 

I  MS ( x )  •  At(x)  -  MS ( x )  ■  A2(x) 


-  MS(x)  '  A3(x)  MS(x)  •  A4(x)  dx 


(3-80) 


The  localized  blade  coordinate  would  be 


61  =  63  =  6 


62  =  64 


(3-81) 


The  four  dependent  equations  could  be  written 


t  .  +  2£ui  6  .  +  uj  26  .  = 


n  J  n  j  41 


(3-82) 


where 


1-1  1-1 

■1  1-1  1 
1-1  1-1 

■  1  l  - 1  1 


(3-83) 


which  lends  to  the  conclusion 


HTC  ( i ,  j)  =  cos  2  (  *(i)  '  'ii(j))  j 


(3-84) 


The  only  hub  type  remaining  is  that  where  there  is  no  moment  carry-over  at 
the  hub,  i.e.,  rigid  or  articulated.  For  this  type  rotor,  the  response  of 
blade  i  is  not  related  dynamically  to  the  loads  on  blade  J.  Therefore,  the 
Hub  Transfer  Coefficient  matrix  would  have  the  following  form: 


HTC ( i , j  )  — 


1  f  o  r  i  =  j 
0  for  i  f-  j 


(3-85) 


Equations  (3-74),  (3-79),  (3-84),  and  (3-85)  can  be  brought  together  in 
the  following  form: 


cos  i|i(i)  -  ^ ( j )  cyclic, 

cos  2(i|i(i)-i|i(j))  scissor 

cos  NB  (  *(l)  -  i|i( j))  coll  ec  L ive 
1  or  0  articulated  or  hingeless 

which  defines  the  dynamic  effects  of  blade  i  on  blade  j  for  each  mode  type. 
The  actual  program  has  been  written  to  consider  up  to  six  mode  shapes  and 
up  to  seven  blades.  The  HTC  matrix  is  therefore  7x7x6. 

3.2.12  Cyclic  Detuning 

The  rotor  blade  natural  frequencies  and  mode  shapes  are  a  function  of  the 
rotor  speed  and  hub  geometric  pitch.  Previous  versions  of  the  digital 
program  have  been  structured  to  accept  as  input  the  mode  shapes  and  natural 
frequencies  at  one  combination  of  rotor  speed  and  hub  geometric  pitch. 

This  limiting  assumption  is  modified  by  including  the  effects  of  cyclic 
detuning  in  the  following  manner:  The  blade  natural  frequencies  and  mode 
shapes  are  calculated  at  three  values  of  collective  pitch  (low,  mid,  high) 
and  three  values  of  rotor  speed  (low,  mid,  high).  The  mode  shapes  at  the 
mid  collective  pitch  and  mid  rotor  speed  are  assumed  to  represent  the  mode 
shape  at  all  combinations  of  pitch  and  rotor  speed. 

Four  values  of  the  natural  frequencies  for  mode  shape  are  input  data.  The 

four  values  of  w  are  obtained  from  the  extreme  combinations  of  rotor  speed 
n 

and  collective  pitch  (low  rotor  speed  in  combination  with  low  collective 
pitch  and  high  collective  pitch,  etc.).  The  increments  on  rotor  speed  and 
collective  pitch  used  in  calculating  the  mode  shapes  and  natural  frequen¬ 
cies  are  also  required  input  data. 

The  previous  section  (Hub  Transfer  Coefficient  Matrix)  has  shown  that  for 
each  blade,  for  each  input  mode  shape  there  is  an  equation  of  the  form 

6  +  26oj  6  .  +  uu  2&  .  =  F  .  (3-87) 

j  n  j  n  j  j 

ior  each  blade  an  instantaneous  value  of  rotor  speed  and  hub  geometric 
pitch  (collective  plus  cyclic  pitch)  is  known  which  permits  bivariant 
interpolation  to  calculate  an  instantaneous  value  of  the  natural  frequency 
from  the  input  data. 

3.3  AERODYNAMICS 


HTC(i.j)  = 


!  Teetering 

Gimbaled  ( 3-86  ) 


3.3.1  General 

The  detailed  representation  of  rotor  dynamics  can  be  most  effective  when 
used  with  a  similarly  refined  analysis  of  aerodynamic  effects.  Previous 
versions  of  C81  dealt  mainly  with  steady-state  aerodynamics.  Tip  vortex 
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effects,  lift  variation  time  Lag,  and  radial  flow  were  also  included. 
AGAJ73  includes  the  aerodynamic  features  described  in  Reference  2,  and 
in  addition,  two  procedures  for  evaluating  the  first-order  effects  of 
unsteady  aerodynamics.  These  features  allow  the  interaction  of  the  blade 
rigid  body  and  elastic  motions  and  the  aerodynamic  forces  acting  thereon, 
which  is  essential  for  the  study  of  aeroelastic  response  phenomena. 

The  steady,  as  well  as  unsteady,  aerodynamic  model  is  also  improved  by 
accounting  for  the  effect  of  the  angle  between  the  resultant  wind  velocity 
and  the  blade  leading  edge.  This  angle  can  be  modified  by  a  sweep  angle 
built  into  the  blade  tip. 

Figure  3-15  shows  the  organization  of  the  rotor  aerodynamic  analysis  and 
the  possible  computational  paths. 

The  rotor  aerodynamic  analysis  is  basically  the  same  as  discussed  in 
Reference  2.  The  relative  wind  velocity  at  a  point  P  on  the  blade,  con¬ 
sidered  as  rigid,  is  given  in  Reference  2  as 


=  v .  - 
i 


\ 

U),  x  r 
b  p  ' 


(3-88) 


where 

v^  is  the  induced  velocity  at  the  point  P  on  the 
blade  x-axis 

— > 

v^  is  the  linear  velocity  of  the  hub 

is  the  angular  velocity  of  the  rotating  shaft 

reference  system  relative  to  an  inertial  reference  system 

(see  Equation  (3-b)  in  Section  3.2.3) 

— * 

r  is  the  distance  vector  from  the  hub  to  point  P  on  the  blade  _ 

D  ' 

x-axis,  i.e..  the  rigid  body  part  of  x  in  Equation  (3-5)  for  p. 

Note  that  the  acceleration  a^  in  Equation  (3-15),  Section  3.2.5,  is  the 
time  derivative  of  the  bracketed  expression  in  Equation  (3-88). 

3.3.2  Induced  Velocity  Analysis 


The  analysis  which  determines  t'.e  magnitude  and  direction  of  v.  assumes 
that  the  vector  is  always  parallel  to  the  centerline  of  the  rotor  shaft. 
Hence,  in  the  following  discussion,  the  vector  notation  is  dropped  and  the 
quantity  v^  is  the  value  of  the  local  induced  velocity.  This  quantity  is 
defined  as 
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Sv^X;"*  < "  ”-^=n=fV-  . jrVr:  W  jf^?! !  •  [ ' 


v.  =  v.  F 
i  i  N 


(3-89) 


whc  rc 


V. 

l 


=  -LhC  aVCragt‘  ValuC  °C  Vi  arross  Lllc  roLor  disc,  as  determined 
t i om  momentum  theory 


F"  '  sec ;““”2£  TvlfZ  n  y‘  nor”u^**,  *  »i>  1" 


thr  t-  -i  k  i  f  •  ’  ’  .  1J*  station,  x;  and  blade  azimuth,  i|i.  in  addition 

the  table  is  a  function  of  inflow  ratio  X  tkc  „  addition, 

used  to  porenn  t^r  .•  ratio,  a.  The  equation  and  the  table 

8  “  '  lh  functl°n  are  discussed  in  Section  3  of  Volume  II. 

Ihe  equation  for  the  momentum  theory  value  of  induced  velocity  V  i  * 

)ased  on  the  analysis  and  experimental  work  presented  in  Refe^encls  8  and  9 
After  converting  to  the  nomenclature  and  sign  conventions  of  t  , 

the  following  definit  ions  nrr  mnrto  Iai-  >■  u „  _  ,  ^'s  report, 


'■]  >  and  average  inflow  ratio,  \, 

*  '  i 

-v* 

<t 

m: 

> 

ii 

(3-90) 

=  V./Qr 

(3-91) 

=  (v2  -  v.)/qr 

(3-92) 

=  V  /QR  -  I 

Z  1 

where 

V. 


is  the  component  of  the  free-stream  velocity  at  the  hub  in  the 
plane  perpendicular  to  the  rotor  shaft  (always  positive) 


is  the  component  of  y  nt  free-stream  velocity  along  the  centerline 
of  the  rotor  shart  (positive  up). 


Note  that  the  square  root  of  the  sum  of  the  squares  of  V  and  V  is 

— >  h  z 

equal  to  the  magnitude  of  vh  in  Equation  (3-88). 
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ia,i 


The  expression  for  V,.  is  t 


then 


V.  =  X.(QR) 
i  1 


cb(or) 


V 


'0.866^2  +  p2  + 


°-6lcBf'5  (N  +  s-r|xj/3) 


(  CR  +  81  )  (  C»  +  81i 


—2 


(3-93) 


The  factor  Cg  is  the  thrust  coefficient  corrected  for  tip  loss  and 
hub  extent: 

C n  "  CT  /  (  B2  -  X.  2) 


T  /  PTTR^CR)2  (b2  -  X,2  ) 


(3-94) 


where 

T 

P 


is  thrust 
is  air  density 
R  is  rotor  radios 

X  is  the  hub  extent  divided  by  the  rotor  radius 


The  tip  loss  factor  is  defined  as 


B  =  1  - 


2V^ 


(3-95) 


where  b  is  the  number  of  rotor  blades. 


Since  \  is  a.  function  of  V^,  as  defined  in  Equation  (3-92),  Equation  (3-93) 
is  not  a  closed  form  solution  for  V..  Hence,  the  equation  is  solved  by 
iteration. 

When  the  center  of  gravity  of  the  rotorcraft  is  between  one-fourth  and 
one  rotor  diameter  above  the  ground  and  the  airspeed  is  less  than  30  feet 
per  second,  V\  is  corrected  for  ground  effect. 
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^(v4eL1  +  (0-1) 


(V  -  30)/30 


(3-96) 


where 


(  ^i)oGE  ls  t*ie  va^ue  from  iterative  solution  of  Equation  (3-93), 

i.e.,  out-of -ground  effect 


G  is  0,25  plus  the  altitude  of  the  eg  divided  by  the  rotor 
diameter,  and 


V  is  the  flight  path  velocity  in  feet  per  second. 


If  the  value  of  G  drops  below  0,25  the  rotorcraft  is  assumed  to  have  con¬ 
tacted  the  ground.  The  VIND  subroutine  in  C81  performs  the  above  itera¬ 
tive  procedure  and  ground  effect  correction.  The  flow  chart  of  the  sub¬ 
routine  is  shown  in  Figure  3-16.  The  equation  for  VIR  corresponds  to 
Equation  (3-92)  except  that  the  numerator  and  denominator  have  both  been 
multiplied  by  OR  so  that  the  units  of  all  the  terms  in  the  equation  are 
in  powers  of  feet  per  second  rather  than  being  nondimens iona 1 . 


3.3.3  Blade  Reference  Velocities 


The  reference  axis  system  for  blade  aerodynamics  is  obtained  from  the 
reference  system  described  in  Section  3.2.3  (Figure  3-1)  by  a  rotation 
through  the  blade  flapping  angle  P  about  the  y-nxis.  The  relative  wind 
can  be  expressed  in  the  blade  reference  as 


VP  =  Vb  +  Vb  -  “pkb 


(3-97) 


The  axis  systems  and  wind  velocity  components  are  shown  in  Figure  3-17, 

In  the  determination  of  angle  of  attack  and  dynamic  pressure  1  cos  P  and 
Z  cos  P  are  assumed  equal  to  Z  and  Z.  The  angle  from  the  blade  xy-plane 
to  the  section  reference  line  is  6  ,  and  the  angle  from  the  blade  xv-plane 


to  (UT.lb'Upkb)  iS  0-  Let 


2  p  2 

UT  +  V 


In  Reference  1,  the  dynamic 


pressure  is 


q  =  1/2  PU‘ 


(3-98) 


The  inflow  angle  is 


0  -  tan"1  -p 
UT 


(3-99) 


. 


T*?y. 


and  the  angle  of  attack  is 


of  =  0  +0 

P 


(3-100) 


The  new  rotor  aeroelastic  analysis 

displacements  and  velocities,  as  developed  in  Sect  on  3.2.4.  ^ 

^t^rU:H»o:n;^r^er^»  aL  the  rate  oi 
change  of  angle  of  attack.  Thus, 


U  =  U  -  Y  +  lFnFsin  *  +  LlA  C0S  !,+ 


(3-101) 


Since  Z  (Equation  3-13)  includes  rigid-body  flapping, 


Up  =  Up  +  X13  -  Z 


UR  =  UR 


(3-102) 

(3-103) 

(3-104) 


6  =  e  +  9p 

I  =  6  +  6p 
I  =  e  +  :p 

a  =  6  +  0 

a  =  6  +  0 


(3-105) 

(3-106) 

(3-107) 

(3-108) 

(3-109) 


u=\/V  +  up2 


(3-110) 
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q  =  \  p  u2 


(3-111) 


The  symbols  9,  c,  and  are  defined  in  liquations  (3-7),  (3-13),  and  (3-14), 
respectively.  The  effects  of  blade  pitching  velocity  and  acceleration  are 
discussed  in  the  section  on  nonsteady  aerodynamics. 

3.3.4  Steady-State  Aerodynamic  Coefficients 

3.3.4. 1  Lift  and  Drag  Coefficients 

The  methods  for  calculating  and  Cd  for  steady-state  assumptions  are 
discussed  in  Reference  2.  Formulas  or  tables  can  be  used  for  these 
evaluations.  Aerodynamic  data  tables  for  Ci,  Cd  and  Cm  may  be  supplied 
by  the  user,  or  a  set  of  NACA  0012  airfoil  data  tables  is  available  as 
compiled  data.  Since  the  publication  of  Reference  2,  pitching  moment 
coefficients  in  the  tables  and  the  formulas  have  been  added  and  are  dis¬ 
cussed  in  this  section  of  the  report. 

Usually  the  blade  aerodynamics  are  defined  in  a  plane  perpendicular  to 
the  leading  edge.  However,  investigators  have  found  that  the  angle  in 
the  xy-plane  between  the  wind  vector  and  the  leading  edge  of  the  blade, 
the  yawed  flow  angle,  A,  influences  the  aerodynamic  forces  generated. 

From  Figure  3-17, 


A  =  tan 


i/M 

\K  / 


(3-112) 


Harris's  development  (Reference  10)  suggests  that  the  influence  of  yawed 
flow  be  included  in  all  aspects  of  the  steady  -state  lift  determination. 
Hoerner,  in  Reference  11,  emphasizes  the  need  for  varying  the  effective 
Mach  number  with  A  to  improve  correlation  with  test  data.  A  modified 
angle  of  attack  and  a  three-dimensional  effective  Mach  number  are  calcu¬ 
lated  as  follows  for  |  a  |  <  30°: 


sign(/.)  •  min 


ot  =  0/  cos  A 
mod 


-  2  -2  -  2 
UR  +UT  +UP 

Vsound 


(cos  q^A  ) 


(3-113) 


(3-114) 


(3-115) 


Hoerner's  results  can  be  closely  approximaled  by  taking  q,  =  0.2,  q ^  =  1 


or  =  1,  q 2  =  0.5;  both  q^  and  q^  are  inputs  Lo  the  program.  The  steady- 
state  lift  coefficient  is 

c.  "ci  (“„»„■  \u)/co,T-  <3-116> 


whether  formulas  or  tables  are  used.  For  O'  below  stp_ll,  A  Is  effective 


only  to  the  extent  of  lowering  the  Mach  number.  When  |o|  is  above  stall, 
the  yawed  flow  consideration  can  delay  loss  of  lift  as  illustrated  in 
Figure  3-18. 


The  steady-state  drag  calculation  has  been  modified  only  by  the  inclusi, 
of  radial  flow  and  the  use  of  Mefp  According  to  Harris  (Reference  10), 


on 


"skin  friction  drag  force  should  be  calculated  in 
the  direction  of  the  resultant  velocity." 


This  is  accomplished  by  computing,  in  addition  to  the  conventional  dr£g 
normal  to  the  blade  axis,  a  frictional  drag  along  the  blade  based  on  U^. 
The  drag  coefficient  appropriate  for  this  effect  is  the  steady-state  value 


Cd  =  Cd(a  =  °»  M  =  -3> 
R 


(3-117) 


Harris's  requirement  that  "Pressure  drag  force  is  then  calculated  only  in 
the  blade  element  plane  normal  to  the  blade  span  axis"  is  also  satisfied 
by  using 


=  C 


(*•  \n) 


(3-118) 


3 . 3 . 4 . 2  Pitching  Moment  Coefficient 


The  method  of  calculating  pitching  moment  coefficient  is  indicated  in 
Figure  3-19.  The  Cm  coefficient  depends  on  the  angle  of  attack,  Q',  the 
effective  Mach  number,  Meff,  and  input  constants.  The  inputs  Aj ,  A2>  and 
A3  are  coefficients  for  a  quadratic  function  of  |c?l  determining  the  corres¬ 
ponding  value  of  Mach  number  at  which  the  Cm  curve  breaks  sharply  away  from 
an  input  constant  value,  A4.  For  j  Q  |  <  90°,  the  firs_t  series  of  calcula¬ 
tions  and  tests  is  to  determine  the  relative  size  of  cv ;  the  angle  of 
attack,  evg,  corresponding  to  Mt,ff  on  the  "break"  curve;  and  A5,  a  critical 
value  of  angle  of  attack  which  is  independent  of  Mach  number  (Figure  3-20, 
(a)  and  (b)).  The  evaluation  of  Cm  is  different  for  jo|  <  03,  Q'b<I^'I^a5 


and  A5  <  | 


or 
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(a)  If  |o|  <  00°  , 

determine  a  and  AP 
B  5 

from  equal  ion  for  M 

and  value  of  M  • 
olf 

otherwise'  go  to  (<|) 

to  determine  normal 

force  (r). 

N 


(  b )  If  |  a  |  <  Qfi,  set 

C  =  A. ;  otherwise 
tn  A 

go  to  (c)  Lo  deter¬ 
mine  the  value  of 


For  |  or |  le  ss  than  a 


B’ 


C  =  A. 

m  4 


(3-119) 


For  |a|  between  »fi  and  a  slope,  d  ,  is  computed  for  the  C  line 

e  ween  a  and  A5 .  This  slope  depends  on  M  and  an  input  critical 
value,  A3 ,  as  siv_wn  in  Figure  3-20(r)  r  • 

is  calculated  from  (  )-  The  pltchl"e  “«"t  coefficient 


cm  -  <1  (  Id  I  -  oB  )  (sign  o)  + 


(3-120) 


If  O' 


used. ■  in *»• a socona siope'  ^ ^ p^erm,  is 


C  = 
m 


[d(A5  "  Qb)  ‘  •  °°646  o  |  -  A5j 


(sign  a)  +  a4  (3-121) 


ch'rilthe'f^han^rthl^fchord16^  “TT  ‘ °  ^  3t  the  * 75 

neutral  axis  (assumed  to  be  af  the  .  2^  choJd^  i^inThf  ab°Ut  t^1blade 
lift  and  drag  forces.  chord)  is  in  this  case  mainly  due 

Hence , 


c™=  -5( 


■l  cos  O'  +  Cd  sin 


*) 


+  A, 


(3-122) 


The  relati 
shown 
the  ma 


In'ngure^-M  (d)  ErofMc  T  th*  vectors  are 

t18„i;;sr:r3c:^(,,Li(;ds^“.rf;'':nyri:r5ed.ia8ra"  cfi^ 

3 • 3 . 4 . 3  Tip  Sweep  Kffect 

rip  sweep  affects  the  aerodynamic  forces  on  the  top  segment  of  the  hl.de 
For  a  sweep  angle  y  (Figure  3-21),  velocities  and  ang!e”“aiL£  ‘ 

nents  arc  modified  as  follows:  8  ttack  compo- 


UR  Ur  cos  Y  +  U  sin  y 


(3-123) 
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(3-124) 
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Normal  Component  of  Drag: 


1  2 

AD..  =  -r  PeU  C  .  Ar  I  cos  0  j,  -  si 
N  2  d.,  \  Jb 

N 


n  0  kb  ) 


(3-133) 


Pitching  Moment 


AM  =  |-|  PeU2  (c  Cm)  Ar|  ife  +  d  X  iF 


where 


d  -  YJb  -  Zkb 


(3-134) 

(3-135) 


and 


AF  =  AL  4-  AD. 


(3-135) 


At  the  blade  tip,  U  and  0_^replacc  U  and  0  in  the  calculations.  Also,  the 


normal  component  of  drag  D  has  components  in  the  biade  axis  system 
defined  by 


AD 


1  -2 

=  —  Del'  C  Ar  I  -  sin  y  cos  0  i, 
NtiP  2  d  '  b 


(’  51 


+  cos  y  cos  0  j,  4-  sin  0  k 


b  / 


(3-137) 


Due  to  the  offset  Aa.c.,  the  lift  rorce  at  the  tip  will  produce  un  addi¬ 
tional  pitching  moment  given  by  the  following  equation: 


AMtip  =  -  (Aa.c.)(ALTIp)lb 


(3-138) 


This  increment  is  added  to  the  value  from  Equation  (3-134)  for  the 
unswept  tip. 


The  radial  component  of  drag  at  the  tip  is  taken  in  the  same  direction  os 
for  the  rest  of  the  blade. 


The  applied  aerodynamic  forces  and  moments  are  the  source  of  the  rotor 
rigid  body  and  elastic  deflections,  velocities,  and  accelerations;  and 
che  resulting  response,  in  shaft  reference,  allows  calculation  of  H-force, 
Y-force,  thrust,  and  rotor  torque  required. 
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moments  for  a ^ladHcgment  ‘wi  th\cnu  ^  f,cr°?yna,"lc  f°rces  and 
origin  are  8  Ul  ccnLcr  aL  a  1  distance  x  from  the 


A  =  A  i  +  A  j  +  A  1< 
x  y  z 


(3-139) 


MA  '  AS>  +  M  ]  +  M  k 


(3-140) 


wnero 


*x  -  <1L  +  id  )  •  k  sin  fi  -  4d  .  7 

Kb 


COS  (3 


(3-141) 


A  =  (AL  +  AD  )  •  \ 

y  N '  )b 

A^  -  "(AL  +  At)  )  •  |<_  cos  p  + 


adr  *  4  sin  13 


(3-142) 


(3-143) 


Ae  i!  AM  •  i  C()s  (3 


(3-144) 


neglected 


V  ,Ht  1S-'CtUally  Lht  vector  with  components  A"  „ 

"  C  “  '1  ,PKlf,‘",,3'  EiiciUa  moment*  However,  si„cc  J  £ 

ft."'  nOElCCtCd'  "A  ^  «>»tv.ly  a  pitching  momcj  vector 

The  term  A^  Is  used  in  the  rotor  aerodynamic  H- force  and  V-forcc  calculn- 

tons,  while  Ay,  A,  and  are  in  ^nation  (3-12)  to  compute  the  time- 
variant  aeroelastic  rotor  response. 

3-3,5  Unsteady  Aerodynamics 

acrodynan.lcnopUonrCtTheStCoC|nathC',5y°"i  °f  the  “UNS  an<i  UNSAN  “"steady 
separate  controls ^iJ  thc  T  raOI,Cls  “eveloped  under  X 

CLS  wlUl  Lhe  Uustis  Directorate  of  USAAMRDL. 
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3.3. 5.1  BUNS  Unsteady  Aerodynamic  Model 


As  previously  mentioned,  the  additional  velocities  due  to  flexible  blade 
dynamics  can  be  included  in  computing  the  angle  of  attack,  Mach  number, 
and  dynamic  pressure  at  a  point  on  the  blade.  The  major  modification 
to  the  aerodynamic  simulation  of  Reference  2,  done  as  a  part  of  Contract 
DAAJ02-70-C-0063 ,  was  the  consideration  of  unsteady  effects. 

Severs  investigators  have  discussed  the  importance  of  unsteady  aero¬ 
dynamics  on  rotary-wing  airciaft.  Loewy  and  also  Timman  and  Van  de  Vooren 
(References  12  and  13)  have  shown  that  special  circulatory  terms  are  signif 
icant  in  hover  flight,  but  conservative  results  are  obtained  by  neg¬ 
lecting  them  (Drees,  Reference  14).  On  the  other  hand,  according  to  Carta 
(Reference  15)  and  Harris  (Reference  10),  the  nonsteady  air  loads  can 
assume  a  major  role  in  blade  aeroelastic  response  and  can  produce  stall 
flutter. 

One  of  the  major  difficulties  in  implementing  these  aerodynamic  refine¬ 
ments  is  the  lack  of  meaningful  measured  values  over  the  full  range  of 
angles  of  attack  and  yaw  angles  that  are  applicable  for  the  rotating 
blade.  In  particular,  the  wind  tunnel  data  are  presented  m  terms  pf  u 

angle-of -attack  rates  due  to  rotation  about  the  pitch-change  axis  ("5,  0). 

•  •• 

Rotation  about  -he  shaft  also  results  In  inflow  angle  rates  0,  0;  however, 
the  damping  and  inertial  effects  from  these  rates  are  not  the  same  as  from 
pitch  change  rates.  Simplification  of  the  problem  is  unavoidable:  due  L -j 

the  lack  of  data.  It  is  therefore  appropriate  in  the  calculation  of  un- 

•  •• 

steady  aerodynamics  to  use  6  and  6  in  terms  related  to  blade  motion  only, 

and  o  in  terms  pertaining  to  stall  hysteresis.  The  variables  9  and  0  in¬ 
clude  changing  geometric  pitch  due  to  cyclic  variations,  control  motions, 
and  elastic  blade  torsion. 

The  remaining  consideration  is  the  blade  section  linear  acceleration. 

The  principal  effect  is  due  to  the  component  normal  to  the  blade  xy-plane 
(the  heaving  acceleration)  and  is  represented  as  the  sum  of  the  rigid 
body  and  elastic  accelerations  (Z).  The  linear  accelerations  in  the  xy- 
plane  are  not  considered  in  the  aerodynamics. 

The  computer  program  allows  the  user  the  option  of  including  or  omitting 
the  unsteady  aerodynamic  effects.  The  flow  diagram  in  Figure  3-15  indi¬ 
cates  optional  paths  of  calculation.  The  application  of  the  unsteady 
effects  to  the  calculation  of  incremental  aerodynamic  coefficients  in 
stalled  or  unstalled  flow  is  discussed  in  the  following  sections. 

3 . 3 . 5 ,  l .  1  Pitching  Moment 

The  aerodynamic  pitching  moment  for  steady-state  assumptions  has  first 
been  obtained  from  data  tables  or  from  formulas.  Unsteady  effects  which 
include  pitching  velocity  and  acceleration  of  the  section,  both  elastic 


and  rigid  body,  can  now  be  determined.  The  technique  developed  by  Carta 
et  al  (References  15  and  16)  is  based  on  data  for  a  two-dimensional  air¬ 
foil  executing  forced,  sinusoidal  motion. 

The  analytical  background  for  the  theory  of  unsteady  aerodynamics  used  by 
Carta  is  found  in  Bisplinghoff  (Reference  17),  and  a  similar  discussion  is 
given  by  Scanlan  and  Rosenbaum  (Reference  4).  The  basic  development  is 
referred  to  a  point  aft  of  the  quarter  chord,  so  that  equations  for  both 
the  normal  force  and  the  pitching  moment  are  usually  presented  and,  sub¬ 
sequently,  the  reference  is  shifted  to  the  quarter  chord.  Carta's  work 
is  unique  in  the  development  of  tables  based  on  measured  data  and  theo¬ 
retical  considerations. 


It  is  assumed  in  Carta's  method  that  "the  sinusoidal  data  could  be  gener¬ 
alized,  through  crossplots,  to  functions  of  instantaneous  angle  of  attack, 
angular  velocity  parameter  A,  and  angular  acceleration  parameter  B  for 
a  given  Mach  number."  In  the  considerations  which  follow,  the  parameters 
A  and  B  are  defined  as 


(3-145) 


(3-146) 


where  c  is  the  chord  length  and  U  is  the  net  wind  velocity  perpendicular 

to  the  airfoil  leading  edge.  The  actual  A-B  tables  are  listed  in  Reference 

16,  and  are  based  on  data  from  a  differential  pressure  transducer  mounted 

on  a  2-foot-chord  NACA  0012  airfoil.  The  steady-state  content  in  the 

tables  is  removed  by  requiring  AC  =0  when  A  =  B  =  0.  Thus,  at  each  a 

m 

the  original  tabular  value  at  A  =  B  =  0  was  subtracted  from  all  entries 
for  that  oi.  The  resulting  adjusted  Carta  tables  are  included  in  the  C81 
program.  The  effect  of  Mach  number  on  the  stall  point  is  discussed  by 
Carta  (Reference  16)  and  the  variation  represented  for  the  NACA  0012  air¬ 
foil.  This  stall  point  variation  is  included  by  computing  a  shift  in  the 
angle-of-attack  argument  before  entering  the  adjusted  A-B  tables,  as 
foil ows : 


a  =  a 

Carta 


for  M  ,,  <  .2 
e  f  f  - 


(3-147) 


Carta 


1  al 

13.5 

1 

' 13 . 5  • 

■  10-25  (Meff  -  .2) 

(3-148) 


for  . 2  <  M  cr  <  .6 
e  f  f 
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a  =  |ar|-  1.93  for  Mcr>.(> 

Carta  1  '  off  - 


(3-149) 


A  value  AC  (a  )  is  computed  by  intcrpolatioa  from  the  adjusted  A-B 

m  (.aria 

tables.  The  effect  of  Mach  number  is  again  applied  by  dividing  this 
value  by  N  where 


N  =\  1  -  Meff  forHtff<l6 


(3-150) 


N  =  .8  for  M  >  .6 

eft  — 


(3-151) 


AC  =  (sign  a)  AC  I  l/N 

m  m  \  Carta // 


(3-152) 


C  =  C  (steady  state)  4-  AC 
mm  m 


(3-153) 


3.3.5. 1.2  Lift  Coef f icient 

The  aerodynamic  lift  coefficient  computed  for  steady-state  can  be  aug¬ 
mented  to  represent  unsteady  effects.  The  effect  of  the  unsteady  terms 
on  lift  is  defined  separately  for  stalled  and  unstalled  regions.  In  the 
derivation  of  the  following  equations,  the  slope  of  the  lift  curve  is 
assumed  to  be  2rr .  The  basic  equation  for  unstalled,  unsteady  lift  effects 
is,  in  the  notation  of  Scanlan  and  Rosenbaum  (Reference  4), 


h  2v  ,  .  1) 

¥  '  ~  '<l0  b  +  "■ 


+  2  (  -  t  )c(k)  -1^4 


C(k)  a 


(3-154) 


krllrrU 


where 


L'  Ls  the  lifL  per  ,  positive  down 

is  the  angle  of  attack,  excluding  the  cffecL  of 
vertical  velocity 

1)  is  the  semichord 

a  is  the  distance  from  the  midchord  to  the  elastic 
axis,  divided  by  the  semichord 

C(k)  =  F(k)  +  iC(k)  is  the  circulation  function 

k  =  bu)/v,  where  u,  is  the  frequency  of  oscillation 

•  •• 

h  and  h  are  respectively  the  vertical  velocity  and 
acceleration,  positive  down 

v  is  the  resultant  wind  velocity 

In  this  analysis,  circulation  effects  are  curtailed  by  assuming  that  k  is 
small;  that  is,  a;  «  v/b.  The  following  approximations  are  then  made: 


F(k)  =  1,  G(k)  =  0 


(3-155) 


Equation  (3-154)  may  be  rewritten  with  the  sign  convention  for  lift 
changed  to  positive  up,  h  and  h  replaced  by  -  Z  and  -Z,  v  replaced  by  U, 
and  both  sides  divided  by  the  product  of  the  chord  length  and  the  dynamic 
pressure,  thus: 


(2b)  |  P  U2  Ar 


b  /  1  \  •  b  • 

-  a  -  —  1  Q_  -I-  a  +  cr 

U  \  1  }  2U  ”  “ 


(3-156) 


The  first  term  on  the  right  side  of  Equation  (3-155)  accounts  for  the 
inertia  force  generated  by  the  vertical  acceleration  imparted  to  a 
cylindrical  volume  of  air  with  the  blade  chord  as  a  diameter.  The  sum 
of  the  second  and  last  terms  in  the  brackets 


Z 

—  +  a 
U 
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corresponds  to  the  angle  of  attack  used.in_the  steady  state  aerodynamic 
evaluation.  For  the  rigid  body  mode,  -Z/(U)  is  the  contribution  to  angle 
of  attack  from  the  flapping  velocity. 

The  third  term  accounts  for  the  effect  of  the  inertia  of  the  cylinder  of 

air  which  moves  when  the  blade  pitches.  This  effect  should  include  only 

•  • 

the  pitching  acceleration  0.  The  fourth  term  is  the  effect  of  blade 
pitching  velocity  on  the  angle  of  attack  and  should  include  only  the 

pitch  rate  0.  The  fifth  term  is  interpreted  as  a  damping  term  based  on 
the  total  angle-of-attack  change  rate,  a. 


Thus,  the  lift  coefficient  increment  due  to  unsteady  aerodynamics  can  be 
expressed  in  conventional  helicopter  notation: 


AC  =  2tt 


/  i  ,  ba 

-  (a  "  l)-  +  -z 

U  2U 


(3-157) 


If  the  pitch  axis  (or  elastic  axis)  is  assumed  to  be  at  the  quarter  chord, 
the  value  of  a  in  Equation  (3-157)  is  minus  one-half. 

Stall  hysteresis  due  to  variation  in  lift  with  blade  pitch  rate  is  dis¬ 
cussed  by  Harris  (Reference  10).  This  dynamic  stall  effect  is  included 
in  the  following  manner. 

For  a  ,  >  (C,  )/a,  use  Equation  (5)  of  Reference  10  to  obtain 

mod  l  ~ 


Aa  =  61.5  ln( .  6/MM)  J\  ob/U  I 


(3-158) 


where 


a_  is  the  lift  curve  slope,  and 


10.3  for  M  cc  <  0.3 
ef  f  — 

M  ,c  for  0.3  <  M  <  0.6 
eff  eff 

0.6  for  M  Cr  >  0.6 
eff  — 


“RL  =  “mod  ■  (5ign  Min  |-2 


(3-159) 


If  O'  <  (C,  )/ a ,  O'  =  O' 

mod  -  1  RL  n 


Then  obtain  a  lift  coefficient  from  the  tables  or  formulas  for  steady 


state  using  o  and  as  arguments.  Recalling  that  amQd  =  a  cos  A, 


tlie  final  value  of  lift  coefficient  is  given  by 


C1T  "  Cl(  °W  Meff  )  *  cr  +  AC1 


(3-160) 


3.3.5. 1.3  Drag  Coefficient 


Unsteady  effects  on  the  aerodynamic  drag  coefficient  are  handled  as  sug¬ 
gested  in  Reference  10.  Harris  states,  "To  account  for  unsteady  aero¬ 
dynamic  effect  on  pressure  drag,  the  two-dimensional  drag  coefficient  data 


was  used,  but  at  or 

r'  f 


Therefore,  for  the  drag  coefficient  determining  drag  force  normal  to  the 
leading  edge, 


%n  =  o  -  (sign  a)  Min 


{  M  >1 } 


(3-lbl) 


=  c, 

dN  d 


( V  Hcff ) 


(3-162) 


3. 3. 5. 2  UNSAN  Unsteady  Aerodynamic  Model 


An  alternate  procedure  for  Including  unsteady  aerodynamics  is  provided  in 
AGAJ73.  The  analytical  development  was  done  under  Contract  DAAJ02-71-C-0045 
and  is  presented  in  Reference  18. 


The  analysis  for  UNSAN  may  be  considered  to  start  with  Equations  (3)  and 
(4)  of  Reference  18  which  give  the  lift  and  moment,  per  unit  span.  The 
lift  expression  is  similar  to  Equation  (3-154),  Section  3. 3. 5. 1.2. 


The  terms  In  Equations  (3)  and  (4)  involving  the  Theodorsen  function  can  be 
considered  as  the  expression 


E  =  c(k)  ev  +  ^+d^ 


(3-163) 


where  the  subscript  v  indicates  the  vibratory  part  of  the  variable  and 

d  =  c ( 3/A  -  TA)  =  1/2  c  (1/2  -  a)  '  (3-lbA) 

where  PA  =  (a  +  1 ) / 2 

Assuming  simple  harmonic  motion  for  0^  anti  h  (sec  liquations  (0)  and  (10) 
of  Reference  18),  appropriate  substitutions  give 


h  6  (  G  _  h  6  , 

=  F(k)  G  +  77“  +  d  — +  i  G  ( k )  -i  —  -i-^-+i^d-p 

v  V  V  J  L  ,JL  OiV  V 


+  iwd  —  (3-165) 


so  that  the  imaginary  unit  is  eliminated  and 


E  -  (F  -  — G)G  +  h  +  h  +  (£  V  +  -)  h 
V  v  V  v  ilV  v  V  Uj  \ 


(3-166) 


The  contributions  to  blade  pitch  velocity  and  acceleration  from  coning  and 
coning  rate,  fl(3  and  Qj3 ,  arc  added,  uj  is  replaced  by  it,  and  an  equivalent 
angle  of  attack  is  given  as 


V>  ’  6o  +  (F  -  c<3/4  '  ,>A)  -f>  ’V 


+  tan'  [>h  +  h  +  ~  +  c(3/A  -  PA) 

L  v  o  .1 


+  (c  (3/A  -  PA)F  +  ^-)(Gv  +  npv)]  /UT 


(3-167) 


Equation  (3-167)  is  identical  to  Equation  (31)  in  Reference  }8. 

The  aerodynamic  coefficients  (C,,  C,,  and  C  )  are  obtained  as  functions  of 
J  1dm 

a  and  Mach  number  from  formulas  or  tables  as  in  the  steady-state  cose. 
EQU 

Other  terms  involving  the  vibratory  variables  are  included  separately  and 
the  expressions  for  aerodynamic  lift,  drag,  and  moment  are  given  in  Equa¬ 
tion  (32)  of  Reference  18. 

In  order  to  interface  this  procedure  with  the  C81  calculations,  some 
practical  means  of  separating  the  vibratory  part  from  the  total  h,  0, 
and  £  was  needed.  One  requirement  was  that  the  routine  be  operable  in 
the  maneuver  section. 
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E 


Since  h  as  given  by  Equation  (24)  of  Reference  18  is  just  Up,  Equation 


(26)  of  that  reference  cen  be  expressed  as 

-  (rate  of  climb) 


h  =  V  sin  a  -  v 
o  FLT  s  Z 


(o) 


(3-168) 


where  hQ  is  the  "steady"  part  of  h  and  is  available  in  C81.  The  pitch 

angle,  0,  and  the  coning  angle,  0,  at  a  blade  segment  are  computed  in  the 
maneuver  section  of  C81  but  arc  not  separated  into  steady  and  vibratory 
parts.  The  following  assumptions  (not  in  Reference  18)  are  made  to  imple¬ 
ment  the  C81  programming: 

0^  is  the  collective  pitch  at  the  segment  (includes  built-in 
twist) 


0  is  the  precone  angle 


These  assumptions  omit  steady  elastic  pitch  deflection  and  steady  out-of 

plane  bending  but  retain  the  principal  contributions  to  0  and  B  . 

o  o 


Then 


h  =  h 

-  h 

(3-169) 

V 

o 

0=0 

-  6 

(3-170) 

V 

o 

B  »  B 

V 

-Bo 

(3-171) 

The  derivatives  required  are  h^,  0^ ,  0^,  and  B  for  the  basic  unsteady 


coefficients  and  ot  for  stall  hysteresis  effects.  Rather  than  attempt 
analytical  derivatives,  the  rates  are  computed  numerically  using  the 
formula 


(r) 


1 


At 


1  12 
-  (1+^V  +  iv  '  + 
r  2  3 


•  -)r  vV 


(3-172) 


from  Reference  19, 


A  further  modification  to  the  analysis  of  Reference  18  was  made  by  pro¬ 
viding  an  input,  for  computing  the  reduced  frequency  as 


c  n. 


k  = 


2V 


(3-173) 
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By  this  means  the  sensitivity  of  blade  response  to  this  part  of  the 
analysis  can  be  investigated. 

Stall  hysteresis  representation  described  In  Reference  18  was  retained 

without  change.  The  starting  equation,  Equation  (39)  from  Reference  18, 

corresponds  to  Equation  (3-158)  but  UNSAN  includes  expanded  procedures 

for  determining  the  change  in  angle  of  attack  for  dynamic  stall  for 

and  for  C  (not  necessarily  the  same), 
m 

Effects  of  radial  flow  in  Reference  18  are  also  retained  in  UNSAN.  These 
effects  are  similar  to  the  radial  flow  considerations  in  BUNS.  The  equa¬ 
tions  for  A  are  the  same  (Equation  (53)  in  Reference  18  and  Equation 
(3-112)  in  this  report).  A  radial  component  of  drag  due  to  skin  friction 
is  included;  see  Equation  (58)  in  Reference  18  and  Equation  (3-117), 
Compare  Equation  (75)  in  Reference  18  and  Equation  (3-116)  in  this  report 
for  the  effect  of  A  on  the  lift  coefficient. 


t*.  FUSELAGE  MATHEMATICAL  MODEL 

4 . 1  INTRODUCTION 

Over  the  past  two  decades,  Lne  maximum  airspeeds  of  pure  helicopters  have 
increased  twofold  or  more  in  all  flight  regimes  (forward,  rearward,  lateral, 
and  vertical).  In  addition,  the  maximum  forward  airspeed  for  composite 
or  compound  rotorcraft  lias  increased  to  300  knots  or  more.  While  the 
sophistication  of  Liu  rotor  simulation  in  C81  has  kept  pace  with  these 
expand  i  rig  flight  envelopes,  the  mathematical  models  for  the  airfrime  com¬ 
ponents  havi  not.  Consequently,  one  of  the  latest  major  revisions  to  the 
Rotor  raft  Flight  Simulation  Program  has  been  to  improve  the  aerodynamic 
represmtat  I  on  of  the  fuselage. 

This  sci  lirn  of  ilu  report  documents  tha  background  and  development  of  the 
fusel. igc  rn.it  liemat  i  ca  i  model  which  is  currently  incorporated  in  C81.  It 
also  contains  figures  and  tables  which  compare  the  current  mathematical 
mod( I  In  wind  tunnel  Lest  data. 

n  ,  2  i  UAL  I  Ulrh'N  I  OF  Till'.  FU.SF.LAGE  MATHEMATICAL  MODEL 
-1.2.  I  I'm  kg  round 

The  primary  goals  In  the  development  of  the  current  C81  representation  of 
Liu  fuselage  aerodynamic  forces  and  moments  were  to  provide  a  mathematical 
model  which  would: 

(1)  Be  valid  at  all  orientations  of  the  fuselage  with  respect  to  the 
wind,  with  particular  emphasis  on  simulation  of  the  forces  and 
moments  at  the  nominal  forward  flight  aerodynamic  angles  and  of 
the  effects  of  aerodynamic  coupling,  i.e.,  variation  of  longitu¬ 
dinal  forces  and  moments  with  sideslip,  and  lateral-directional 
forces  and  moments  with  angle  of  attack. 

(2)  Take  maximum  advantage  of  the  availability  of  wind  tunnel  data 
without  sacrificing  or  compromising  the  capability  of  irputting 
analytical  estimates  of  such  data. 

Since  the  current  version  of  the  program  has  the  capability  of  simulating 
the  aerodynamic  forces  and  moments  on  a  wing,  four  stabilizing  surfaces, 
four  external  stores  or  aerodynamic  brakes,  and  two  pylons,  the  fuselage 
representation  was  developed  for  simulating  the  basic  fuselage  only.  The 
landing,  or  skid,  gear  was  the  oniy  component  other  than  the  basic  air¬ 
frame  which  was  considered  part  of  the  fuselage  in  the  development  of  the 
model.  This  assumption  eliminates  the  necessity  of  simulating  in  the  fuse¬ 
lage  representation  the  sharp  stall  characteristics  associated  with  aero¬ 
dynamic  surfaces. 


In  the  formulation  of  the  current  fuselage  model,  three  separate  approaches 
were  considered  for  its  general  form: 

(1)  Equations  only 

(2)  Data  tables  only 

(3)  A  combination  of  equations  and  tables 

It  was  concluded  that  equations  were  the  best  approach  for  the  following 
reasons : 

(1)  Equations  are  better  suited  than  data  tallies  to  configurations 
vrhere  little  or  no  test  data  are  available  and  analytical  or 
empirical  predictions  of  the  aerodynamic  characteristics  must  be 
made . 

(2)  Parametric  studies  of  changes  in  fuselage  aerodynamic  character¬ 
istics  can  be  made  more  easily  by  changing  coefficients  of  an 
equation  than  by  modifying  entries  in  a  data  table. 

(3)  To  provide  adequate  tabular  representation  at  all  aerodynamic 
angles,  it  was  estimated  that  each  of  the  six  necessary  tables 
should  be  permitted  at  least  500  and  preferably  up  to  1000  or 
1200  entries;  this  would  be  in  addition  to  the  more  than  10,000 
entries  allocated  for  the  rotor  airfoil  data  tables. 

(4)  Using  the  method  of  least-squared  errors,  equations  of  order 
three  or  less  can  fit  most  test  data  with  a  root-mean-squared 
error  per  point  which  is  well  within  the  accuracy  of  the  test 
data. 

(5)  Since  test  data  are  frequently  not  recorded  as  systematically  as 
Is  required  for  the  type  of  table  and  table  interpolation  routine 
in  C81,  data  must  be  plotted  and/or  fitted  to  obtain  all 
necessary  entries  for  such  tables.  If  a  plot  or  fit  step  is 
required  to  construct  the  tables,  little  is  gained  by  the  use 

of  tables. 

(6)  A  table  Interpolation  routine  whi  could  directly  use  the  stan¬ 
dard  type  of  test  data  (sweeps  of  one  angle  with  the  other  fixed) 
would  Increase  run  time  and  storage  requirements  for  the  fuselage 
ropresf n La t I  on . 

The  new  representation  of  the  fuselage  is  divided  into  two  independent 
models  and  a  third  model  which  is  dependent  on  the  other  two.  The  first 
model  consists  of  six  Independent  equations  for  the  forces  and  moments 
where  each  equation  is  a  function  of  both  the  aerodynamic  pitch  and  yaw 


angles.  This  model,  referred  to  as  the  Nominal  Angle  Equation  (NAE)  model, 
is  intended  to  simulate  the  forces  and  moments  at  aerodynamic  angles  less 
than  approximately  15  to  25  degrees  in  magnitude,  i.c.,  the  angles  where 
the  majority  of  flight  occurs  and  for  which  test  data  arc  most  commonly 
available. 

The  second  model  also  consists  of  six  independent  equations  and  Is  referred 
to  as  the  High  Angle  Equation  (HAE)  model.  This  model  cannot  I'll  test 
data  as  accurately  as  the  NAE  model,  but  does  provide  more  than  adequate 
simulation  of  force  and  moment  data  throughout  the  range  of  act adynamic 
angles,  i.e.,  pitch  between  *90  degrees  and  yaw  between  *180  <1  agrees,  The 
intent  of  this  model  is  to  follow  very  closely  the  force  and  Moment  data 
trends  at  the  large  angles  encountered  in  low  speed  flight  (rearward,  side¬ 
ward,  and  vertical)  and  those  which  could  occur  after  major  system  failures. 

The  third,  or  dependent,  model  provides  a  smooth  transition  between  the 
NAE  and  HAE  models.  It  in  effect  phases  out  one  set  of  equations  while 
phasing  in  the  other  set.  The  user  may  specify  the  angles  where  phasing 
starts  and  stops. 

4.2.2  Choice  of  Reference  Systems  and  Definitions  of  Angles 


Choosing  the  equations-only  approach  for  the  general  form  of  the  current 
representation  made  it  advisable  to  restrict  the  inputs  to  those  from  one 
specific  reference  system.  Although  it  is  desirable  to  permit  the  inputs 
to  be  in  any  conventional  reference  system  (i.e.,  wind,  stability,  or 
body),  doing  so  requires  a  separate  representation  for  data  from  each 
reference  system.  The  requirement  of  separate  representations  comes 
about  because  the  generalized  shapes  of  the  force  and  moment  curves  at 
large  angles  are  strongly  affected  by  reference  system.  For  example,  in 
sideward  flight,  wind  reference  drag  Is  large  and  side  force  is  near  zero; 
while  for  the  same  condition, body  reference  drag,  or  axial  force,  is  near 
zero  and  side  force  equals  the  wind  reference  drag.  Rather  than  program¬ 
ming  three  separate  representations,  when  only  one  would  be  used  at  any 
one  time,  the  representation  for  wind  reference  data  was  implemented  for 
the  following  reasons: 

(1)  Wind  reference  data  arc  consistent  with  previous  versions  of  the 
program,  which  makes  conversion  to  the  current  version  easier. 

(2)  Wind  reference  data  are  readily  available  from  the  pyramidal- 
type  balance  systems  used  at  most  low  speed  wind  tunnels,  or 
it  is  a  simple  transformation  from  other  reference  systems. 

(3)  The  trends  of  wind  reference  fuselage  forces  and  moments  relate 
easily  to  similar  data  for  airfoils,  making  interpretation  of 
wind  reference  Inputs  somewhat  easier  than  those  in  other 
reference  systems. 
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Ir.  the  following  discussion  of  definitions  of  angles  and  reference 
systems,  Figures  4-1,  4-2,  4-3,  and  4-4  will  help  visualize  the 
relationships  Involved.  The  orientation,  or  aerodynamic,  angles  used 
in  the  fuselage  representation  were  defined  to  be  consistent  with  wind 
tunnel  data.  That  is,  the  orientation  of  the  body  reference  system  with 
respect  to  the  wind  reference  system  is  defined  by  two  ordered  rotations: 
yaw  followed  by  pitch,  where  yaw  angle  ( t|i  )  is  defined  to  be  between  ±  180 

degrees  and  pitch  angle  (6  )  to  be  between  ±  90  degrees.  See  Figure  4-1. 

w 

However,  this  definition  creates  a  problem  in  a  simulation  such  as  C81 

where  the  wind  and  fuselage  are  each  oriented  with  respect  to  the  ground, 

and  the  orientation  of  the  fuselage  with  respect  to  the  wind  is  not 

explicitly  defined.  Specifically,  in  C81  the  orientation  of  flight  path 

(a  vector)  is  defined  by  the  vector  sum  of  forward,  lateral  and  vertical 

velocities  (V  ,  V_,  and  V  respectively)  of  the  rotorcraft  eg  in  ground 
x  y  z 

reference.  See  Figure  4-2.  On  the  other  hand,  the  orientation  of  the 
fuselage  (body  reference  system)  is  defined  by  three  ordered  rotations 
(Euler  angles)  from  ground  reference.  Although  the  flight  path  (wind 
vector)  corresponds  to  the  X  axis  of  the  wind  reference  system,  there  are 
no  parameters  which  directly  define  the  orientation  of  the  wind  Y  and  Z 
axes  about  this  X  axis.  Since  the  wind  reference  orientation  is  not  com¬ 
pletely  defined,  the  body  reference  cannot  be  directly  oriented  with 
respect  to  it  as  in  the  wind  tunnel. 

The  solution  to  this  problem  is  tc  use  the  Euler  angles  (Y,  and  $) 
which  orient  the  body  reference  system  with  respect  to  the  ground  to 
resolve  the  three  ground  reference  velocities  into  body  reference.  See 
Figure  4-3.  The  results  of  the  resolution  are  the  body  reference  X,  Y, 
and  Z  velocities  ( u ,  v,  and  w  respectively).  These  body  velocities  can 
then  be  defined  as  the  components  of  the  flight  path  velocity  (V)  in  a 


reference  system  which  has  been  yawed 

degrees, 

then  pitched  0^  degrees 

with  respect  to  the  wind  vector.  Sec 

Figure  4-4. 

From  this  definition, 

u  =  V  COS  ill  cos  0 
w  w 

(4-1) 

v  =  -V  sin  ill 

Tw 

(4-2) 

w  -  V  cos  ill  sin  0 

Tw  w 

(4-3) 

Since  the  reference  system  of  u,  v,  and  w  is  the  body,  ordered  rotations 

of  -9  degrees  pitch,  then  -i|i  degrees  yaw  define  the  orientation  of  the 
w  w 

wind  reference  system  with  respect  to  the  body.  Therefore,  the  angles  ^ 

and  0w  respectively  are  identical  to  the  conventional  wind  tunnel  yaw  and 

pitch  angles  shown  in  Figure  4-1  and  are  termed  the  aerodynamic  yaw  and 
pile  h  angles . 
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j 


Tunnel  resolving  point  for 
forces  and  moments,  (i.e., 


Aerodynamic  Data 
Reference  Point 


Ground 

(East) 


=  Forward  velocity 


V  =  Lateral  velocity 

y  1 


Vertical  velocity;  =  -(Rate  of  Climb) 


In  the  figure,  the 
Ground  Reference 
system  is  trans¬ 
lated  to  the  eg, 
and  then  to  the 
Aerodynamic  Data 
Reference  Point 
but  is  not 
rotated . 


V  -  Flight  path  velocity  vector; 

magnitude  =  V=  /V“  +  V2  +  V2 
V  x  y  z 


"Ground 

(Down) 


Figure  <4-2.  Orientation  of  Flight  Path  in  Ground  Reference, 
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From  Equations  (4-1),  (4-2)  mH  fA.-xs 
defined  as  functions  of  the’flioht  u  1<lSe  aerodynan'ic.  angles  can  be 
components.  fUghL  path  velocitV  and  its  body  reference 


*w  =  s in'  1  ( -v/V) 


(4-4) 


6w  =  tan  (w/u) 


(4-5) 


enc^equa t ions 6f or r fuse lapc^ae rod  lnd?PC"dent  i"  the  wind  refer- 

serve  as  the  rotation  .7  'T .  f°rCeS  a"d  ™»™ts.  They  also 

the  body  reference  system  whore  C81°nV1fS  the.ulrid  reference  data  into 
summations.  ’  CS1  perr°rms  its  final  force  and  moment 


However,  note  that  if  V  =  0  both  ii>  -  .  , 

U,  both  *r  and  y  are  indeterminant .  Similarly, 

i  r  it  as  t.7  —  n  q  _  .  _  ,  .  v  j  5 


V  W  =  ’  6w  iS  indeterminant.  If  V  -  0,  the  indeterminancy  is  simply 

resn  VpH  h\r  ArsC  1  ...  ,  ~  r  * 


'  - y  xo  £>±lllU±y 

resolved  by  defining  ilj  rmri  fi 

w  w  e  zer0;  since  all  aerodynamic  forces  and 

mnmpnf-e  n  > . .  , 


moments  are  zero  at  zero  velocity. 


If  u  -  w  =  0,  while  V/  0  (i  e  <i,  -  -  Qn  ,  . 

U  ’  ^w  "  "  90  de8rees),  it  may  be  physically 

DOS51  hi  P  f*  -J  »-  a-  U  Li.  .  J  J 


(;“.thsrt:“:;iS’  z  z  ti  t:i*rn 

C81  .  i  t  ran  A  a  Pi  +  _  W 


n  c  -i  ..  1  ^TT  J-o  useu  in 

C81,  it  can  be  defined  to  be  zero  regardless  nf  t-hn  ,  i  .  W  , 

To  understand  this  definition  consider  the  r  f  th  !lue  in  the  tunnel- 
a  wind  tunnel  model  which  is  yawed  90  degrees  b^not  ^ 

Figure  4-5.  If  the  model  is  subsequently  nitrheJ  P*  Ched’  as  shown  in 
ence  (Y-force  in  body  reference)  rLin ,  pit^hed’  ^he  drag  m  wind  refer- 

reference  forces  and^ome^^ ^  S  w ver 'Tr, \ » °T  ’*1"d 
system,  the  forces  and  moments  are  not  a  fundi™  by 

defining  0u  .  0  when  t„  -  i  90  degrees,  the  wind  reference  data  can ’he 


summation,  this  definition  for  6w  provides  the  necessal^re ^iS?  ^ 


that  aerodynamic  forces'  and' "moment 7tl ^d^penden^only 'on  tjiSCUS?ion  iS 

of  the  flight  path  with  respect  to  thn  r  d  fc  ly  the  orientation 
orientation  of  the  flight  pL  with  resp^  (fthe  gilT^  °f  the 


°f  WselagfaerodynamJcs^jractwiri  Junctions 1°-S  repreSentatll>n 

de?in¥drbyhtLt«;ocUyaSuLt^!-1deb'  cC°nSe^"“t '  ^  staso'ids'ar? 

the  restriction  that h.  n“°  s  ?  1= <4-4>  a"d  <«-*>  -1th 


the  restriction  that  tie  Td  ?t  ^ 

ana  cos  y  do  not  exceed  +  on 

dpprppQ  nnrl  .  W  ■ 


,  vj  yt  11  calkc a  x  um 

degrees  and  the  inverses  on  sin  and  cos  do  not  Lead  i  180  degrees. 


t » jw  r fji'iJn 


T  > 


'w  ^w=RMb 


Ifw=xfb 


Vzfw=-zfb 


dw=-xfw=yfb 


Rotorcraft  eg 


D  =00" 
w 


/RMW'-PMB 
(  ) 


XF,  YF,  and  ZF  are 
X,  Y,  and  Z  forces 
respectively. 

RM,  PM,  and  YM  are 
roll,  pitch,  and  yaw 
moments  respectively. 

Subscript  B  =  Body 
Subscript  W  =  Wind 


(a)  Aerodynamic  Pitch  Angle  Equal  to  Zero. 


t  =90' 
w 


For  i^=±90°  ,  body 

reference  forces  and 

moments  at  9  =0°  are 
vr 

identically  equal  to 
those  at  0^0°, 

(Notation  of  rotations 
for  moment  vectors 
omitted  for  clarity; 
sign  conventions  are 
same  as  above.) 


(bl  Aerodynamic  Pitch  Angle  Not  Equal  to  Zero. 


Figure  4-5.  Aerodynamic  Pitch  Angle  in  Sideward  Flight. 
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p?iiragpg»i»ii^ 


r 


S  I  II  T  W 

w 


cosy  -  u 

w 


'/(■si  gn(u  +  w“  ) 


2  L  2 

u  +  w 


-■in  v 


w 


./V 


(OS  v 


2 


i  ^.n ( II )  v/  u"  +  w“  /  /  V 


(A-<>) 
(A-7) 
(A-8) 
( A  -  9 ) 


t  should  lu  not  i  (1  that  iw  is  not  tin  traditional  s  i  dt  s  1  i  p  angle,  jB .  .Side- 
lip  is  (h  f  i  m  (1  as 


tan  '  ( t  /u  ) , 


and  an  alti.rn.iU  cKfinition  of  is 

w 

il'^  tan  '  (-v/Lsign(u )\J +  w*'J) 

Kquatin,,  v  in  tlu  Lwo  equations  s  ir  Ids 

land  -  tan  t  /Vos  a 
w  w 

lit  m  i  for  snail  pi  till  anglis,  ms  •  =  1  and 

1  w 

C  ~  -  III  , 
w 


(A-  10) 


(A  - 11 ) 


(A- 1 2) 


(A-  13) 


hut  at  lar.;e  values  of  dw,  Liu  i.ia . : n  i  tudes  of  0  and  ('w  are  not  i  nterchango- 
ah  I  e . 

-4.2.  t  High  Anglt  Kquation  Model;  The  Airfoil  Analogy 


S  i  in  i  out  of  tin  p 
rt  p n  si  n t  a  t  i  on  was 
tin  f  i  r.s  L  t  f  f  or  t  s 
t  i  mis  wli  i  t  li  Won  1  d 
l  n r i  si  an  li  uin  o\ e 
and  i:io':k  n  t  i  ha  rai  t 
Mi  t hod s  wli  i  i  li  art 
t  i  im  i  oils  uni  in,  if 
and  p  roll  i  1>  i  t  i  \  i  1  y 
t  u  t  In  noimii  i  f  orui 
at  large  angles  we 
1  /I  r.;<  ant,  1 1  s  .  tin 
i  to;  f usi  I  a  i  s  and 
ana  1  o,,v  ,  and  t  In  n 
ava  I  !  ah  1 1  . 


rimary  ,;oal>.  in  tlu  dt  ve  I  opmeiil  of  the  new  fuselage 
a  itiodt  1  whii  i  would  he  valid  at  all  aerodynamic  angles, 
for  tlu  task  wi  rt  d  i  rt  i  ltd  toward  a  single  set  of  equa- 
aiioiiplish  this  goal  as  will  as  the  others.  A  lltera- 
ri d  no  simple  analytical  methods  for  predicting  the  force 
iristiis  of  ,.t  ik  ra  1  i  ?a  d  bodies  at  largt  aerodynamic  angles, 
availahlt,  sui  h  as  using  hound  vortices,  would  lie  very 
programmed,  approximate  evt u  if  tlu  flow  were  potential, 
i  omplex  following  separation  or  stall,  all  due  primarily 
shape  of  rolonraft  fuselages.  Also,  test  data  for  bodies 
re  very  limited,  ('.onsequi  n  L 1  y ,  the  ma  Lheina  L  i  ea  1  model  for 
High  Angle  Kqu.i  t  i  on  (IIAK)  model,  was  derived  by  c.oinpar- 
airodvnamit  surfaces  with  what  was  termed  tlu  airfoil 
supporting  (he  conclusions  with  the  limited  test  data 


<4-0 


rite  i  n  i  L  i  a  1  step  in  llu  airfoil  analogy  was  to  eonsieler  Liu  fuse  1  age  as  a 
spti  Lai  cast  of  an  nerodynamie  surface.  The  geometry  of  conventional  aero¬ 
dynamic  surfaces  is  described  In  paca-ie  1 1  rs  sue  b  as  aspect  ratio,  tape  r 
ratio,  s we  e  p  angle  ,  t h  i  e  kite  s s - e  hor  1  mtio,  t  w i  s  I  ,  and  airfoil  si  c  t  i  ons  . 

Of  these  parameters,  aspect  ratio  and  th .  ckness -cii'-rd  ratio  have  strong 
analogies  when  considering  the-  fuselage  shape.  lit  conventional  aspect 
ratio  is  defined  as  1  - / S  (b  =  span,  S  =  planfom  area),  while  the  Lhiekness- 
ehord  ratio  is  t/c  (t  =  maximum  thickness  of  airfoil,  <  -  me  an  chord  of 

airfoil).  For  a  fuselage,  the  analogous  parameters  are  not  single  valued. 
They  depend  on  the  orientation  of  the  fuse  !ase  with  respect  to  the  wind. 

The  fuselage  parameters  which  can  he  related  to  the  surface  parameters  of 
span,  area,  chord,  and  thickness  are  listed  in  Table  4-1  for  forward,  side¬ 
ward  and  vertical  flight.  Based  on  the  normal  relationships  of  the-  fuse¬ 
lage  parameters,  the  magnitude  of  the  fuselage  aspect  and  thickness-chord 
ratios  can  then  he  estimated  as  shown  i n  Table  4-1.  From  this  table  ,  the 
following  cone  1  us  ions  can  be  drawn: 

(1)  In  forward  or  rearward  flight,  a  fuselage  is  analogous  Lej  an 
aerodynamic  surface  with  a  relatively  low  aspect  ratio,  i.e., 
less  than  unity,  and  a  moderate  th  i  e  km  ss-e  liord  ratio,  i.e., 

0.1  to  (),), 

(2)  In  sideward  or  vertical  flight,  a  fuselage  is  analogous  to  an 
aerodynamic  surface  with  a  very  high  thickness-chord  ratio,  i.e., 
un i Lv  or  great e r . 

These  conclusions  imply  a  third: 

(’i)  One  type  of  model  would  he  best  for  one  of  the  flight  regimes 
and  a  different  one  for  Llu  other. 

A  decision  on  whether  to  pursue  this  implication  further  was  postponed 
until  the  MAH  model  was  cottiple  ted  and  e  ou  1  el  be  compared  to  test  data. 

Using  the  above  analogy  and  some  limited  aerodynamic  surface  Lest  data, 
the  shape  of  each  fuselage  force  and  moment  curve  was  sketched  for  full- 
range  yaw  sweeps  at  constant  pitch  and  full-range  pitch  sweeps  at  constant 
yaw. 

The  sets  of  sketches,  for  each  force  or  moment  were  then  combined  into  a 
single  three-dimensional  sketch  where  the  force-  or  moment  was  plotted  ver¬ 
tically  ( Z  axis)  as  a  function  of  the  pitch  and  yaw  angle  (X  and  Y  axes). 
Next,  the  lines  of  force  or  moment  were  faired  together  to  form  a  surface 
above  the  X-Y  plane.  Figure:  4-6  is  an  example  of  this  technique  for  the 
drag  of  an  arbitrary  fuselage  shape. 

The  dominant  feature  of  Figure  4-6  and  similar  sketches  is  that  vertical 
sections  intersect  the  surface  in  lines  which  are  periodic  and  very 
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TABLE  4-1.  FUSKLAGE/AEROUYNAMIC  SURFACE  ANALOGY 


FUSE l.ACE  PARAMETER  WHICH  IS  ANALOGOUS  TO  THE 

AERODYNAMIC 

AERODYNAMIC  SURFACE  PARAMETER 

SURFACE 

FLIGHT  REGIME 

AND  REFERENCE  ORIENTATION 

PARAMETER 

Forward /Rearward 

Sideward* 

Vertical  Flight 

F 1  i  g  h  1. 

F light 

(6  =  0 ,  v 

w  w 

=  0,  “180°) 

<6w  =  0. 

^w  =  '-00°) 

(L  =  ±9  0*" 
w 

,  ♦  =  0°) 
w 

Pi  tch 

Yaw 

Yaw 

Pi  Lch 

Yaw 

Chord ,  c 

Length 

Leng Lh 

Width 

Height 

Height 

Thickness,  L 

Height 

Width 

Leng  Lh 

Length 

Width 

Span ,  b 

Width 

Height 

Height 

Wid  th 

Length 

Plane  of  Refer- 

X-Y  Plane 

X-Z  Plane 

Y-Z  Plane 

Y-Z  Plane 

X-Y  Plane 

cnee  Area,  S** 

Aspect  Ratio,  A 

(Width)2 

(Height)2 

( Height)" 

(Width)2 

(Leap th) 2 

(=b2/S) 

X-Y  Area 

X-Z  Area 

Y-Z  Area 

Y-Z  Area 

X-Y  Area 

Typical  Value 

<0.5 

<0.5 

~1 

<  2 

l>  2  | 

1  <  10! 

Thickne.ss/Chord 

Height 

Wid  th 

Leng  tli 

Leng  th 

Height 

Ratio,  t/c 

Length 

Length 

Wid  t  h 

Height 

Wid  th 

Typical  Value 

l>  0.11 

1  >  o.ll 

l>  2  | 

l>  2  | 

-1 

1  <  0.5  I 

1  <  0.5 1 

l<  10! 

!<  101 

In  sideward  flight  (tyw  = 

-90c),  the  c 

quation  for 

tw  (=  tan 

1  w/u) 

cannot  define- 

the  angle. 

Hence,  analogies  with  respect  to 

the  wind 

axis  cannot  be  made.  However,  body  axis  forces  and  moments 

in  side- 

ward  flight  are  independent  of  and  ^  can  be 

defined  to 

be  zero. 

**  The  reference 

area  of  a 

surface  is  its  planform. 

Reference 

area  for 

a  fuselage  is 

the  area  projected  on  a 

body  plane 
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Figure  4-6.  Sketch  of  Fuselage  Drag  as  a  Function  of  0  and 


f 


sinusoidal  in  appen  ranee  •  Based  on  Lhc  shapes  of  Lhe.se  intersections, 
equations  were  construe  led  as  sinusoidal  functions  of  integer  multiples  of 
0W  and  (»fw  to  provide  smooth  transition  between  all  combinations  of  9W  and 
\jiw.  The  periodic  nature  of  the  ee|uations  established  the  coefficients  as 
the  values  of  the1  forces  or  moments  at  inLeger  multiples  of  45  degrees. 

Data  from  large  angli  wind  Lunrit  1  tests  of  l  wo  different  configurations 
were  then  used  Lo  check  out  the  equations.  Based  on  the  results  of  this 
comparison,  empirical  modifications  were  made  to  the  equations,  which  were 
then  defined  as  the  High  Angle  Liquation  model.  These  equations  are  :  isted 
in  Table  4-2. 

a  .  2  .  Nominal  Angle  liquations 


I 


ihe  next  -.tip  in  the  development  of  the'  new  fuselage  representation  was  to 
examine  I  lie  accuracy  and  suitability  of  the  High  Angie  Equation  model  in 
simulating  the  forces  and  moments  aL  low,  or  nominal,  aerodynamic  pitch 
and  yaw  angles  (both  angles  less  than  approximately  ±  15  to  -  30  degrees). 
Data  from  force  and  moment  wind  tunnel  tests  of  five  different  fuselages 
were  examined: 

(L)  Bell  Model  20'*  (All- LG ,  or  liuey  Cobra)  type  fuselage:  relatively 
high  height-  to-wicl  t  h  ratio,  low  rectangular  tail  boom,  very  aero¬ 
dynamical  ly  clean  fuselage,  smooth  faired  pylon,  pointed  nose. 

(2)  Be  1 L  Mode  205  (UH-1H,  or  Huey)  type  fuselage:  much  lower  height- 
Lo-width  ratio  than  Model  209;  low  rectangular  tail  boom;  bulky, 
aerodynamical ly  dirty  fuselage;  Low,  blunt  nose. 

(3)  Bell  Model  206  (OH-58A  and  JctRanger)  type  fuselage;  height-to- 
width  ratio  between  that  of  the3  20‘>  and  205;  high,  round  tail 
boom ;  stylish,  or  aerodynamical ly  c 1  can,  fuse lage ;  low,  pointed 
nose  . 


(4)  A  proposed  advanced  utility  helicopter  type  fuselage:  height-to- 
width  ratio  near  unity;  low,  round  tail  boom:  relatively  clean 
aerodynamical ly  compared  to  Model  205;  low,  pointed  nose. 

(5)  A  proposed  advanced  gunship  type  fuselage:  similar  to  Model  209 
but  with  twin  engine  pods,  round  tail  boom,  exposed  tail  rotor 
drive  shaft,  no  pylon  fairing. 

The  Model  205,  206  ,  and  2()9  fuselages  included  skid  gear,  while  the  two 
other  configurations  included  wheeled  landing  gear.  In  addition,  data  on 
the  Model  206  with  inflated  pop-out  float  gear  were  examined. 

Preliminary  evaluation  of  the  ability  of  the  HAE  model  to  simulate  forces 
and  moments  in  the  nominal  angle  region  showed  that  the  HAE  model  could 
not  simulate  the  data  within  the  accuracy  of  the  test  data.  In  particular, 
the  aerodynamic  coupling  was  not  represented  as  precisely  as  needed. 
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where 


TABLE  4-2.  HIGH  ANGLE  EQUATIONS  FOR  FUSELAGE 
AERODYNAMIC  FORCES  AND  MOMENTS 


Lift  =  L  =  !  *cos^(|i  +  I,  .s  i 

1  w  2  Yw 

2 

(  1.(0, 0)  +  1,  *sin“6  +  l..*sin(26  )  i  f  I  \ii  I  <  90° 
j  _  )  i  w  4  w  I  wl  — 

^  L(  180,0)  -  ]  *cos^6  -  L,*sin(26  )  if  I  Ui  I  >90 

5  w  4  w  I  Ywl 

L  =  L(90,0)*Cose  +  Y(90,0)*sin6 

2  w  w 

L3  =  L(0 , 90)  -  1.(0, 0) 

C  ■  ■  «»-®>  -  S**l"2<VJ/*l0<*V 

L,.  =  L(0 , 90)  -  1.(180,0) 


2  ’> 

Drag  =  D  =  D,*coi>  \|i  +  D(90,0)*sin“v 

1  w  w 

2„  2 

D.  =  l)„"C()S  s  +  D  *s  in  & 

1  2  w  v  w 

j  D(0 ,0 )  i f  j  ^  J  <  90“ 


?  _ 

D(  180,0)  if  | 


>  90 

w 


(  D(0, -90)  if  6  <  0 

I  w  — 

I  D(0,+90)  if  6  >  0 


2 

Pitching  Moment  =  M  =  M^*cos  i|i  +  M2*sin  \Ji 

9  9 

(  M(0,0)  +  M  *sin“G  +  M,*sin  9  if  U  |  <  90° 

I  .1  w  q  w  I  wl  — 

M,  =  1  J  7 

(  M  ( 0 , 9  0 )  -  Mr*cos  b  -  M.  *s  i  n“G  if  |\li  I  >90° 
j  w  4  w  I  w 1 

Mn  =  N(90,0)*sinG  +  M(  90 , 0  )*cos"t: 

2  w  w 

M3  =  M(0 , 90 )  -  M(0,0) 

M.  =  LM(0,G  )  -  M(0,0)  -  M  *sin2(0  ,0)]/sin(2*6  ) 

U  Ia/T  1  /  \a7Ti  W  LJ 


M5  =  M(0,90)  -  M( 180,0) 


MW'  f " , ] *rt  ”7? 


TABl.F,  4-2 .  Continued. 


where 


where 


2  2 

Side  Force  -  Y  =  Y,*cos  b  -  1.(90, 0)*sln  6 

1  w  w 

Y,  =  Y(90,0)*simli  +  Y,,*sin(2tti  ) 

L  Tw  2  w 

Y  =  Ly(1  ,0)  -  Y(90,0)*sin(*  )]/sin(2**  ) 

L  Wp  Wp  wp 

2  2 

Rolling  Moment.  =  1  =  1  ,*cos  8  +  l(90,0)*sin  0 

b  1  w  w 

1.  =  l(90,0)*sini'  +  l„*sin(2iji  ) 

1  Tw  2  w 

1,  =  L  ( *  0 )  -  l(90,0)*sin(\|iwp)]/sin(2*\)i^) 

2  2 

Yawing  Moment  =  N  =  N.*cos  0^  -  M(9O,O)*sin''0w 


where 


The  force  or  moment  symbols  with  double  subscripts  in  parentheses;  e.g., 
D(0,-90),  M(90,0),  and  N(90,0);  indicate  the  orientation  of  the  fuselage 
with  respect  to  the  wind  for  that  particular  force  or  moment.  The  first 
subscript  is  the  aerodynamic  yaw  angle  ( i|i  )  and  the  second  is  the  aero¬ 
dynamic  pitch  angle  (8^) .  For  example,  D(0,-90)  is  the  drag  at  ^  =  0° 

and  0  =  -90'  . 

w 

The  subscript  p  on  tfi  and  0  indicates  peak  values.  For  example,  M(0,8  ) 

w  w  wp 

is  the  maximum  pitching  moment  for  8  <90  at  i|i  =0  and  occurs  at 

r  °  w  Tw 

8=0  .  The  peak  value  and  angle  for  each  force  and  moment  are  inde- 

w  wp 

pendent  of  the  peaks  for  any  other  force  or  moment. 


Consequently,  a  study  was  performed  to  determine  the  set  of  equations  which 
could  best  fit  the  referenced  test  data. 

The  general  equation  chosen  for  the  study  was 


c0  +  2  Ci  [f(y)l'i 


(4-14) 


where 

Z  is  the  force  or  moment  under  consideration, 
x  and  y  are  the  aerodynamic  angles, 

and  J^  are  the  positive  integer  exponents  for  f(x)  and  f(y),  and 
are  constant  coefficients. 

The  parameters  varied  in  the  study  were  then 

(1)  The  functions  of  x  and  y,  f(x)  and  f(y) 

(2)  The  values  of  the  exponents,  I ^  and 

(3)  The  number  of  terms,  N 

The  functions  of  x  and  y  chosen  were  the  angles  themselves  and  sine  func¬ 
tions  of  the  angles  where  the  sine  functions  had  the  same  period  as  the 
corresponding  variations  in  the  HAE  model,  i.e,,  sin(9  )  or  sin(20  ),  and 
sin w)  or  sin(2i^w),  as  appropriate. 

Initially,  the  values  of  each  exponent  rang'd  from  zero  to  five,  and  up  to 
twenty-five  terms  were  considered.  Judgement  of  the  quality  of  the  curve 
fit  was  based  on  the  summation  of  the  absolute  values  of  the  difference 
between  calculated  and  measured  values  divided  by  the  number  of  data  points 
in  the  data  set  and  on  the  root-mean-squared  error  per  point.  These  param¬ 
eters  were  then  compared  to  the  accuracy  of  the  wind  tunnel  data. 

Based  on  preliminary  analysis,  the  general  equation  was  reduced  to  sixteen 
terms  with  exponents  less  than  or  equal  to  three  because  the  higher  order 
terms  did  not  improve  the  fit  enough  to  warrant  their  inclusion. 


Hence,  the  baseline  equation  for  the  study  was 
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Z  =  0^  +  C^f(x)  +  C2f  (x)  +  C3f  (x) 

+  [C,  +  C5f(x)  +  C6C2(x)  +  C?f3(x)]f(y) 

+  [C8  +  Cgf(x)  +  C1()f2(x^  +  Cuf3(x)]f2(y) 

+  [Cl2  +  C13f(x)  +  C14f2(x)  +  C15f3(x)]f3(y) 


(4-15) 


For  lift,  drag,  and  pitching  moment,  x  is  the  pitch  angle  and  y  is  the 
yaw  angle.  To  obtain  a  physical  or  analytical  feel  for  this  equation 
and  how  the  coefficients  relate  to  measurable  quantities,  consider  yawing 
moment.  In  the  wind  tunnel,  data  are  generally  obtained  by  sweeping  one 
angle  with  the  other  held  constant.  If  the  pitch  angle  is  constant, 
then  Equation  (4-15)  can  be  rewritten  for  yawing  moment,  N,  as 

N  =  q[(N0/cl)  +  (NL/q)f  (mw)  +  (N2/q)  f2(\(iw)  +  ( N^/q ) f  3('l»w)  ]  (4-16) 


where 


N0/q  -  C0  +  v<e„>  +  v2(e„>  +  c3f3<0„> 

yi  -  c4  +  C5t<ew)  +  C6f2<V  +  C7t3(ew> 

N2/q  -  cs  +  c9f(eu)  +  c10f2(e„)  +  cuf3<V 

V’  *  C12  +  C13,<aw>  +  C14f2<ew>  +  C15f3<fV 


(4-17) 

(4-18) 

(4-19) 

(4-20) 


Np/q,  N^/q,  N^/q,  and  N3/q  are  constant  since  pitch  angle  and  hence  f(0w) 

are  constant.  If  N2  and  N3  are  small,  and  f(\|'w)  =  sin  \jiw  =  \|iw,  Equa¬ 
tion  (4-16)  can  then  be  approximated  as 


N/q  «  Nq/ q  +  (Nj/ q)  *w 


(4-21) 


which  is  the  familiar  form  of  the  small  angle,  linear  approximation  for 
calculating  yawing  moment,  fence,  ^/q  and  N^/q  are  simply  coefficients 
to  provide  a  third-order  fit  to  the  wind  tunnel  yaw  sweep  data. 

Now  consider  that  most  wind  tunnel  tests  have  yaw  sweeps  at  more  than  one 
pitch  angle  and  that  the  values  of  N^/q,  N^/q,  N2/q,  and  N3/q  will  generally 
be  different  at  different  pitch  angles.  In  this  case  their  values  can  be 
curve-fitted  using  the  form  of  Equations  (4-17)  through  (4-20).  The  re¬ 
sulting  coefficients  can  then  be  substituted  into  Equation  (4-16).  Equa¬ 
tion  (4-16)  will  then  simulate  both  the  conventional  variation  of  yawing 
moment  with  yaw  angle  and  the  generally  neglected  variation  of  yawing 
moment  with  pitch  angle,  i.e.,  aerodynamic  cross-coupling. 


From  further  analysis  of  the  wind  tunnel  data  and  comparison  of  the  qual¬ 
ity  of  the  curve  fits  and  accuracies  of  the  test  data,  it  was  concluded 

that  the  terms  with  the  coefficients  C..,  CL,  C..,  C,  .  ,  C,„,  CL,  and  Cic 

J  /  to  11  13  14  15 

could  be  deleted  from  Equation  (4-15)  for  the  lift,  drag,  and  pitching 

moment  equation  and  that  the  C  .  C.n,  C, , ,  C1(,  and  Cir  terms  could  be 

/  i  (J  11  14  15 

deleted  from  the  side  force,  rolling  moment,  and  yawing  moment  equations. 

The  type  of  function  used  for  f (G  )  and  f ( \li  )  had  a  very  small  and  random 

w  w 

effect  on  the  quality  of  the  curve  fit.  For  some  data,  the  polynominal 
form,  e.g.,  f(8)  =  0  ,  provided  the  best  fit;  for  other  data,  the  sinu- 

W 

soidal  forms,  e.g.,  f(8)  =  sin(G  ),  or  sin(20  ),  provided  the  best  fit. 

w  w 

Hence,  for  maximum  compatibility  with  the  HAF  model,  the  sinusoidal  func¬ 
tions  were  used  in  the  baseline  equation.  The  resulting  set  of  equations 
was  termed  the  Nominal  Angle  Equations  (NAE)  model  and  is  given  in  Tables 
4-3  and  4-4. 

Table  4-5  is  a  summary  of  the  effect  of  deleting  various  combinations  of 
coefficients  from  the  baseline  equation  on  the  quality  of  the  curve  fit 
for  the  Model  206  data.  Data  for  the  other  fuselages  exhibited  similar 
trends  in  quality  of  fit  relative  to  the  test  data  accuracy. 

From  the  above  study  it  was  apparent  that  the  HAE  model  was  not  suffi¬ 
ciently  accurate  to  model  the  forces  and  moments  in  the  nominal  angle 
case.  The  HAE  model  is  convenient  and  desirable  in  that  the  equations 
are  continuous,  give  the  proper  daca  trends  at  all  fuselage  orientations, 
include  some  cross-coupling  effects,  and  require  relatively  few  inputs. 
However,  only  in  isolated  cases  was  their  accuracy  in  the  nominal  angle 
case  within  the  accuracy  of  the  test  data. 

The  possibility  of  using  the  NAE  model  for  all  fuselage  orientations  was 
then  investigated.  The  conclusion  was  that  it  could  not  be  used  to  re¬ 
place  the  HAE  model  because  of  the  cross-coupling  terms  in  the  NAE  model. 

As  is  typical  of  most  curve-fit  techniques,  extrapolation  beyond  the 
range  of  data  fitted  gives  a  very  poor  fit.  Hence,  it  was  decided  that 
both  the  HAE  and  NAE  models  should  be  included  in  the  revised  mathematical 
model  of  the  f use lage,  s ince  each  model  performs  a  function  which  the  other 
cannot . 

4.2.5  Logic  for  Phasing  and  Use  of  the  High  and  Nominal  Angle  Equations 

The  transition  from  the  HAE  to  the  NAE  model  and  vice  versa  should  be  con¬ 
tinuous,  smooth,  and  not  cause  any  reversals  or  sharp  changes  in  slope  not 
actually  in  the  data.  Also,  the  transition  should  be  dependent  on  both  the 
pitch  and  yaw  angle.  The  simplest  parameter  which  can  accomplish  these 
objectives  is  the  complex  angle  of  attack,  a  . 


-1  u 

a  =  cos  — 
c  V 


(4-22 ) 


TABLE  4-3.  NOMINAL  ANGLE  EQUATIONS  FOR  LONGITUDINAL 
AERODYNAMIC  FORCES  AND  MOMENTS 


,  bFM  ...  bFM  .2, 

FM  =  FMn  +  7 — : — ; sini  H - s -  sin  \lt 

0  osinik  Tw  .  .  2,  Tw 

Tw  bsin 

w 


,  /  bFM  .  b(bFM/bsin[ ANGJ )  .  . 

+  l  bsinLANGj  +  bsin^  Sin,i,w 

\  w 


^FM/SslnUttG])  sln2  \  n[  ^ 

bsin2*.  "  / 


+  — ^ -  + 

'  bsin  Lang] 


sin,  \  sln2[AN0] 

6sml  w  / 

w  / 


/bFM  \  . 

I  - 3 -  sn 

\  bsin  Lang]  / 


3 Lang] 


The  above  equation  represents  the  equations  for  lift  (L),  drag  (d),  and 
pitching  moment  (M) „  To  obtain  the  complete  equation  for  one  of  the 
forces  or  the  moment,  substitute  its  corresponding  symbol  for  the  repre¬ 
sentative  variable  FM.  For  lift  and  pitching  moment,  ANG  =  20  ;  for 

drag,  ANG  =  0  . 
a  w 

FM„  indicates  the  value  of  FM  at  0  =  di  =  0°  . 

0  w  Tw 


-2 


ii£&jsi 


TABLE  4-3.  EFFECT  OF  DELETING  TERMS  FROM  BASELINE 
EQUATION  ON  ACCURACY  OF  CURVE  FITS 


Subscript  of 
Coefficient  of  Terms 
Deleted  from  Baseline 
Equation 


None 

15 

14,  15 
11,  14,  15 
10,  11,  14,  15 
7,  10,  11,  14,  15 
7,  10,  li,  13-»15 
3,  7,  10,  11,  13-15 
3,  6,  7,  10,  11,  13- 
3,  6,  7,  1CH>15 


Summation  of 
Divided  by 

Lift- 

2 


Absolute  Value  of  Errors 

Number  of  Points  Fitted 

Drag-  Pitching 

2  ' 
ft  Moment-ft 


Case  1 

Case  2 

-  ■  .  ....  — , 

Case  1 

Case  2 

Case  1 

Case  2 

.4342 

.  2576 

• 

.2268 

.0916 

1.6342 

.8054 

.4362 

.  2579 

.  2267 

.0940 

1.6345 

.8034 

.5093 

.2703 

.2382 

.0939 

2. 1877 

)  .0667 

.5186 

.  2709 

.2381 

.0942 

2.1897 

1.0661 

.5455 

.3543 

.2601 

.1276 

2.1508 

1.1992 

.5520 

.3545 

.2637 

.1299 

2.1505 

1.1991 

.5522 

.3545 

.2651 

.1299 

2.1555 

1.1988 

.5566 

.3544 

.2650 

.1308 

2.1519 

1.1971 

1.2535 

.4979 

.2764 

.1305 

2.3987 

2.1779 

1.2521 

.6190 

.2771 

.1316 

2.8462 

2.7814 

Accuracy  of  test  data  -  0.7  ft 


±  0.3  ft' 


±  2.0  ft" 


TABLE  4-5.  Continued. 


Subscript  of 
Coefficient  of  Terms 
Deleted  from  Baseline 
Equation 


None 

15 

14,  15 
11,  14,  15 
10,  11,  14,  15 
7,  10,  11,  14,  15  * 
7,  10,  11,  13->15 

Accuracy  of  test 
data 


Summation  of  Absolute  Value  of  Errors 
Divided  by  Number  of  Points  Fitted 


Side  Force- 
2 


Case  1 

Case  2 

.4885 

.2049 

.4860 

.  2070 

.5052 

.2146 

.  5051 

.2138 

.5121 

.2661 

.7057 

.  3734 

.7180 

.4532 

±  0. 

5  ft2 

Rolling  Moment- 
ft3 


Case  1 
1.1296 
1.2955 
1.2957 
1.3221 
1.3293 
2.0218 
2.0621 


±  2.0  ft 


Case  2 
.5673 
.5675 
.5685 
.  5730 
.5949 
.6988 
.  7337 
3 


Yawing  Moment- 
3 


Case  1 
2.4860 
2.4623 
2.7781 
2.8010 
2.8181 
2.9320 
2.9065 


Case  2 
1.2110 
1.3004 
1.4318 
1.4279 
1.4301 
1.  7375 
1.9416 
3 


Units  of  the  errors  are  force  or  moment  divided  by  dynamic  pressure 
per  point  (ftVpoint  or  ft3/point  respectively).  All  data  are  for  a 
0.25  scale  Bell  Model  2C6  (JetRanger). 

Case  1:  Basic  fuselage  with  skid  gear;  136  data  points  fitted; 

-12°  <  6  <18°;  |  <  16°  to  25°. 

Case  2:  Basic  fuselage  with  inflated  pop-out  floats;  89  data  points 
fitted;  -10ff<  6  <18°;  t  <12°. 

'^Indicates  the  set  of  coefficients  deleted  from  the  baseline  equation  to 
form  the  programmed  Nominal  Angle  Equation  model.  Baseline  equation  is 
Equation  (4-15). 
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■’rom  liquation  (4-22)  and  l!u  orthogonality  of  Liu  body  axis  velocities, 


sin  a 


(4-23) 


Tins  parameter  is  the  angle  between  the  wind  vector  and  the  body  X-axis. 
The  locus  of  the  body  X-axis  for  a  constant  complex  angle  of  attack  is  a 
conical  surface  of  revolution  about  the  wind  vector  (the  positive  wind 
X-axis ) . 

If  the  angle  is  to  be  measured  with  respect  to  the  positive  wind  Y-axis, 
Die  alternate  definition  of  o  is 


cos 


(4-24) 


These  separate  definitions  are  made  so  that  the  Nominal  Angle  liquations 
can  be  centered  about  either  the  wind  X-axis  (for  very  precise  simulation 
in  forward  and  rearward  flight)  or  the  wind  Y-axis  (for  sideward  flight). 
The  choice  sof  which  axis  to  use  as  the  center  of  the  cone  for  these  equa¬ 
tions  has  been  made  a  user  option. 

Three  inputs  to  the  program  ( hGF,  o^,  and  a(|)  control  the  use  and  phasing 
together  of  the  Nominal  Angle  and  High  Angle  liquations.  LCF  is  a  logic 
switch,  while  6|  and  t(!  are  boundary  angles: 

LGF:  =  0  for  the  region  of  use  of  the  Nominal  Angle  liquations 

to  be  centered  about  the  wind  X-axis. 

f-  0  for  ttie  region  of  use  of  the  Nominal  Angle  liquations  to 
be  centered  about  the  wind  Y-axis. 


The  value  of  a  at  the  boundary  between  the  region  where  the 
Nominal  Angle  liquations  are  used  and  the  region  where  the 
two  sets  of  equations  are  phased  together. 


:  The  value  of  at  the  boundary  between  the  region  where  the 

High  Angle  liquations  are  used  and  the  phasing  region. 

The  logical  decisions  made  based  on  these  three  inputs  are  shown  in  Figure 
4-7. 


Within  the  phasing  region,  the  value  of  individual  forces  and  moments  is 
calculated  using  the  phasing  angle,  q-  , 


a  =  +  90 
c 


+  O. 


H 

Kjgl  pfl 

Indicates  region 
where  equations  a  =  +  90^ 
are  phased  together 


+  a. 


1801" 


180 


Case  I:  NAE  model  active 
in  forward  flight. 

<  \  <  "h  > 


a  =  +  90° 


c 


Case  II:  NAE  model  active 
in  rearwara  flight  . 

(a  >  a  ) 
v  L  H  ' 


Case  III:  Similar  to  Case  I  but  Case  IV:  Similar  to  Case  II  but 

region  for  NAE  model  much  larger.  region  for  NAE  model  much  larger. 


Cases  I  and  II  represent  likely  inputs.  Although  Cases  III  and  IV 
are  possible  inputs,  it  is  improbable  that  the  NAE  model  will  adequately 
simulate  the  data  throughout  such  a  large  region. 


Figure  4-7.  Phasing  of  Fuselage  NAE  and  HAE  Models. 
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a  -  o 
c  L  n 


Of  -  O' 

II  L 


and  the  following  relationship: 


FM(6  ,  v  )  .  ,  =  FM(6  ,  ill  cos2a  .  +  FM(6  ,  v|i  )  sin2a  ,  (4-26) 

v  w  wind  w  w  NAE  ph  w  Tw  HAE  ph 


whe  re 


FM  is  a  specific  force  or  moment 

wind  indicates  the  final  wind  axis  value 

NAE  indicates  the  value  from  the  Nominal  Angle  Equation 

1 1 A  K  indicates  the  value  from  the  High  Angle  Equation 


EXAMPLES  OF  THE  FUSELAGE  REPRESENTATION 


Figure  4-8  is  an  example  of  the  High  Angle  Equation  model  for  a  medium 
utility  helicopter.  Data  for  drag  and  yawing  moment  are  shown.  Other  data 
exhibited  similar  correlation.  Table  4-6  is  an  example  of  the  Nominal 
Angle  Equation  model  for  a  light  commercial  helicopter.  The  data  presented 
are  a  sample  of  the  output  of  computer  program  AS812.A  discussed  in  the  next 
section  and  consist  of  the  coefficients  of  the  curve  fit  and  a  comparison 
of  the  input  and  calculated  force  or  moment.  The  quality  of  the  curve  fit 
can  be  judged  by  referring  to  the  columns  labeled  "DELTA"  (input  minus 
calculated  value)  and  "REL-DEL"  (DELTA  divided  by  input  value)  and  to  the 
two  parameters  at  the  end  of  the  calculations  labeled  "SUM  OF  ABS(ERRORS)/ 
POINTS"  (the  summation  of  the  absolute  values  of  DELTA  divided  by  the  number 
of  data  points)  and  "RMS  ERROR/POINTS"  (the  square  root  of  the  summation  of 
DELTA-squared,  divided  by  the  number  of  points).  These  data  and  parameters 
indicate  that  the  NAE  model  can  fit  the  input  data  so  closely  that  separate 
plots  of  the  input  and  calculated  data  (e.g.,  contour  or  carpet  plots) 
would  virtually  overlie  each  other. 


4.4  AIDS  TO  DETERMINING  THE  INPUTS  FOR  FUSELAGE  REPRESENTATION 


Included  with  the  Rotorcraft  Flight  Simulation  Program  is  a  separate  com¬ 
puter  program  designed  to  aid  the  user  in  determining  the  inputs  to  the 
fuselage  representation.  This  program,  designated  AS812A,  curve-fits  force 
and  moment  test  data  to  the  Nominal  Angle  Equations  of  C81.  The  output  of 
the  program  is  the  set  of  coefficients  of  each  equation,  a  comparison  of  the 
test  and  calculated  data,  and  parameters  for  estimating  the  quality  of  the 
fit.  At  the  user’s  option  the  coefficients  are  punched  on  cards.  The 
format  of  the  punched  output  is  precisely  that  required  for  input  to  C81. 

See  Section  3.26.3  of  Volume  II  for  additional  information  regarding  this 
program. 


Medium  Utility  Helicopter. 
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TABLE  4-6.  EXAMPLES  OF  FUSELAGE  AERODYNAMIC  REPRESENTATION  AT 

SMALL  ANGLES  FOR  A  LIGHT  COMMERCIAL  HELICOPTER 

OK  AC  DATA 

CJtFF  ICUMS 

OF  EQUATION 

SUB 

- 

NCN- 

SCRIPT 

Cl^ENSlCNAL 

DIMENSIONAL 

AGAJ73  INPUT 

CO 

2 • 1 C  f  T**2 

2 • C  993  79 

F  I  ••2/0EG»*0 

XFSI29I 

10 

-C.bb  f  T*  *2 

-0.011633 

F  T  **2/DEG** 1 

HFS(35> 

20 

6?.b7  F  T * *2 

0. 02ubl 3 

F I •• 2 /OE  G* *2 

XFS136) 

01 

.92  F T •  •  2 

-0.050906 

F  T ••2/OEG* • 1 

XFSI37) 

1 1 

..02  n»»2 

0. ouOb  i  3 

FT»»2/0EG*»2 

XFS138I 

21 

U.84  FT<>*2 

0.000004 

F  T**2/DEG**3 

XF  S  ( 39J 

02 

29.90  M • *2 

0. u0910d 

F  I  **2/060**2 

XFSI40I 

12 

-1.95  f  T*  •  2 

—  U.wOCOlU 

F T ••2/CEG**3 

XFS141I 

II  OJ 

-11 .99  F  T  •  •  2 

-O.OCJubB 

FT ♦•2/0EG**3 

XF5152) 

INPUT  CATA  AND  CAUCULATILNS 

RUN/Pt 

P  ;  T  C h  fAh 

INPUT  CALCULATION 

DELTA 

hEL-OEL 

210 

1 

-11. to  C.CC 

3.310J 

H . u< o9 

-0.2  14 

-C • 0 5  74b 

210 

2 

-U.4t  -16. Cl 

9. 3000 

9.(175 

G.  1  a  3 

C. 01564 

210 

3 

-1C. 53  -12. Cl 

6.6&0J 

6.b595 

-C. 189 

—  U  .  J  2  044 

210 

4 

-1C. 43  -c.Cl 

*»•  930u 

3.  i  4Cfa 

-0.211 

-c  .05276 

210 

5 

-10.69  -6.Ci 

4  •  5  c  j  0 

9.5950 

-o.c75 

-C.O  I66v* 

210 

t 

—  1C. 7b  — 4.V.L 

4.2600 

4.1c33 

C.  1  17 

C. 0272c 

210 

i 

-11. 6^  -1.95 

4 . Ob  00 

5.1110 

-0.051 

-1.01256  | 

2  1 0 

6 

-  1  l.b.  —  0 . C 1 

3. 0100 

4 .0*«04 

-0.630 

-C  •  0bo4b 

210 

9 

-11.09  1  .vs 

3. 8800 

4 • G3u7 

-u. 171 

-c. 04399  | 

2  10 

1C 

-11.40  3.49 

4. 1  tiOO 

5.1766 

G.003 

w itb Jdl 

210 

1 1 

-lO.ol  6.C2 

4.360C 

4.3469 

c.  163 

0.03577 

2  10 

12 

-10.71  t.O. 

3.0300 

4. 4046 

0.125 

c .0255j 

t  1  yJ 

i  j 

-10.  57  1C  .01 

5.630C 

5.3573 

0  .  c  7  3 

c. 01291 

210 

l* 

-  1  L. 5t  12. Cl 

o. 3800 

6.9056 

-U .O 2b 

-C. 00401 

2  10 

IS 

-1C. 4/  14. C2 

7. 3500 

7 . 3dC3 

-O.U  3u 

-6.3-510 

210 

U 

i 

o 

x- 

i* 

\.r 

j' 

8.7900 

8.5029 

0.20b 

L  •  0  J  2  7x 

210 

1 1 

-11.01  C.CC 

3.6300 

4  .04  30 

-0.213 

-4 • 0  5  56* 

211 

1 

-6.9b  ..be 

3. 1300 

2.9151 

0.610 

C  •  C6dt>6 

211 

2 

-3.7c  -  lfc.U 

8.2CC0 

o.Goc  8 

0.117 

C .u  1 424 

2  11 

3 

-i.lt.  -13.94 

6.8200 

6.3600 

—  C  .  v  9  8 

-L • 0  J  709 

211 

4 

-t. 7 i  -11.95 

5.5700 

5.6030 

-6.003 

-c. 041 04 

211 

5 

-3.0.  -1C. 01 

4.9100 

4  .4  1 0  l 

-O.OCu 

-0.00002 

211 

1 1 

-5.92  -b.01 

4  •  1 3  0  J 

4 . 1  L  6  7 

-6.017 

-u  .00403 

211 

7 

-6.w»3  —6.01 

3. 6**00 

3. 5bb3 

0.109 

C • 02  dG5 

211 

8 

-0.4b  -4.ut 

3.3500 

3.c 1 78 

6.1  32 

u. 03947 

2  11 

9 

-6. 6c  -2.  Z/. 

3. 34uo 

2.477C 

0.363 

w.  10 Bb  7 

2  11 

10 

-6  •  9t  -C.Cl 

3.1300 

2.91 lo 

0.21b 

C  .  0  6  S  7  b 

2  11 

1  1 

-6.97  1.49 

3.1900 

2.9622 

0.22b 

0.07156 

211 

12 

-6.44  3.94 

3.4100 

0.1/89 

0.231 

U.G6777 

211 

13 

-6.63  5.94 

3.O000 

3.5299 

O.u  7 0 

C. 0194c 

2  11 

1* 

-6.31  7.99 

4 . 1 cOO 

3.9752 

0.2C5 

U . 04894 

211 

IS 

-5.86  9.94 

4.6500 

4  .6002 

G.050 

0.01070 

211 

lb 

-3.7b  11.94 

5. 4uG0 

5.5373 

-0.037 

-C  .0069 1 

211 

17 

-5.72  13.95 

6.3100 

6.5  05  5 

-0.124 

-C. 01973 

211 

IB 

-  3*  bl  15.49 

7.5200 

7.5673 

-0.U47 

-0.00629 

211 

19 

-b • 4  b  C.01 

3.1800 

2.9149 

0.265 

C. 08335 

2  12 

1 

-1.99  -c.oi 

2.4800 

2  .2373 

C.  243 

G  .  0  5  7  6c 

2  12 

2 

-1.V4  -25 . uo 

15.5300 

19.6232 

C.907 

C. 05835 

212 

3 

-1.95  -24.00 

U.  1900 

13.7217 

0.468 

L. 03301 

212 

4 

-  1 • 9b  -22. Gt 

11.9600 

L2.UG10 

-0.U41 

-0.00393 

212 

5 

-2.CC  -2C.C. 

10.0100 

10.5093 

-0.399 

-0.03989 

212 

b 

-1.95  -18.01 

0.3900 

8.4262 

-0.536 

-0.06391 

212 

7 

—  2 . Ou  - 16.CI 

7.G600 

7.5745 

-0.319 

-0.07358 

212 

8 

-1.94  -H.ai 

5.8600 

6.3763 

-0.996 

— C .08440 

212 

9 

-1.87  -12.01 

6  r  900C 

5.0075 

-0.407 

-U. 08314 

2  12 

10 

-1.9C  -10.01 

4.1700 

9.9001 

-0.230 

-C. 05517 

212 

a 

-1.64  -fl.Ci 

3.4600 

3.6392 

-C.179 

-C. 05178 

212 

12 

-1.70  -6.CC 

3.0500 

3.0350 

0.015 

C.0049G 

212 

13 

-1.5?  -<..01 

2.7900 

2.6175 

0.172 

C. 06183 

212 

14 

-2.00  -2.00 

2.6100 

2.3461 

0.269 

C. 10112 

212 

15 

-1.96  -e.ci 

2.4400 

2.2325 

0.207 

C. 08586 
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TABLE  4-6,  Continued 


YAWING  MOMENT  DATA 
COEFFICIENTS  OF  EQUATION 


SUB¬ 

r.CN- 

SCRIPT 

cmssiCMi. 

0 1  MENS  1  UNA L 

AGAJ73  INPUT 

00 

-3.72 

M**3 

- 3.724SB7 

F  T ••3/DCG**0 

XFSI88) 

10 

C.45 

F  T  *  •  3 

0 . 00  766  S 

F I ••3/DEG** 1 

XFSTe9l 

20 

-G.02 

f  1**3 

-0. 00244  4 

F  T ••3/CE G**2 

XFSI90) 

30 

-46.7s 

MA«3 

-0.0002S9 

FI**3/0EG**3 

XF  S( 9  1 ) 

01 

143.  71 

f  l**3 

5.016450 

F I ••3/DEG**l 

XFSI92) 

11 

B4.34 

f  1*  *3 

0.051 384 

F I ••3/DEG**2 

XF  S  4  93  3 

21 

-220.82 

f  1**3 

-0.002412 

FT**3/D6G**3 

XF  S I 94  1 

02 

3.29 

F  T  •  •  3 

0. 004004 

FT**3/0EG**2 

XFSI9S) 

12 

-21.21 

f  T**3 

-0.000451 

F 1 /DEG* • 3 

XFS196J 

03 

-74.97 

f  T*  •  3 

-0.003189 

FT  ••3/DtG** 3 

XF  S  ( 9  7 ) 

13 

SS.C9 

F  T*  •  3 

0.000071 

F  1  •• 3/DEG**4 

XFSI96) 

INPUT  DATA  ANU  CALCULATIONS 


RUN/PT 

PIKL 

YAW 

INPUT  CALCULATION 

DLL  T  A  HU-  CLL 

210 

1 

-11.76 

c  ..oc 

-5.0400 

-•3.7366 

-1.303  C. 25860 

2  10 

2 

-  10. <.6 

•  If .Cl 

-52.1 100 

-be. 1386 

0.029  -C.OOCbb 

2  10 

3 

-1C. 13 

•12. Cl 

-45.0700 

-65.5020 

0.632  -C.C0S59 

2 10 

4 

-  1  J.65 

-8.01 

-39.9800 

-36.6767 

-b.303  0.1326b 

210 

5 

-  1C. 61 

-6.01 

-  34.  7300 

-27.6679 

-7.062  C. 20336 

210 

6 

-  10.76 

-4.CC 

-  26 . 2  ICO 

-2u. 0896 

-6.121  C. 21352 

210 

7 

-  1 1  •  o  t 

-1.99 

-  15.6600 

-11.0311 

-3.829  C  •  26650 

210 

0 

-  11. 80 

-C.C1 

-5.6500 

-3. / 7b8 

-  1.676  C.  33171 

210 

9 

-11.69 

1.99 

8. 6100 

6.6C79 

6.202  C. 68805 

210 

10 

-11.61 

3.99 

16.4700 

12 .  b69  3 

3.921  0.2380b 

210 

1  1 

-  10.61 

o  •  0  i 

24.3300 

20. 717b 

3.612  C. 16868 

210 

12 

-10.71 

fc.C  2 

36.5500 

2b. 0383 

8.512  0.23288 

210 

13 

-  10.17 

10.01 

41.4800 

36.666b 

6.836  C. 16676 

210 

14 

-10.58 

12.01 

41.1700 

60.2616 

0,908  C. 02207 

210 

IS 

-  1C.67 

14.02 

4«».  8500 

6b. 066b 

-0.196  -0.00630 

210 

16 

-10.66 

15.99 

49, ,7900 

6 8. b6 3b 

1.227  o. 02663 

210 

17 

-11.81 

C.CC 

-  4.  7700 

-3.7366 

-1.03b  C. 21706 

211 

1 

-6.9e 

C.OC 

-4.5100 

-3.8103 

-0.700  0.1551b 

211 

2 

-1.76 

- 16*00 

-58.8700 

-60.1626 

1.293  -C.0219O 

211 

3 

-5.76 

-13.99 

-55.6100 

-b6.2ol9 

0.652  -C. 01172 

211 

4 

-5.75 

-11.99 

-50.9200 

-bl.2818 

0.362  -0.00711 

211 

5 

-5.82 

-10.01 

-42.5000 

-60.2622 

2.762  -C. 06652 

211 

6 

-5.92 

-8.01 

-30.4400 

-38.1976 

7.758  -C. 25685 

211 

7 

-6.05 

-t.Cl 

-24.0300 

-30.3691 

6.319  -C. 26297 

211 

8 

-6.68 

-4.CC 

-24.4500 

-21.7603 

-2.710  C. 11083 

211 

9 

-6.68 

-2.02 

-  1 5*  8200 

- 12.9L  75 

-2.852  C. 18031 

211 

10 

-6.96 

-C.C1 

-5.2600 

-3 . 85  bb 

-1.606  C. 26699 

211 

11 

-6.97 

1.99 

6.5000 

5  .  e.  2  1 6 

1.278  C.1966B 

211 

12 

-6.66 

3.99 

15.2700 

16.1309 

1.139  0.C766O 

211 

13 

-6.65 

5.99 

21.2500 

22.7612 

-1.691  -C. 07017 

211 

14 

-6.31 

7.99 

23.3900 

31.096b 

-7.705  -C. 32939 

211 

?  * 

-5.86 

9.99 

29.8600 

38.8106 

-8.950  -C. 29975 

211 

16 

-5.76 

11.94 

41.3500 

6b .6  b  72 

-6.107  -C. 09933 

211 

17 

-5.72 

13.94 

51.0200 

b  1  •  0  H  5  3 

-0.069  -0.00136 

211 

18 

-5.61 

15.99 

58.0100 

bb •  7  623 

2.226  C.C3B60 

211 

19 

-6.  .'8 

C.01 

-4.3700 

-3.7668 

-0.605  C.l386a 

212 

1 

-1.66 

-C.01 

-2. 2600 

-3.7969 

1.537  -C.68C05 

212 

2 

-1.96 

-25. OC 

-73.5800 

-73.9696 

0.370  -C. 00502 

212 

3 

-1.95 

-24. OC 

-74. 3300 

-73.9.5B 

-0.626  C.0C571 

212 

4 

-1.66 

-22.00 

-74.4200 

-73.231b 

-1.189  C. 01597 

212 

5 

-2.CC 

-20.01 

-71.8400 

-71.6073 

-C.233  C. 00326 

212 

6 

-  1.95 

-lb. 01 

-67.7600 

-69.1235 

1.366  -C. 02015 

212 

7 

-2.00 

-16.00 

-62.9100 

-6b.6ib6 

2.506  -0.03983 

212 

8 

-1.96 

-14.01 

-57.9200 

-60.786b 

2.866  -o. 06966 

212 

9 

-1.87 

-12.01 

-51.9300 

-bb.ICCb 

3.171  -0.06105 

212 

10 

-1.9C 

-10.01 

-46.1100 

-68.3006 

2.191  -C. 06751 

212 

11 

-1.86 

-8. Cl 

-42.6900 

-60.6519 

-2.038  C. 06776 

212 

12 

-1.76 

-6.00 

-29.4400 

-32.1591 

2.719  -C. 09236 

2  12 

13 

-1.67 

-4.01 

-20.4400 

-23.0653 

2.625  -0.12866 

212 

14 

-2. CO 

-2.00 

-10.0400 

-13.5020 

3.662  -C. 36682 

212 

i  5 

-1.96 

-C.C1 

-0.6100 

-3.7962 

3.186  -5.22330 
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The  inputs  to  the  High  Angle  Equations  are  stated  in  terms  of  the  value  of 
forces  or  moments  divided  by  dynamic  pressure  at  specific  aerodynamic 
angles.  Provided  sufficient  test  data  are  available,  these  inputs  can  be 
read  directly  from  plots  of  the  data.  If  test  data  are  insufficient  or 
not  available,  the  inputs  can  be  estimated  by  analytically  determining  the 
forces  (particularly  drag  force  or  equivalent  flat  plate  area)  and  the 
location  of  the  fuselage  center  of  pressure  at  the  appropriate  orientations. 

Jorgensen's  work  (References  20  and  21)  was  published  shortly  after  the 
development  of  the  current  fuselage  representation.  The  engineering-type 
methods  which  are  presented  in  the  referenced  reports  are  in  general 
agreement  with  the  HAE  model.  However,  no  attempts  were  made  to  incorpo¬ 
rate  Jorgensen's  methods  directly  into  C31  because  of  the  large  amount  of 
geometric  data  on  the  body  required,  the  high  Mach  number  range  for  which 
the  methods  were  derived,  and  the  uncertainty  of  the  validity  limits  of 
the  methods.  Regardless,  the  methods  may  be  helpful  and  should  be  con¬ 
sidered  when  estimating  the  inputs  to  the  HAE. 
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5.  AERODYNAMIC  SURFACE  MATHEMATICAL  MODEL 


5.1  INTRODUCTION 

In  the  course  of  developing  C81,  mathematical  models  have  been  incor¬ 
porated  for  aerodynamic  surfaces.  The  earliest  versions  of  the  program 
contained  very  simple  models  for  a  wing  and  a  horizontal  stabilizer. 

When  lateral-directional  degrees  of  freedom  were  added,  a  vertical  sta¬ 
bilizing  surface  was  added.  Although  minor  improvements  were  subsequent¬ 
ly  made  to  each  of  t lie  three  models,  each  model  remained  distinct  and 
applicable  only  to  a  specific  surface.  The  most  serious  shortcoming  of 
these  models  was  that  they  were  restricted  to  simulating  surfaces  which 
were  parallel  to  either  the  horizontal  or  vertical  planes  of  the  fuselage. 
Specifically,  the  wing  and  horizontal  stabilizer  had  to  be  in  the  body 
X-Y  plane  and  the  vertical  stabilizer  in  the  body  X-Z  plane.  In  accor¬ 
dance  with  these  restrictions,  the  models  were  referred  to  as  the  wing- 
elevator-  fin  models. 

The  current  model  for  aerodynamic  surfaces  was  developed  to  remove  the 
restrictions  inherent  to  the  previous  collection  of  models.  The  primary 
goal  in  the  development  of  the  current  model  was  to  provide  a  single  model 
which  could  be  used  for  any  surface  at  any  orientation  with  respect  to  the 
body.  Other  desirable  features  were: 

(1)  A  better  representation  for  the  flow  field  at  each  surface  and 
the  effect  of  surface  geometry  on  the  aerodynamic  characteris¬ 
tics 

(2)  The  inclusion  of  aerodynamic  pitching  moment  characteristics  for 
each  surface 

(3)  The  capability  of  simulating  flaps  or  control  surfaces  on  each 
aerodynamic  surface 

(4)  The  capability  of  simulating  a  wing  and  four  stabilizing  sur¬ 
faces 

5.2  DEVELOPMENT  OF  THE  MATHEMATICAL  MODELS 

The  complete  aerodynamic  surface  mathematical  model  was  broken  into  four 
submodels  for  development  purposes:  the  flow  field  model,  the  chord 
line  orientation  model,  the  aerodynamic  angles  model,  and  the  surface 
aerodynamic  model.  The  flow  field  and  chord  line  models  were  defined  to 
be  completely  independent  of  each  other  with  their  output  being  combined 
to  define  the  aerodynamic  angles  in  the  third  model.  These  three  models 
completely  replaced  the  comparable  models  which  were  part  of  the  previous 
wing-elevator-fin  models. 

Tht  current  mathematical  model  for  computing  the  aerodynamic  force  and 
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moment  coefficients  is  a  minor  update  an  1  expansion  of  the  previous  repre¬ 
sentation.  The  major  differences  include: 

(1)  Changes  to  specific  equations  to  improve  the  simulation  of  the 
effects  of  surface  geometry 

(2)  The  addition  of  pitching  moment  coefficient  to  the  model 

(3)  A  method  for  modifying  the  coefficients  computed  for  flap,  or 
control  surface,  deflection 

5.2.1  Flow  Field  Model 

In  the  development  of  its  mathematical  model,  the  flow  field  at  each  aero¬ 
dynamic  surface  was  considered  to  be  dependent  on  the  aerodynamic  angles 
of  the  fuselage,  the  location  of  the  surfaces  with  respect  to  the  fuselage, 
and  velocity  component  induced  at  the  surface  by  the  rotor (s).  In  addi¬ 
tion,  the  flow  field  at  eacli  stabilizing  surface  was  considered  to  be  de¬ 
pendent  on  the  wing  lift  coefficient  and  location  of  the  surface  with 
respect  to  the  wing. 

Although  C81  has  been  Jcveloped  exclusively  for  subsonic,  incompressible- 
aerodynamics  of  the  airframe  components,  the  incompressible  flow  inter¬ 
actions  of  aerodynamic  surfaces  on  the  flow  fields  of  each  other  and  the 
wing  have  been  neglected.  These  interactions  were  neglected  primarily  be¬ 
cause  of  the  iterative  procedure  which  would  be  required  if  each  surface 
could  affect  the  flow  field  at  every  other  surface.  Since  most  stabiliz¬ 
ing  surfaces  are  located  well  aft  of  wings,  it  is  reasonable  and  justifi¬ 
able  to  neglect  the  effect  of  the  surfaces  on  the  flow  field  at  the  wing. 
Neglecting  the  interactions  between  individual  stabilizers  was  also  con¬ 
sidered  justified  because  most  stabilizing  surfaces  fall  into  one  of  the 
three  following  categories  where  mutual  interference  is  minimal: 

(1)  They  are  at  approximately  right  angles  Lo  other  surfaces. 

(2)  If  parallel,  the  planes  of  the  surfaces  are  generally  separated 
by  distances  greater  than  the  span  of  either  surface,  or 

(3)  They  are  separated  (end  plated)  by  major  structure  such  as  Lilt- 
fuselage  or  tail  boom. 

In  the  unusual  case  of  two  surfaces  in  approximately  the  same-  plant  and 
only  a  few  chord  lengths  apart,  the  input  data  used  in  the  aerodynamic 
coefficient  computations  can  be  modified  to  yield  a  reasonable  simulation 
of  the  situation,  e.g.,  reduce  the  lift  curve  slope  bv  the  ratio  of  down- 
wash  to  angle  of  attack  (dc/dQ'). 

The  flow  field  model  computes  in  the  following  order  the  effects  of  the 
fuselage,  the  wing  (for  stabilizers  only),  rotor  wash,  fuselage  angular 
velocities,  and  gusts  on  the  local  flow  field. 
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Figure  5-1  is  a  flow  chart  of  1.1k  mode  1  i  iurn  nt  ly  programmed.  Most  of 
the  actual  equations  used  are  given  in  Lhf  u.-.ir'  Manual  (Volume  II, 
Sections  3.8  and  3.9),  The  basic  inputs  to  the  model  are  the  body-axis 
components  of  the  flight  path  v<  Inc  itv,  and  the  outputs  are  the  body-axis 
components  of  the1  local  vi  loeity.  The  •.  quit.  i  t>in  ’<  n  c.rnpi  rically  derived 
from  several  rotorcraft  wind  tut  m  1  i  ,  i.  .  1  e  v.i  f<  It  t  ha  L  none  of  the 
analytical  methods  were  general  enough  t"  provide  tlu  necessary  simula¬ 
tion.  The  first  step  in  the  model  is  io  compute  the  downwash  and  sidewash 
angles  due  to  the  fuselage  (ep  and  c  r ,  r<  p<  ;  i  v<  lv  )  at  Lin  surface  center 
of  pressure  from  program  input  t,  it.i  and  tin  i  um  luge  aerodynamic  angles. 

The  three  body-axis  components  of  re  I  m  ity  arc-  then  reduced  to  account 
for  dynamic  pressure  loss  and  assumed  to  be  acting  in  an  axis  system  which 
is  oriented  by  Euler  rotations  of  a(  degn  <  s  of  yaw  and  ep  degrees  of 
pitch  with  respect  to  the  body  axis.  \c.\t,  tin  vc  locities  are  resolved 
back  to  body-axis.  For  stabilizers,  tin  e  recomputed  velocities  are  then 
reduced  for  dynamic  pressure  loss  due  to  the  wing  and  assumed  to  be  acting 
in  an  axis  system  which  is  pitched  e  Kjllt  dcgiecs  with  respect  to  the  body, 
where  ewing  is  the  downwash  angle  at  the  -tuhiliz  r  due  to  the  wing.  Next, 
the  velocities  arc  resolved  hack  to  body  axi-.  am  are  termed  the  basic 
local  velocities. 

Finally,  the  body-axis  component  .  of  1  im  ,u  velm.  it)  at  the  appropriate 
surface  due.  to  rotor  wash,  angular  v«.  I  m  i  i  i  e>f  the  surface  center  of 
pressure  about  the:  aircraft  cent  e  >  .f  i  •  v  i  t  v  ,  and  those  due  to  gusts  are 
superimposed  on  the  basic  local  veiozii  i>  to  yie  ld  the.  total  local  flow 
components  in  body  axis:  us B ^  vsn  w  .or  the  X,  Y,  ami  L  components, 
respect  i.vely .  These  components  are  tlun  used  in  tlu  aerodynamic  angles 
model  as  discussed  in  .Section  5.2.3. 

5.2.2  Chord  Line  Orientation  Mode  1 

Previous  versions  cf  the  program  required  that  Die  axis  of  incidence 
change  of  the  wing  and  horizontal  stabilizer  fe levator)  lie  in  the  body 
X-Y  plane  while  that  the  axis  for  the  veil  leal  .stabilizer  (fin)  lie  in  the 
body  X-Z  plane.  The  current  surface  model  removes  these  restrictions  with 
a  method  for  specifying  the  orientation  of  the.  axis  of  incidence  change 
and  the  chord  line  of  each  sui face  with  respect  to  the  aircraft.  The  ini¬ 
tial  step  in  the  cl  eve  1  opine  l  of  the  ehordline  orientation  model  was  to  de¬ 
fine  a  new  reference  system.  Tim-  v  t  •  •  • .  r>  fic-cd  to  as  the  Aerodynamic 
Surface  Reference  System,  was  defined  to  b-  a  r  i  .-.lit  -handed  coordinate 
system  with  its  origin  at  the  cent-  i  of  aii  n.a  of  .  surface  and  the  ref¬ 
erence  airfoil  section  in  the-  X  /.  pi  m«  a  I  h.  ; •  < t  <  :r .  Each  of  the 
four  stabilizing  surfaces  was  assigned  it  own  independent  system  while 
the  right  and  left  panels  of  the  wing  were  a-  igiud  systems  which  were 
dependent  on  each  other,  hut  independent  of  tlu  dabilizing  surfaces.  The 
orientation  of  each  system  was  then  defined  with  respect  to  the  body  ref¬ 
erence  system  by  two  ordered  rotations: 


(1)  T:  a  positive  rotation  about  tin  body  X  ax i  -  ;  a  dihedral  angle 
rotation,  and 
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(2)  i:  a  positive  rotation  about  the  Y  axis  which  has  been  rotated 
through  T  previously;  an  incidence  rotation. 

Within  the  model,  it  was  most  convenient  to  define  both  positive  F  and  i 
as  right-handed  rotations.  However,  this  definition  would  say  that  a  sur¬ 
face  on  the  right  side  of  an  airframe  with  iLs  outboard  Lip  down  would 
have  a  positive  dihedral  angle.  This  definition  would  not  be  compatible 
with  a  designer's  normal  definition:  dihedral  angle  is  positive  for  the 
outboard  lip  up,  whether  a  surface  is  on  the  right  or  left  side  of  the 
airframe.  In  addition,  confusion  results  when  trying  to  define  the 
dihedral  angle  of  a  vertical  or  ventral  fin. 

After  considering  several  different  conventions,  it  was  decided  to  use  the 
positive  right-handed  rotation  within  Lhe  program,  but  to  define  another 
convention  for  input  purposes,  i.e,,  a  user-oriented  convention.  The  in¬ 
put  convention  is  keyed  to  the  buttline  location  of  the  center  of  pressure 
(cp)  of  the  surface.  If  the  cp  is  at  or  to  the  left  of  the  centerline 
or  the  airframe  (Buttline  <  0.0),  positive  F  is  a  right-handed  rotation 
soout  the  body  X  axis.  If  the  cp  is  to  the  right  of  the  centerline 
, Buttline  >  0.0),  positive  dihedral  is  a  left-handed  rotation  about  the 
body  X  axis.  Hence,  to  the  user,  positive  dihedral  is  simply  outboard  tip 
up. 

With  this  convention,  a  vertical  fin  with  sweepback,  its  cp  at  Buttline 
0.0,  and  its  incidence  defined  to  be  positive  for  leading  edge  right  would 
have  a  dihedral  angle  of  +90  degrees.  Similarly,  a  swept-back  ventral  fin 
with  its  cp  at  Buttline  0.0  would  have  a  dihedral  angle  of  -90  degrees 
and  positive  incidence  would  be  leading  edge  left.  This  convention  for 
input  data  is  illustrated  in  Figure  5-2. 

5.2.3  Aerodynamic  Angles  Model 

The  aerodynamic  angles  of  attack  and  sideslip,  respectively,  used  to  com¬ 
pute  the  aerodynamic  coefficients  are  measured  with  respect  to  Lhe  aero¬ 
dynamic  surface  reference  system  discussed  in  the  preceding  section.  The 
first  step  in  defining  these  angles  is  to  transform  the  body-axis  compo¬ 
nents  of  the  total  local  flow  velocity  determined  by  the  flow  field  model 
into  the  surface  reference  system.  These  surface  reference  components 
of  the  total  local  flow  are  then  used  to  define  the  two  aerodynamic  angles 
in  the  conventional  manner. 

a  =  tan  ^  (w  /u  )  (5-1) 

s  s  s 

@s  »  tan'1  (vs/VAS>  (5-2) 

where  u  ,  v  ,  and  w  are  the  X,  Y,  and  Z  velocity  components,  respec- 
s  s  s 

tively,  in  the  surface  reference  system,  and 
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SURFACE 


WING  AND  HORIZONTAL 
STABILIZERS 


C.P.  Location 

Dihedral:  T 

Incidence 

Butt  line  >  0 
(Rt  of  (^) 

<  +  90 
>  -  90 

+  L.E.  UP 
+  L.E.  UP 

Buttline  <  0 
(ON  or  LT  of  (^) 

<  +  90 
>  -  90 

+  L.E.  UP 
+  L.E.  UP 

VERTICAL  AND  VENTRAL 
FINS 


Dihedral:  T  Incidence 


+  L.E.  Left 
+  L.E.  Right 


+  L.E.  Right 
+  L.E.  Left 


L.  E.  =  Leading  Edge- 


Figure  5-2.  Relationship  of  Body  and  Aerodynamic 
Surface  Reference  Systems. 
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'  2  2  2 
u  +  v  +  w 
s  s  s 


(5-3) 


The  Mach  number  at  the  aerodynamic  surface  is  then 


M  =  V  /V 
AS  AS  S 


(5-4) 


where  V  is  the  speed  of  sound. 

5.2.4  Surface  Aerodynamic  Model 

The  C81  user  has  the  option  of  computing  the  C^,  C^,  and  aerodynamic 

coefficients  of  a  surface  from  sets  of  data  tables  or  from  equations. 

Each  set  of  data  tables  consists  of  a  table  for  each  of  the  three  coeffi¬ 
cients  where  each  table  is  a  function  of  the  surface  angle  of  attack  and 

Mach  number. 

Although  the  rotor  blade  aerodynamics  and  aerodynamic  surface  representa¬ 
tions  have  access  to  the  same  group  of  five  sets  of  data  tables,  these 
sets  must  not  be  used  interchangeably.  Tables  used  for  rotor  aerody¬ 
namics  must  represent  the  airfoil  section,  or  two-dimensional  character¬ 
istics,  while  tables  used  for  aerodynamic  surfaces  must  represent  the  sur¬ 
face,  or  three-dimensional  characteristics. 

The  mathematical  model  for  determining  the  coefficients  from  equations 
is  described  in  detail  in  Section  3.1.2  of  Volume  II  of  this  report. 

The  major  change  to  the  model  documented  in  References  1  and  2  is  the 
introduction  of  the  concept  of  effective  aspect  ratio  and  effective  sweep 
angle.  Based  on  the  work  in  Reference  22,  the  effective  sweep  angle  is 


A*  =  A, 


for  the  trailing  panel  of  a  swept  surface 

(5-5) 

-j3  for  the  leading  panel  of  a  swept  surface 


where  A^^  i-s  the  sweepback  of  the  half-chord  line,  and  (3  is  the  side¬ 
slip  angle.  This  effective  sweep  angle  also  impacts  on  the  aspect  ratio 
to  yield  an  effective  ratio 


Vc  2  2 

A  =  eA  cos  (A  )/cos  (Aj^) 


(5-6) 


where  A  is  the  geometric  aspect  ratio,  and  e  is  the  spanwise  efficiency, 
factor.  The  factor  of  one-half  which  is  included  in  the  equation  for  a" 
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in  Reference  23  is  replaced  here  by  the  spanwise  efficiency  factor  since 
this  analysis  was  developed  for  a  total  surface,  not  a  single  panel  (half 
of  a  surface).  Also  in  Equation  (5-5),  the  concepts  of  leading  and 
trailing  panels  are  reference  to  the  surface  rather  than  a  panel.  Hence 


Al/2  "  si8n^)^s 


(5-7) 


where  y  is  the  buttline  of  the  surface  cp. 


The  development  of  the  equation  for  three-dimensional  lift  curve  slope  of 
an  aerodynamic  surface  in  Reference  22  was  compared  to  the  equivalent 
equation  in  Reference  23.  Converting  the  nomenclature  of  these  two  refer¬ 
ences  to  that  of  this  report,  and  introducing  the  effective  sweep  and 
aspect  ratio  parame ter s, yie lded  the  identical  equation  for  three- 
dimensional  lift  curve  slope: 


=  (2nA  ) 


*  .  .2 

(2nA  / aQ ) 


tan^  A  /( 1-M  ) 


(5-8) 


where  a^  is  the  experimental  two-dimensional  lift  curve  slope,  and  M  is 


Mach  number.  Equation  (5-8)  was  then  evaluated  over  a  wide  range  of 
aspect  ratios  and  sweep  angles.  These  results  were  compared  to  the 
charts  in  Reference  24  and  showed  very  good  agreement. 


The  model  for  the  effect  of  control  surface  deflection  on  the  aerodynamic 
coefficients  of  a  surface  was  taken  from  the  charts  of  Reference  25.  Equa¬ 
tions  were  empirically  derived  to  fit  the  type  of  data  presented  in  the 
referenced  report.  The  equations  compute  increments  which  are  added  to  the 
coefficients  computed  for  zero  deflection.  This  approach,  rather  than  a 
detailed  analytical  model  of  the  effects  of  deflection,  was  chosen  so  that 
test  data  could  more  easily  be  input  to  the  program  and  so  that  the  model 
would  be  well  suited  to  parametric  analysis. 


5.3  EXAMPLES  OF  THE  REPRESENTATION 


An  example  of  the  current  mathematical  model  for  aerodynamic  surfaces  is 
shown  in  Figure  5-3.  This  figure  is  a  plot  of  a  set  of  level-flight  trim 
conditions  from  100  to  260  knots  for  the  Bell  Model  533  High  Performance 
Helicopter  (HPH).  Several  versions  of  this  compound  research  helicopter 
were  flight  tested  under  contract  to  USAAMRDL.  The  configuration  selected 
for  simulation  was  the  one  flown  in  1968  and  1969.  The  “ignificant  con¬ 
figuration  parameters  were  as  follows: 


(1)  Two-bladed,  teetering,  low-twist  main  rotor  (44  ft  diameter) 


(2)  A  78.4  ft  wing  with  flaps,  ailerons,  and  spoilers 


1 1'fjtiZVrn rJXKtn 
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(3)  Two  JT12A-3  jet  engines,  one  mounted  on  each  wing  tip 

2 

(4)  A  35.0  ft  controllable  stabilator  mounted  on  the  tail  boom 

2 

(5)  A  5.86  ft,  fixed  incidence  stabilizer  mounted  at  the  top  of 
the  vertical  fin 

2 

(6)  A  19.95  ft  vertical  fin  with  a  sealed  rudder  (no  ventral  fin) 


(7)  A  convertible  control  system  which  allowed  control  of  the 
aircraft  using  either  st'udard  rotor  controls  or  fixed-wing 
type  control  surfaces,  or  a  combination  of  both 

At  the  time  of  the  HPH  flight  tests,  the  version  of  the  Rotorcraft  Flight 
Simulation  Computer  Program  then  in  use  was  considerably  less  sophisticated 
than  the  current  version.  Consequently,  many  of  the  data  now  needed  or 
desirable  for  a  complete  AGAJ73  input  data  deck  were  never  developed  in 
the  c-iarse  of  flight  and  wind-tunnel  tests  and  analyses  of  the  aircraft. 
Regaui  ’ n js ,  the  AGAJ73  simulation  data  shown  in  Figure  5-3  follows  the 
trends  and  magnitudes  of  the  available  test  data  quite  well. 

T.n  level  flight,  the  pitch  attitude  and  angle  of  attack  should  be  equal. 

The  scatter  in  these  data  shown  in  Figures  5-3  indicates  that  either  the 
test  data  are  slightly  inaccurate  or  the  flight  condition  was  actually 
a  mild  climb  or  descent  rather  than  level  flight  as  indicated  in  the 
flight  test  reports,  or  a  combination  of  both.  All  simulation  data  were 
computed  as  level-flight  cases,  and  the  two  angles  were  equal.  Also,  the 
test  reports  emphasize  that  the  rotor  thrust  data  are  estimates  based  on 
blade  bending,  not  direct  thrust  measurements. 

In  the  course  of  gathering  the  data  for  the  AGAJ73  input  deck  from  previous 
C81  decks  and  test  reports,  several  inconsistencies  were  noted  in  the 
rigging  definitions  for  rotor  controls,  aerodynamic  surface  incidences, 
and  the  convertible  control  system.  Average  values  were  used  as  input 
data  when  such  conflicts  were  apparent. 

Consequently,  in  view  of  the  absence  of  current  data  on  the  HPH,  the  fact 
that  it  is  no  longer  on  flight  status  (which  precludes  new  rigging  checks), 
and  the  nature  of  the  test  data,  the  correlation  of  the  simulation  and 
the  test  data  is  considered  excellent.  This  situation  indicates  the 
validity  of  the  current  mathematical  model  for  aerodynamic  surfaces,  as 
well  as  the  accuracy  of  the  program  as  a  whole. 
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6.  EXTERNAL  STORES/AERODYNAMIC  BRAKES  MATHEMATICAL  MODEL 


6.1  GENERAL 

The  current  version  of  C81  includes  the  capability  of  simulating  the 
effects  of  external  stores  and  aerodynamic  brakes.  The  input  group  for 
the  store/brake  model  consists  of  four  subgroups  where  each  subgroup  is 
independent  of  all  other  subgroups  and  may  represent  either  a  store  or  a 
brake.  The  mathematical  models  for  the  stores  and  brakes  were  developed 
concurrently,  and  each  requires  essentially  the  same  inputs. 

The  features  which  are  common  to  both  models  arc  simulation  of 

(1)  aerodynamic  lift,  drag,  and  side  force,  and 

(2)  the  influence  of  dynamic  pressure  loss  and  local 
flow  orientation  on  the  aerodynamic  forces. 

In  addition  to  the  common  features,  the  aerodynamic  brake  model  provides 
for  changing  the  brake  deployment  (i.e.,  the  magnitude  of  the  aerodynamic 
forces)  during  maneuvers,  while  the  store  model  can  simulate  store  drops 
or  jettisons  during  maneuvers. 

Development  of  the  two  models  began  by  reviewing  the  store/brake  configu¬ 
rations  and  maneuvers  which  had  previously  been  simulated  with  artificial 
inputs  to  the  jet,  weapons,  and  other  groups.  Next,  program  users  were 
questioned  as  to  what  features  they  felt  were  mandatory,  desirable,  and 
convenient  for  the  store/brake  models.  Also,  recent  flying  qualities 
design  and  test  specifications  were  reviewed  to  assure  that  the  models 
would  be  able  to  simulate  the  demonstrations  required  by  them.  From  these 
discussions  and  investigations,  the  features  noted  above  were  chosen  for 
the  models. 

6.2  DEVELOPMENT  OF  THE  MATHEMATICAL  MODELS 

The  model  for  the  aerodynamic  forces  for  both  stores  and  brakes  was  taken 
directly  from  the  High  Angle  Equation  (HAE)  model  developed  for  the 
fuselage  group  (see  Section  4.2.3  and  Table  4-2).  The  HAE  model  equations 
for  the  aerodynamic  moments  of  store/brakes  about  their  own  center  of 
gravity  were  not  included  because  of  their  small  magnitude  for  most  stores 
and  brakes.  However,  inputs  are  provided  for  locating  the  store/brake 
aerodynamic  center  at  a  stationrine  different  from  its  center  of  gravity 
and  to  move  the  aerodynamic  center  as  a  function  of  angle  of  attack. 

This  feature  is  most  applicable  to  large  stores.  It  is  intended  that 
analytical  inputs  be  used  to  approximate  the  aerodynamic  moments  about 
the  store  center  of  gravity,  since  test  data  for  stores  are  generally 
limited. 

Each  model  also  includes  simple  approximations  for  the  influence  of  nearby 
structure  and  rotor  downwash  on  the  flow  field  at  the  store/brake.  The 


influence  of  nearby  structure  is  represented  by  reducing  the  magnitude 
of  the  free-stream  velocity  vector  at  the  fuselage.  This  reduction  factor 
has  the  form  of 


\  =  vT^ati 


where  AT]  is  the  input  lor  dynamic  pressure  loss,  and  is  then  the 
scalar  by  which  the  velocity  vector  is  multiplied.  The  value  of  7]  is 
independent  of  all  aerodynamic  angles. 


The  effect  of  rotor  downwash  on  the  local  flow  field  is  accounted  for  in 
the  same  manner  as  it  is  for  the  aerodynamic  surfaces.  That  is,  the 
average  induced  velocity  at  the  rotor  disc  is  multiplied  by  an  input 
constant,  assumed  to  be  acting  parallel  to  the  rotor  mast,  and  then  added 
vectorially  to  the  local  velocity  which  was  reduced  for  dynamic  pressure 
loss.  The  constant  which  multiplies  the  induced  velocity  is  independent 
of  all  aerodynamic  angles.  Representation  of  dowrwash  and  sidewash  due  to 
the  fuselage  and  a  more  sophisticated  model  of  dynamic  pressure  loss  are 
not  included  because  of  the  general  lack  of  good  test  data  or  means  of 
analytical  prediction.  In  view  of  the  interactions  of  the  rotor  downwash 
with  other  parts  of  the  airframe  prior  to  affecting  the  flow  field  at 
the  store,  the  simple  model  of  a  constant  times  the  induced  velocity  is 
considered  adequate  for  the  store/brake  model.  As  the  sophistication  of 
the  rotor  wake  analysis  is  enhanced  in  future  versions  of  C81,  it  is 
anticipated  that  the  representation  of  the  effects  of  rotor  downwash  on 
such  airframe  components  as  stores  and  brakes  will  also  be  improved. 


The  above  discussion  summarizes  the  common  features  of  the  store  and 
brake  mathematical  models.  The  features  unique  to  each  model  are  dis¬ 
cussed  below.  To  determine  whether  a  subgroup  represents  a  store  or 
a  brake,  the  model  checks  the  value  of  the  input  for  weight.  If  the 
weight  is  greater  than  zero,  the  subgroup  is  treated  as  a  store;  if  less 
than  zero  as  brake;  and  if  equal  to  zero,  the  subgroup  is  ignored. 


6.2.1  Aerodynamic  Brake  Model 


The  primary  purpose  of  the  aerodynamic  brake  model  is  to  simulate  an 
aerodynamic  force  whose  magnitude  is  a  function  of  not  only  the  local 
aerodynamic  angles  and  dynamic  pressure,  but  also  of  L lie  position  of  an 
appropriate  control  in  the  cockpit.  The  model  incorporates  a  brake 
deployment  control  lo  accomplish  this  task. 


The  control  position  Is  input  Lo  the  model  as  a  percentage  of  full  deploy¬ 
ment,  where  full  deployment  of  the  brake  results  in  the  aerodynamic  forces 
as  calculated  from  the  force  equations  using  the  local  aerodynamic  angles 
and  dynamic  pressure.  The  full  deployment  forces  are  then  multiplied  by 
the  fraction  of  full  control  displacement,  resolved  Lo  body  axis,  and 
included  in  the  force  and  moment  summary. 
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During  the  TRIM  procedure,  the  control  position  is  fixed  at  its  input 
value.  Then,  in  the  maneuver  section  of  the  program,  the  position  can 
be  changed  to  simulate  the  deployment  or  retraction  of  the  aerodynamic 
brake.  The  model  does  not  restrict  the  control  to  being  between  0  and 
100  percent,  nor  the  drag  to  being  positive.  Hence,  if  the  need  arises, 
negative  control  positions  or  negative  drag  areas  (not  both  simulta¬ 
neously)  can  be  input  to  simulate  propulsive  forces  which  are  proportioned 
to  dynamic  pressure  and  act  parallel  to  the  local  flow. 

6.2.2  External  Store  Model 

The  purpose  of  the  external  store  model  is  to  simulate  the  aerodynamic 
forces  acting  on  external  stores;  the  contribution  of  stores  to  weight, 
center  of  gravity  location,  and  inertia  of  the  total  rotorcraft;  and  the 
reaction  force  caused  by  store  jettison.  The  aerodynamic  forces  are 
represented  in  the  same  manner  as  are  the  forces  on  the  aerodynamic  brake 
except  that  the  calculated  forces  are  not  affected  by  the  input,  or 
commanded,  value  of  deployment  control  position. 

The  first  version  of  the  store  model  required  that  the  store  weight  and 
inertias  be  reflected  in  the  weight,  center  of  gravity,  and  inertial  in¬ 
puts  to  the  fuselage  group.  This  requirement  proved  very  cumbersome  in 
that  the  user  had  to  locate,  or  in  most  cases,  calculate,  these  mass 
properties  for  each  store  configuration  of  interest.  Hence,  the  model 
was  changed  to  require  that  mass  properties  input  lo  the  fuselage  group 
must  exclude  the  contributions  of  any  and  all  stores.  Consequently,  dur¬ 
ing  reading  and  initialization  of  the  input  data  and  prior  to  commencing 
the  TRIM  procedure,  the  mass  properties  of  the  total  rotorcraft  are 
recalculated  using  the  inputs  to  the  fuselage  and  each  store  subgroup. 

No  recalculation  is  made  if  the  subgroup  is  an  aerodynamic  brake,  i.e., 
weight  input  less  than  or  equal  to  zero. 

The  equations  for  recalculation  of  weight,  center  of  gravity,  and  inertia 
were  developed  from  conventional  weight  and  balance  equations  in  the 
following  manner. 

Consider  that  the  rotorcraft  is  composed  of  K  discrete  parts,  each  with 

weight  (W.),  mass  (m.  -  W./g)>  location  (x.,  y.,  z.),  and  inertia  about 
J  J  J  J  J  J 

its  own  eg  ((I  ).,  (I  ).,  (I  ).,  (I  ).).  With  K  parts,  the  rotorcraft 

xx  j  yy  j  zz  j  xz  j 

includes  the  store  of  interest  and  is  termed  in  the  new,  or  N,  configura¬ 
tion.  With  K- 1  parts,  it  excludes  the  specific  store  and  is  termed  in 
the  original,  or  0,  configuration.  Hence,  the  Kth  part  is  the.  store  with 
weight  (W  ),  mass  (m  =  W  /g),  location  (x  ,  y  ,  z  ),  and  inertia  ((1  )  ). 

S  S  S  S  5  S  XX  S 

Then,  the  new  stationline  of  the  eg,  x  ,  can  be  determined  from  the  known 
quantities . 

WN  ■  "o  +  Ws 


6-3 


2-!  "j  +  WS  *S 

j-1 


W  x  +  W  x 
0  0  s  s 


Substituting  Equation  (6-1)  into  (6-2)  yields 


<W0X0  +WS  X,)/<M0+MS> 


Similarly,  for  the  buttline,  y  ,  and  waterline,  z  , 

N  N 


<“o  »0  +  "s  >'s>/<wo  +  us> 


2.,  ’  (Wn  zn  +  W  2  )/<W-  +  «  > 
N  0  0  s  s  0  s 


The  new  rolling  moment  of  inertia,  (I  )  is  then  determined: 

XX  IN 


( 1  )N  =  m .  (y . 2  +  Z.2)-(V  m.)(y  2  +  z  2)  +  V"'  (I 

XX  N  Z-/  J  J  J  JL-J  J  N  N  Z_-f  / 


The  first  term  of  Equation  (6-6)  can  be  broken  down  as  follows 


XX  (yj2  +  zj2>=Z[mj<yj2  +  zj2)] 

j=l  1=1 


,  2  ,  2> 
+  m  (y  +  z  ) 
s  s  s 


where  the  first  term  of  Equation  (6-7)  can  be  expressed  as 


V  m.(y.2+z.2)  =  (I  X  +  mn(yn2  +  z02)  '  ^  (I  >• 
Z— 4  J  J  J  xx  0  0  0  0  /  -/  xx  j 

j=l  j=l 


The  summation  factor  in  the  second  term  of  Equation  (6-6)  can  bo  restated 
as 


K 


K- 1 


Eraj  "2  h]+ 

j=i  j=i 


m 


=  +  m 

0  s 


(6-9) 


and  the  third  term  as 
K  K-l 

2  (i->j  -2  [(ixx>j]+ 


XX  s 


(6-10) 


J*l 


j  =  l 


Substituting  Equation  (6-8)  into  (fa-7)  and  Equations  (6-7),  (6-8),  and 
(6-9)  into  (6-6)  yields 

^xx-'n  =  (lxx^0  +  (lxx^s  +  m0  (y0  yN  +  Z0  '  ZN  ^ 


,  /  2  2  2  2, 
+  m  (y  -  y  +  z  -  z  ) 
s  s  J  N  s  N 


(6-11) 


Similarly,  for  the  pitching  moment  of  inertia,  (1^)^,  and  yawing  moment 
of  inertia,  (IZZ)N> 


(I  )M  =  (I  )n  +  (I  )  +  mn  (x  2  -  x.,2  4-  z  2  -  zM2) 

yy  N  yy  0  yy  s  0  0  N  0  N 


(6-12) 


,  2  2  2  2« 
+  m  (x  -  x.T  +  z  -  z 
s  s  N  s  N 


(1Wn  *  (IZ2>0  +  (Ws  +  ”o  <X02  ■  XN2  +  y02  '  ^lO 


(6-13) 


,  /  2  2,2  2 

+  m  (x  -  x,,  +  y  -  y  ) 

s  s  N  } s 


For  the  cross  product  of  inertia,  (I  )  , 

xz  N 


K 

St 


(I  ) . ,  =  >  m ,  x  z 

XZ  N  Z_^ 


S'"!'  *N  *N+XX  > 


(6-14) 


Tlu  first  term  of  Equation  (6-14)  con  then  be  written  ns 


Emi  h  zi  -E  [mj  xj  zi] 

i=i  j=i  L  J 


+  in  x  z 

s  s  s 


(6-15) 


where  the  first  term  of  Equation  (6-15)  can  be  expanded  ns  follows: 


Em.  x.  z.  =  (I  ) .  +  m  x  z  -  7  m.  x.  z. 

J  J  J  xz  0  0  0  Z-W  j  ]  j 

j=l  L  J  j=l  L  J 


(6-16) 


The  third  term  of  Equation  (6-14)  expands  to  the  following; 


K  K-l 

E  (ix2>j  =E  [(ix2)j 

j=i  j-i 


(i  ) .  +  (i  ) 

XZ  1  xz  s 


(6-17) 


Substituting  Equation  (6-16)  into  (6-15)  and  Equations  (6-9),  (6-15),  and 
(6-16)  into  (6-14)  yields 


(I  ).,  =  (I  )_  +  (I  )  +  m  (x  z  -  x  z  ) 

xz  N  vz  0  xz  s  0  0  0  N  N 


(6-18) 


+  m  (x  z  -  xM  zM) 
s  s  s  N  N 


These  equations  for  recalculating  mass  properties  to  reflect  weight  added 
to  the  configuration  are  summarized  in  Table  6-1. 

The  recalculated  mass  properties  are  printed  out  for  each  recalculation 
prior  to  printout  of  the  first  trim  iteration.  When  using  the  parameter 
sweep  option  (NPART  =  10),  the  baseline  mass  properties  input  to  fuselage 
group  are  used  as  the  initial  properties  for  each  subsequent  case.  The 
recalculated  values  are  not  carried  forward.  The  recalculations  are  then 
performed  independently  for  each  case  in  the  sweep.  This  procedure  pre¬ 
vents  cumulative  changes  in  mass  properties  and  permits  the  user  to  change 
either  the  fuselage  or  store  properties  with  NAMELIST  input  before  start¬ 
ing  each  case. 
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TABLE  0-1.  EQUATIONS  FOR  RECALCULATION  OF  WEIGHT, 
CENTER  OF  GRAVITY,  AND  INERTIAS 

W  =  W  +  k  W 

N  0  s  s 

xm  =  (W„  +  k  VJ  x  )/W„ 

N  0  0  s  s  s  N 

y  =  (W_  y_  +  k  w  Z  )/wM 
N  0  0  sss  N 

ZN  ■  <“o  Z0  +  ks  ZS)WN 

'LA  '  (Cx)0  +  ks  (lxA  +  m0  (yo‘  ■  yN2  +  *0  "  \2)/W 


2  2  2  2 
+  k  m  (y  -  yK,  +  z  -  zK!  )/144 
ss  s  JN  s  N 

2  2  2  2 

(I  )M  =  (I  )  +  k  (I  )  +  m  (x  -  x.,  +  z  -  z  )/144 

'  yy  N  yy  0  s  yy  s  0  0  N  0  N 

2  2  2  2 

+  k  m  (x  “  -  x..  +  z  -  z  )/144 
sss  N  s  N 


j  Pitch 


(1  -  d  ).  +  k  (I  )  +  rn  (x  2  -  X  2  +  y  2  -  y  ?)/144  ) 

zz  N  zz  0  s  zz  s  0  0  y  0  7  N  I 

2  2  2  2  1 
+  k  m  (x  -  x  +  y  -  y  )/ 144 
s^s  N  s  3  N 

(I  )  =  (]  )  +  k  (I  )  +  tin  (x  z  -  x  z  ) / 144  ) 

xz  N  xz  0  s  xz  s  000  N  N  (  Cross- 

j  product 

+  k  m  (x  z  -  x  z  )/144  ) 

s  s  s  s  N  N 

(+1.0  for  adding  store  a  baseline  configuration 

ks  = 

(  -1.0  for  dropping  store  from  a  baseline  configuration 


Station] inc  oT  cg5  in. 
Buttline  of  eg,  in. 
Waterline  of  eg,  in. 


W  =  weight,  lb 
m  =  mass ,  slugs 
I  =  inertia,  slug-ft" 


0  =  baseline  configuration 

s  =  store  parameters 

N  =  configuration  resulting  from 
addition  or  drop  of  store 


i 


In  the  maneuver  section  of  the  program,  the  mathematical  model  can  simu¬ 
late  store  jettison.  Each  store  may  be  jettisoned  independently  of  any 
and  all  other  stores.  The  user  specifies  the  time  for  jettison  and  the 
store  to  be  jettisoned.  At  the  instant  of  jettison,  the  aerodynamic  forces 
of  that  store  are  set  to  zero  for  the  remainder  of  the  maneuver,  and  the 
rotorcraft  weight,  eg,  and  inertias  are  recalculated  to  reflect  the  loss  of 
the  store  weight.  Also, the  moment  arms  of  alL  rotorcraft  components  (e.g., 
fuselage  data  reference  point,  rotor,  and  aerodynamic  surfaces)  are  recal¬ 
culated  using  the  new  eg  location.  The  equations  for  recalculating  the 
mass  properties  to  reflect  weight  lost  from  a  configuration  were  developed 
in  the  same  manner  as  those  equations  for  weight  added  and  are  also  summa¬ 
rized  in  Table  6-1.  The  equations  are  identical  except  for  the  signs  on 
terms  associated  with  the  store. 

Consideration  was  given  to  a  model  ol  the  jettison  reaction  forces  which 
could  accurately  simulate  the  forces  caused  by  typical  jettison  mechanisms. 
One  common  mechanism  is  a  gas-powered  piston  where  force  exerted  by  the 
piston  is  primarily  a  function  of  piston  displacement,  and  piston  veloc¬ 
ity  and  displacement  are  functions  of  the  mass  being  Jettisoned.  Since 
C8 1  requires  models  which  are  specifically  functions  of  Lime,  a  new  set 
of  nonlinear  dirferenti.il  equations  of  motion  would  be  required  to  simulate 
such  a  mechanism.  The  added  complexity  of  including  such  a  model  when 
store  jettison  is  just  one  of  many  features  of  the  program  was  not  con¬ 
sidered  practical. 

6.3  EXAMPLES  OF  THE  STORE/BRAKE  REPRESENTATION 

To  demonstrate  the  capabilities  of  the  aerodynamic  brake  and  external  store 
representation,  two  cases  arc  presented: 

(1)  Application  oT  dive  brakes  on  the  Bell  Model  309  (KingCobra) 

(2)  Asymmetric  release  of  stores  from  an  AH  - 1 G  (HueyCobrn)  with  the 
Stability  and  Control  Augmentation  System  off  and  on 

6.3.1  Dive  Brakes  on  a  KingCobra 


Figure  6-1  shows  Liu  Lime  history  of  symmetrical  deployment  of  two  wing- 
mounted  dive  brakes  on  the  KingCobra.  The  trim  condition  prior  to  brake 
application  is  a  3000-foot-per-minute  dive  at  170  KTAS.  In  the  simulation, 
each  brake  travels  from  zero  to  full  deployment  in  1  second  (starting 
at  t  =  0.05  second),  and  the  flat  plate  drag  area  of  each  brake  is  5.0 
square  feet.  Since  no  dive  brakes  have  been  designed  for  the  KingCobra, 
the  inputs  for  the  brake  configuration  are  only  meant  to  demonstrate  the 
capability  of  the  program  and  should  not  be  interpreted  as  an  optimum 
dive  brake  for  any  rotorcraft.  In  fact,  during  initial  trial  runs  of  the 
simulation  it  was  found  that  with  controls  locked  the  wing  location  for 
the  brakes  caused  a  mild,  but  undesirable,  nose-down  pitching  moment.  To 
correct  this  situation, a  control  gearing  was  added  which  caused  one  degree 
of  nose-down  incidence  to  each  horizontal  stabilizer  panel  as  Lire  brakes 
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Figure  6-1.  Concluded 
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went  from  zero  to  full  deployment.  As  a  result  of  this  gearing,  the 
helicopter  pitched  up  less  than  3/4  decree  (instead  of  3  degrees 
nose  down)  in  the  3  seconds  following  the  start  of  the  brake  deployment. 
During  the  same  period  of  time,  changes  in  roll  and  yaw  attitudes  were 
less  than  2  degrees  and  the  airspeed  decreased  slightly  more  than  4  KTAS. 
The  combination  of  these  effects  indicated  that  the  aerodynamic  brake 
model  functions  in  the  desired  manner. 


6.3.2  Store  Drops  From  an  AH-lG 


Figures  6-2  and  6-3  show  time  histories  for  store  drops  from  an  AH-lG. 

The  initial  conditions  and  helicopter  configurations  are  identical  for 
the  two  examples:  level  flight  at  100  KTAS  in  sea  level  standard  atmos¬ 
phere  and  each  store  location  loaded  to  within  20  to  50  pounds  of  its 
maximum  permissible  loading.  In  both  examples,  the  right  outboard  store 
(533  pounds)  was  dropped  at  t  =  0.05  second  maneuver  time,  at  which  time 
the  lateral  eg  shifted  3.6  inches  to  the  left.  Also,  the  roll  channel 
of  the  Automatic  Pilot  Simulator  (see  Section  8.2.2)  was  activated  at 
t  =  2.05  seconds  in  both  cases.  The  only  difference  between  the  two  cases 
is  that  for  the  simulation  shown  in  Figure  6-2  the  SCAS  is  off,  while 
for  that  in  Figure  63  it  is  on.  Note  that  both  cases  used  the  identical 
autopilot  gains  and  time  constants.  In  particular,  the  rate  for  stick 
motion  was  limited  to  25  percent  per  second, and  desired  times  to  achieve 
zero  rate  and  zero  attitude  were  0.75  and  2.0  seconds  respectively.  This 
rate  and  these  times  are  quite  slow  and  long  compared  to  pilot  capability. 
Even  though  the  lateral  SCAS  actuator  saturates  at  12.5  percent  of  lateral 
cyclic  range  within  about  0.3  second,  the  simulation  shows  that  SCAS  can 
make  a  potentially  dangerous  asymmetric  store  drop  into  a  relatively  mild 
maneuver. 
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Figure  6-3.  Time  History  of  an  External  Store  Drop 
From  a  Bell  Model  209  (SCAS  On). 
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AUXILIARY  PROPULSION  (JETS)  MATHEMATICAL  MODEL 


IL  is  frequently  d<  s  i  mb  1  e  l »  simulate  .'i  force  .icling  in  a  specific 
direction  and  at  a  specific  point  with  respect  to  Lhe  airframe.  To  this 
end,  C8 1  includes  a  very  simple  model  for  auxiliary  propulsion  in  what 
is  referred  to  as  the  lit,  or  Jet  Thrust,  Group.  The  model  is  strictly 
a  force  vector  acting  at  a  point  and  is  noL  in  any  way  a  mathematical 
model  of  a  turbojet  engine.  At  this  Lime,  use  of  turbojets  for  propul¬ 
sion  is  limited  to  a  very  few  research  aircraft  and  configurations  in  pre¬ 
liminary  design.  Hence,  the  complexity  of  including  a  complete  engine 
model  for  clu  very  few  cases  where  iL  is  needed  is  not  considered  justi¬ 
fiable. 

The  Jet  Group  model  currently  incorporated  into  C81  provides  for  one 
or  two  jet  thrusts,  or,  more  precisely,  force  vectors.  Inputs  to  the 
model  include  the  point  of  application  of  the  first  jet;  the  Euler  angle 
rotations  from  body  axis  to  that  vector;  the  magnitudes  of  the  first  and 
the  second  jets;  and  a  logic  switch  to  specify  which  jets  can  and  cannot 
be  controlled  by  the  control  linkages  between  the  flight  controls  and 
jet  thrust. 

In  the  User's  Guide,  the  first  jet  is  defined  as  the  right  jet  and  the 
second  as  the  left  jet.  However,  this  distinction  of  left  and  right  is 
for  input/output  convenience  only.  The  defini  'ons  define  the  two  jets  to 
be  symmetrical  in  position  and  orientation  with  respect  to  the  body  x-Z 
plane  passing  through  buttline  zero,  regardless  of  the  signs  of  buttline 
and  yaw  angle  of  the  first  jet. 

Jet  thrust  is  controllable  in  TRIM  and  MANEUVER  with  the  linkages  dis¬ 
cussed  in  Section  8.  If  the  number  of  controlled  jets  equals  one,  only 
the  first,  or  right,  thrust  vector  is  controlled  and  the  second,  or  left, 
jet  remains  locked  at  its  input  value.  If  the  number  of  controlled  jets 
equals  two,  both  the  first  and  second  jets  are  controlled.  In  maneuver, 
jet  thrusts  may  be  changed  independently  of  the  control  linkages. 

When  both  Euler  angle  rotations  from  body  axis  to  the  thrust  vector  are 
zero,  the  jet  thrust  is  a  positive  X-force  in  body  axis  (i.e.,  a  propulsive 
force).  The  jet  thrust  can  be  used  to  simulate  a  drag  force  by  inputting 
a  negative  jet  thrust  with  zero  rotation  angles  or  by  inputting  180 
degrees  for  one  of  the  rotations  (zero  for  the  other)  and  a  positive  jet 
thrust . 
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8* 1  Pgj,.MARY  FLIGHT  CONTROL  SYSTEM  REPRESENTATION 

SE*  rartuuSSSSi 

»>  ... ... 

(2)  Coupling  of  the  swashplatc  angles  to  control  angles  and  mast  tilt 

(3)  Coupling  of  main  rotor  collective  pitch  to  load  factor  (g-level) 

lit.,  a  collective  bob we igh t  * 

(4)  Coupling  of  swashp la  te  angles  to  pylon  position 

(5)  Pitch-flap  coupling  (6  angles)  and  control  phasing  in  the  link¬ 
ages  between  the  swashjhate  and  the  blades 

(6)  Nonlinear  linkages  between  any  or  all  primary  flight  controls 

and  the  incidence  or  control  surface  deflection  of  any  o-  all 
aerodynamic  surfaces  y 

(7)  Linkages  between  the  primary  flight  controls  and  jet  thrust 

The  basic  independent  variables,  or  controlling  elements,  in  the  model  are: 

(1)  Collective  stick  position 

(2)  F/A  cyclic  stick  position 

(3)  Lateral  cyclic  stick  position 
(A)  Pedal  pos i t ion 

(J)  mast  tilt  angle  of  the  main  rotor  (Rotor  1) 

In  addition  to  the  control  riggings,  the  model  also  uses  the  following  con- 
figuration-dependent  inputs:  ° 
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(1)  Stability  and  Control  Augmentation  System  (SCAS)  inputs 

(2)  F/A  and  lateral  pylon  deflection  angles  of  each  rotor 


(3)  Increment  to  collective  pitch  due  to  the  collective  bobweight 
(g- level  ) 

(4)  Swashplate  phasing  angle  and  pitch-flap  coupling 

(5)  Blade  flapping  as  a  function  of  blade  azimuth 
The  dependent  variables,  or  control  ltd  elements,  are  then 

(1)  Blade  pitch  angle  at  the  theoretical  root  of  each  rotor  as  a 
function  of  blade  azimuth 

(2)  Change  in  incidence  or  control  surface  deflection  angle  of  the 
wing  and  each  of  the  four  stabilizing  surfaces 

(3)  Change  in  magnitude  of  the  jet  thrust  vector 

The  blade  pitch  angles  at  the  root  computed  by  the  control  system  model 
represent  the  geometric  angles  for  a  rigid  blade  at  the  centerline  of  the 
mast . 

The  local  blade  pitch  angle,  i.e.,  the  angle  at  the  outboard  end  of  each 
of  the  twenty  blade  segments,  is  the  sum  of  the  root  angle  and  the  angle 
of  blade  twist  between  the  root  and  the  blade  radial  station  of  interest. 
This  angle  of  blade  twist  is  the  sum  of  the  twist  built  into  the  blade 
plus  the  change  in  twist  resulting  from  blade  flexibility  when  the  aero- 
elastic  rotor  option  is  used.  The  local  inflow  angle  is  subtracted  from 
the  local  blade  pitch  angle  to  give  the  local  angle  of  attack  used  in  the 
rotor  aerodynamic  computations. 

The  change  in  aerodynamic  surface  angle  is  added  to  the  input  value  of 
incidence  or  control  surface  deflection  angle  of  the  corresponding  surface. 
The  change  in  the  magnitude  of  the  jet  thrust  vector  is  added  to  its  input 
magnitude . 

Figures  6-1  and  8-2  are  schematic  diagrams  of  the  mathematical  models  of 
the  Primary  Flight  Control  System.  With  appropriate  inputs  to  the 
programmed  model,  the  various  features  of  the  model  can  be  bypassed  or 
locked  out.  For  example,  consider  a  single-main-rotor  helicopter  with  no 
nonlinear  rigging,  no  mast  tilt  coupling,  no  rotor  control  coupling,  no 
collective  bobweight,  no  SCAS,  no  jet  thrust,  no  pitch-flap  coupling  or 
swashplate  phasing,  a  rigid  pylon,  rigid  blades,  and  fixed  aerodynamic 
surfaces.  Then,  the  control  system  can  be  represented  by  the  simple 
schematic  in  Figure  8-3.  In  this  example,  the  collective  stick  is  then 
linked  only  to  the  collective  pitch  of  the  main  rotor,  the  F/A  cyclic 
stick  only  to  the  main  rotor  F/A  cyclic  pitch,  the  lateral  cyclic  stick 
only  to  the  main  rotor  lateral  cyclic  pitch,  and  the  pedals  only  to  the 
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Figure  8-1.  Schematic  of  Rotor  Control  System. 
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The  primes  (')  on  the  collective 
angles  indicate  the  output  of  th 
Mixing  Box  (i.e.,  the  angles  befo 
and  pylon  inputs  are  included). 


Nomenclature 


Rotor  1 
(Main , 
Right,  or 
Forward 
Rotor) 


Rotor  2 
(Tail, 
Left,  or 
Af  t 

Rotor) 


^1’  *2’  ^3’  and  arc  resPect ively  the  intermediate 
collective,  F/A,  lateral  and  nedal  control  angles. 

O  Stability  and  Control  Augmentation  System  input 
points.  P  =  Pitch  SCAS;  R  =  Roll  SCAS ;  Y  =  Yaw  SCAS. 

and  ('\)i  arc  an§u^ar  displacements  of 

the  F/A  and  lateral  pylon  respectively  of  the  i*"^1 
rotor  (i  =  1  or  2). 

(eo)  is  ih  e  root  collective  pitch  angle  (in  the 
rotating  system)  for  the  i rotor. 

(B^).  and  (Aj).  are  respectively  the  F/A  and  lateral 

swashplato  angles  (nonrotating  system)  for  the  i 
rotor . 

The  switches  (•«►  \->  near  the  Cyclic  Mixing  Block 
indicate  the  point  at  which  control  angles  may  be 
defined  directly  rather  than  by  the  control  system. 

(0j:).  is  the  f  eathering  angle  (in  the  rotating  system) 
of  the  blade  root  as  a  function  of  blade  azimuth  for 
the  i  rotor. 

(8tw).  is  the  twist  angle  (in  the  rotating  system)  from 
the  blade  root  to  the  appropriate  blade  station  and 
azimuth  for  the  i*"*1  rotor. 

(©p ) i  :=  (SQ)i  +  (0f)i  +  Otw).  and  is  the  total  pitch 
angle  at  the  appropriate  blade  station  azimuth  for  the 

•  th  . 

l  rotor. 

The  primes  (7)  on  the  collective  pitch  and  swashplate 
angles  indicate  the  output  of  the  Control  Coupling/ 
Mixing  Box  (i.e.,  the  angles  before  SCAS,  bobweight, 
and  pylon  inputs  are  included). 


6  =  Control  position;  j3  -  F/A  Mast  Tilt  Angle  of  Rotor  1 
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Subscripts : 

m  =  Mast  Tilt 

1  =  Collective 

2  =  F/A  Cyclic 

3  =  Lateral  Cyclic  /Ri  h 

1  *  =  Hand 

I  o  =  Input  Value  p 
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Figure  8-2.  Schematic  Diagram  of  Aerodynamic 
Surface  and  Jet  Control  Systems. 
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ta  1  rotor  collective  nitch.  This  simple  umlrol  system  is  typical  of  the 
system  definitions  which  art  avail. ill'  in  tin  wry  tarly  preliminary  design 
stage  of  a  helicopter.  As  a  new  e  nnf  igi.u  nl  ion  btcumes  better  defined,  in¬ 
puts  for  other  features  of  the  mitl.w  a!  . !  modi  1  tan  hi  added  as  required. 

The  current  control  system  rep  resent  at  ion  assumes  that  the  system  and  Lhe 
airframe  are  rigid  between  the  pilot  controls  and  the  rotor  pylon.  Hence, 
uncomnanded  control  inputs  which  result  fro:  fltxin*;  of  the  airframe  arc- 
neglected.  Recommended  future  .imp rovi  mutts  to  (is  1  include  development  of 
models  for  an  aeroelastic  fuselage  and  elastic  control  system.  The  follow¬ 
ing  two  sections  discuss  the  development  of  the  rotor  and  nonrotor  sub¬ 
systems  of  the  Flight  Control  System. 

8.1.1  Rotor  Controls  Subsystem 

The  rotor  controls  subsystem  uses  Liu  position  of  Lite  collective  and 
cyclic  sticks,  pedals,  and  the  F/A  mast  tilt  of  the  main  rotor  to  com¬ 
pute  the  root  geometric  blade  angle  of  each  rotor  in  its  respective 
rotating  system.  In  Lhe-  rotating  system,  the  collective  and  cyclic  pitch 
angles  of  a  nonrotating  system  reduce  to  a  single-  blade  angle  at  the  root 
which  is  a  function  of  control  system  gi  i  rv  and  blade  azimuth. 


It 

| 

| 

I 

| 

I 


Positive  motions  of  the  flight  controls  ore  defined  as  up  collective,  for¬ 
ward  F/A  cyclic,  right  lateral  cyclic,  and  left  pedal.  In  flight  test,  a 
standard  definition  of  positive  control  motions  is  the  motion  required  to 
execute  a  climbing  right-hand  turn,  i.c.,  up  collective,  aft  F/A  stick, 
right  lateral  stick,  and  right  pedal.  Hence,  Lhe  CS1  and  flight  test 
definitions  of  positive  F/A  stick  and  pedal  arc  opposite.  The  C81  sign 
convention  has  not  been  changed  to  correspond  to  the  flight  test  conven¬ 
tion  since  Lhe  flight  Lest  convent  ion  for  F/A  stick  is  not  universal  and 
the  compatibility  of  control  motion  and  angular  definitions  can  aid  the 
programmer  and  user  of  C31  in  assuring  that  the  programmed  control  link¬ 
ages  produce  the  desired  system  characteristics. 

The  rotor  control  subsystem  was  original l\  developed  for  a  linear,  un¬ 
coupled,  s  ingle -ma  in-rot  or  helicopter.  In  th  i early  model,  the  collec¬ 
tive  stick  controlled  only  the  main  rot  r  collective  pitch,  the  F/A 
cyclic  stick  only  the  main  rotor  F/A  eye  lie,  the  lateral  cyclic  stick 
only  the  main  rotor  lateral  cyclic,  and  the  pedals  only  the  tail  rotor 
collective  pitch.  The  linkages  w<  r.  de  fined  by  the  value  of  an  angle  with 
its  appropriate  control  at  zero  perwnt  and  tin  range  of  the  angle  as  the 
control  was  moved  from  zero  to  1  (X)  percent. 

Subsequently,  the  representation  was  expanded  to  model  rotor  control 
systems  of  all  major  rotorcraft  configurations.  The  linkages  discussed 
above  were  then  redefined  to  first  compute,  intermediate  control  angles 
rather  than  collective  pitch  and  swashplate  angles  specifically.  Pro¬ 
visions  were  added  so  that  these  intermediate  control  angles  could  be 
modeled  as  parabolic  or  cubic  functions  of  Lhe  control  positions  in  order 
that  the  nonlinearities  associated  with  control-tube  be^llcrank  systems 
could  be  simulated.  Also,  the-  range  and  minimum  value  of  the  intermediate 


collective  control  angles  were  made  functions  of  the  F/A  mast  tilt  angle 
of  Rotor  1  to  simulate  the  change  in  collective  rigging  needed  for  tilt- 
rotor  configurations  during  conversion. 

The  intermediate  control  angles  are  input  to  a  mathematical  model  of  a 
control  coupling,  or  mixing,  box.  This  mixing  box  provides  for  linearly 
linking  each  control  angle  to  one,  or  more,  of  the  three  nonrotating 
control  angles  of  each  rotor  as  indicated  in  Figure  8-1  and  detailed 
in  Figure  8-4.  The  output  of  the  coupling  model  is  then  six  angles: 
the  root  collective  pitch  and  Hu  F/A  and  lateral  cyclic  swashplate 
angles  for  each  rotor. 

These  values  of  collective  piltli  ■  linn  incremented  by  the  output  of 
the  collective  bobweight  model.  Tin  bobweighL  is  a  simple  spring-mass- 
damper  system  and  is  assumed  to  he  mounted  parallel  to  the  body  vertical, 
or  Z,  axis  so  that  the  body  axis  load  factor  (g-level)  acts  as  the  forc¬ 
ing  function  of  the  bobweighL.  The  model  includes  a  preload  feature  which 
sets  the  forcing  function  Lo  zero  at  g- 1  eve  Is  less  than  the  value  of  pre¬ 
load.  At  g-levels  above1  the  preload,  the  forcing  function  equals  the 
bobweight  mass  times  the  current  g-level  minus  the  preload.  The  incre¬ 
ment  added  to  the  preliminary  value  of  collective  pitch  is  then  propor¬ 
tional  to  the  bobweight  displacement.  If  the  bobweight  model  is  used, 
the  increment  is  always  added  to  the  main  rotor  collective  pitch;  however, 
it  is  added  to  the  collective  pitch  of  the  other  rotor  only  if  the  lateral 
mast  tilt  angle  of  Rotor  2  is  less  than  45  degrees. 

The  six  control  angles,  with  collective  modified  by  the  bobweight  input, 
are  then  modified  further  by  the  coupling  of  these  angles  to  pylon 
angular  displacements.  Each  rotor  pylon  is  independent  of  the  other 
pylon,  and  the  F/A  and  lateral  displacements  of  each  pylon  are  also 
mutually  independent.  Hence,  increments  to  each  of  the  six  preliminary 
angles  are  computed  for  each  degree  of  freedom  of  their  respective  rotor. 
The  increments  due  to  F/A  displacement  and  the  increment  due  to  lateral 
displacement  are  added  to  the  appropriate  angle,  with  the  resulting  six 
angles  being  the  conventional  collective  pitch  and  cyclic  swashplate 
angles . 


The  next  step  in  the  model  is  L 
system  for  each  rotor  from  the 
angle.  The  collective  pitch  an 
pitch  angle  of  the  blade  at  its 
angle  is  measured  with  respect 
and  assumes  that  both  F/A  and  L 
the  rotating  system  this  root  c 
value  of  blade  root  pitch  angle 
This  means  blade  angle  is  then 
the  geometric  and  elastic  twist 


o  compute  the  blade  angle  in  the  rotating 
swashplate  angles  and  collective  pitch 
gle  output  from  the  pylon  model  is  the 
theoretical  root  (shaft  centerline).  The 
to  the  plane  perpendicular  to  the  shaft 
ateral  cyclic  pitch  angles  are  zero.  In 
ollective  pitch  angle  becomes  the  mean 
and  is  independent  of  blade  azimuth  angle, 
corrected  at  each  blade  radial  station  for 
of  the  blade. 


A  relatively  simple  model,  which  includes  several  small  angle  assumptions, 
is  used  to  compute  the  blade  feathering  angle  in  the  rotating  system  as 
a  function  of  the  swashplate  tilt  angles  in  the  nonrotating  system.  The 
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SB,  CB ,  S20,  and  C19  are 
defined  in  Table  3-12  of 
Volume  II. 


Figure  8-4.  Schematic  Diagram  of  Control  Coupling/Mixing  Box. 
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design  and  construction  of  most  swashplate  systems  cause  many  inherent 
nonlinearities.  These  non  linear i ties  result  primarily  from  the  motion 
of  the  pivot  points  or  attach  points  used  to  convert  linear  motion  to 
angular  motion  or  vice  versa.  To  model  these  nonlinearities  would 
require  a  very  detailed  geometric  description  of  the  swashplate  and 
feathering  systems.  Some  of  the  necessary  parameters  would  be  location 
of  the  pitch  link  attach  point  on  the  swashplate,  length  of  the  pitch 
link,  description  of  any  walking  beams  used  in  the  system,  location  of 
the  pitch  link  attach  point  on  the  pitch  horn  (blade),  displacement  of 
the  pitch  link  attach  point  due  to  blade  aeroelas t ici ty ,  etc.  To  date, 
the  inclusion  of  such  a  sophisticated  and  complex  model  has  not  been 
warranted  because  of  certain  small  angle  and  rigid  body  assumptions  in 
other  related  parts  of  the  program  and  the  variety  of  systems  which  are 
in  use.  However,  as  these  assumptions  are  removed,  the  development  of 
improved  swashplate/feather ing  models  becomes  increasingly  important. 

The  development  of  such  models  is  included  with  the  future  improvements 
recommended  for  C81. 

In  the  current  swashplate/feather ing  system  model,  the  first  step  is  to 
determine  the  angle  in  the  rotating  system  between  an  arbitary  point  on 
the  swashplate  and  the  plane  perpendicular  to  the  mast  based  on  the 
swashplate  tilt  angles  in  the  nonrotating  system.  Figure  8-5  is  a 
sketch  of  the  swashplate  model  and  geometry  used  to  develop  the  relation¬ 
ship.  It  is  assumed  in  the  mode-1  that  F/A  cyclic  tilt,  B  ^ ,  is  a  rotation 

about  the  Y-axis  and  lateral  cyclic  tilt,  A^,  is  about  the  X-axis;  i.e., 

the  axes  of  swashplate  tilt  are  90  degrees  apart  and  parallel  to  the  X 
and  Y  axes  of  the  rotor  shaft. 


Since  triangle  BOA  in  Figure  8-5  is  a  45-degree  right  triangle, 
a  +  b  =  \fl  R 
From  the  law  of  sines, 

a  R 


sin  \|i  sin(135-'li) 


(8-1) 


(8-2) 


and 


Hence, 


a  = 


r  = 


sin(45°  )  sin  ^ 

yy  R  sin  'll  /(sin  'll  +  cos  'll  ) 
yr  R  cos  i|i  / (sin  'll  +  cos  'll  ) 
R/(sin  i|i  +  cos  'll  ) 


(8-3) 

(8-4) 

(8-5) 

(8-6) 
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Figure  8-5.  Model  for  Swashplate  in  the  Nonrotat 


The  vertical  distance  from  the  X-Y  plane  to  the  line  CD  in  the  ABCD 
plane  is  then 


[(hA  '  hBV(  ^  R)]a  +  hE 


(8-7) 


Noting  that 


h  =  R  tan  (-A, ) 
A  1 


hg  =  R  tan  (B  ^ ) 


(8-8) 


(8-9) 


and  then  substituting  Equations  (8-4),  (8-8)  and  (8-9)  into  (8-7)  yields 


h ^  =  R  [tan( -A^ )  sin  iji  +  tan(B^)  cos  ]/(sin  f  +  cos  ty) 


(8-10) 


and  from  Figure  8-5 

tan  9  =  h./r 

sp  * 


=  tan(-A^)  sin  \|i  +  tan(B^)  cos 


(8-11) 


where  8  is  the  angle  in  the  rotating  system  between  the  X-Y  plane  and  a 
s  p 

line  passing  through  point  0  and  an  arbitrary  point  on  the  rotating  part 
of  the  swashplate. 

Next,  the  swashplate  angle  in  the  rotating  system,  9  ,  is  used  to  deter¬ 

mine  the  cyclic  blade  feathering  angle,  6^,  as  a  function  of  blade  azimuth. 

Figure  8-6  shows  a  top  and  side  view  of  a  typical  swashplate  to  rotor  blade 
linkage.  The  following  assumptions  are  made  for  the  model: 

(1)  The  feathering  angle  is  computed  at  the  theoretical  blade 
root  (mast  centerline). 

(2)  The  radii  to  points  P  and  S  are  equal,  the  pitch  link  is 
very  long  with  respect  to  the  radii,  and  the  control  phasing 
angle,  y,  is  a  small  angle;  i.e.,  the  pitch  link  is  parallel 
to  the  mast  for  all  swashplate  and  feathering  angles. 

(3)  The  flapping  hinge  axis  is  perpendicular  to  the  feathering 
axis  and  both  axes  pass  through  the  mast  centerline. 

(4)  The  swashplate  pivots  about  a  point  on  the  mast  centerline. 


Flapping 
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Figure  8-6.  Rotating  Control  Linkages 
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(5)  The  swashplate,  pitch  links,  and  pitch  horns  are  rigid. 

(<j)  rhe  angles  i|i ,  and  y  in  Figure  8-6  .are  all  r.. ensured  in  a 

plane  perpendicular  to  the  mast. 

From  the  above  assumptions  and  the  geometry  shown  in  Figures  8-6  and  8-7, 
the  equation  for  the  feathering  angle  is  derived  as  follows: 


t.-m  S  ■  lR/lp 


(8-12 


:i„P  .  yiR 


(8-13 


sin  0  =  -(h  -  h  )/l 

f  '  R  p"  P 


(8-14 


From  Equations  (8-12)  and  (8-13),  the  vertical  displacement  of  Point  R  in 
Figures  8-6  and  8-7  is  then 


tan  6  sin  B  1 
3  K  P 


(8-15 


and  from  Equations  (8-14)  and  (8-15),  the  feathering  angle  is  then 

sin  6r  =  -tan  6  sin  (3  +  h  /I 
f  3  P  p 


(8-16 


Based  on  the  assumptions,  the  vertical  displacement  of  point  P,  hp,  is 
equal  to  that  of  point  S,  h  •  However,  h  ,  and  hence  0  ,  arc  referenced 

OIL 

to  the  azimuth  angle  of  the  feathering  axis  while  lip  is  referenced  to 

the  azimutli  angle  of  point  S.  Therefore,  from  the  geometry,  when  feather¬ 
ing  axis  is  at  an  azimuth  angle  of  \|i,  point  S  is  at  an  azimuth  angle  of 
1  +  90- (6^  -  v). 


hp(t>  =  hs(*') 


(8-17) 


whe  re 


\|i'  =  \(i  +  90  -  (6  -  y) 

Then  from  Figure  8-6, 

h ,  ( vj) '  )  =  R  sin  [6  (i|i'  )] 


(8-18) 


(8-19) 


I 


I 


Substitution,  using  Kc|iia  L I  ons  (8-11),  (8-17),  and  (8-19),  yields 
h  ('ll)  =  R  s  InL  0  (\|i'  )] 

r  j  S  p 

=  Rc  sin  j  tan  ^  |  tan(-A^)  sin(\]/')  +  tan(B^)  cos(\|i')}j  (8-20) 

From  the  assumptions  of  the  analysis  and  Figure  8-6,  the  ratio  R  /I  can 

S  P 

be  replaced  by  l/cos(6^  -  y).  Using  Equations  (8-16),  (8-18),  (8-19), 
and  the  R  ^/1  substitution,  the  blade  feathering  angle  is  then 


-1 


9f(\ji)  =  sin  *  ("-tan  6  sin  P 


-  sin 


j^tan  1  {  [tan  cos(6^-y)  +  tan  A^  sin^-y)]  sin  ‘|l 

+[tan  A^  cos (6^-y)  -  tan  sin^-y)]  cos  \|i  }  J/cos  (6^-y)^  (8-21 ) 

Equation  (8-21)  can  then  be  simplified  by  making  small  angle  assumptions 
to  the  foLlowiiig  form: 

Sf  =  ~P  tan  6^  -  tan  1  |  [tan^)  +  tan(A1  )*tan(6^-y)  ]*s  in  i(r 

+  [tan(A^)  -  tan(B^ )*tan(6^-y)  ]*Cos  i|i  }  (8-22) 

Equation  (8-22)  is  currently  used  in  AGAJ73.  If,  in  addition,  A^  and  B^ 
are  assumed  to  be  small  angles  while  6^  and  V  are  zero,  the  above  equa¬ 
tion  can  be  reduced  to  the  familiar  form  of 

9f('|i)  »  -B^  sin  i|f  -A^  <.  os  ^  (8-23) 

Although  the  equation  for  0  was  developed  for  leading  edge  pitch  horns, 

it  is  equally  valid  for  trailing  edge  pitch  horns  as  long  as  6^  and  y 

remain  referenced  to  the  same  lines  and  their  sign  conventions  are 
unchanged.  For  example,  with  a  trailing  edge  pitch  horn,  6^  would 

normally  be  between  135  and  180  degrees,  and  positive  y  would  rotate  point 
S  back  toward  the  feathering  axis.  Alternately,  180  degrees  may  be  sub¬ 
tracted  from  values  of  6^  which  are  greater  than  90  degrees,  with  the 

resulting  angle  yielding  identical  results  from  Equations  (8-21)  and 

(8-22). 
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8.1.2  Nonrotating  Controls  Subsystems 

8. 1.2.1  Aerodynamic  Surface  Control  Subsystems 


Earlier  versions  of  C81  contained  very  simple  and  limited  linkages  between 
the  flight  controls  and  the  aerodynamic  surfaces  (a  wing  plus  one  hori¬ 
zontal  and  one  vertical  stabilizer).  In  the  earlier  model,  only  the  zero 
lift  line  v.cidence  was  controlled  (i.e.,  the  surfaces  all  moveable),  the 
linkages  were  defined  to  be  linear,  and  the  surfaces  were  assumed  to  have 
symmetrical  airfoil  sections.  The  collective  stick  could  control  only 
wing  incidence;  the  F/A  cyclic  stick  only  horizontal  stabilizer  incidence; 
the  lateral  cyclic  stick  only  differential  wing  panel  incidence;  and  the 
pedals  only  the  vertical  stabilizer  incidence. 

When  the  representation  of  the  aerodynamic  surfaces  was  expanded  to  five 
surfaces,  the  subsystem  for  the  surface  controls  was  also  expanded.  As 
discussed  in  the  section  on  aerodynamic  surfaces,  the  expansion  from 
three  to  five  surfaces  included  removing  the  restriction  that  the  axes 
of  incidence  change  for  the  surfaces  must  lie  in  a  horizontal  or  vertical 
plane  and  adding  a  representation  for  control  surface  (flap)  deflection. 
Hence,  in  the  expanded  control  subsystem,  the  capability  of  linking 
flight  controls  to  either  zero  lift  line  incidence  or  flap  angle  was 
added . 

In  view  of  the  infrequency  of  configurations  where  both  the  incidence  and 
flap  angle  of  one  surface  are  variable,  the  current  model  restricts  a 
single  surface  to  having  either  incidence  or  flap  angle  controlled  by  any 
or  all  flight  controls.  Both  angles  cannot  be  linked  simultaneously  to 
the  flight  controls.  However,  each  surface  is  independent  of  all  others 
and  one  surface  may  have  variable  incidence  while  another  has  variable 
flap  angle,  e.g.,  an  all-moveable  horizontal  stabilizer  (no  elevator)  and 
a  fixed  vertical  stabilizer  with  a  rudder.  With  the  generality  of  the 
current  aerodynamic  surface  model,  the  capability  of  linking  any  flight 
control,  plus  mast  tilt  angle  for  tilt-rotor  configurations,  to  any  aero¬ 
dynamic  surface  became  necessary  and  was  added  to  the  model.  The  revised 
linkages  between  the  flight  controls  and  the  surfaces  were  then  defined 
to  be  linear  or  parabolic,  and  provisions  for  nonlinearities  were  incor¬ 
porated  as  discussed  below.  In  view  of  the  limited  use  to  which  mast  tilt 
to  surface  linkages  are  put,  these  linkages  were  defined  to  be  linear. 

Although  the  incidence  and  flap  angles  of  one  surface  cannot  be  controlled 
simultaneously  by  the  flight  controls,  each  angle  is  an  input  and,  during 
maneuver,  each  can  be  changed  regardless  of  which  angle,  if  either,  is 
linked  to  the  flight  controls.  This  model  is  capable  of  simulating  the 
aerodynamic  surface  control  systems  of  virtually  any  type  of  rotorcraft. 

As  noted  above,  the  current  model  provides  for  linking  each  and  every 
flight  control  to  each  and  every  surface.  For  the  wing,  a  restriction 
is  included  so  that  lateral  cyclic  stick  and  pedal  motions  can  cause 
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only  dif  r  event ial  deflection  of  the  appropriate  angle.  A  control  system 
where  lateral  and/or  pedal  inputs  result  in  symmetrical  angle  changes  to 
the  left  and  right  wing  panels  was  considered  too  remote  a  possibility  for 
inclusion . 

Each  linkage  between  a  flight  control  and  an  aerodynamic  surface  includes 
a  breakpoint  option.  This  option  was  incorporated  to  help  model  non¬ 
linear  linkages.  To  use  this  option,  a  nonzero  val1  e  is  input  for  the 
breakpoint  control  position.  The  difference  between  the  actual  control 
position  and  the  absolute  value  of  the  breakpoint  input  is  computed.  If 
the  signs  of  this  difference  and  the  breakpoint  input  are  the  same,  an 
increment  to  the  appropriate  angle  of  the  surface  is  computed  using  the 
difference.  If  the  signs  are  opposite,  the  increment  is  defined  to  be 
zero.  That  is,  for  a  positive  breakpoint  input,  the  control  linkage  is 
only  active  for  control  positions  greater  than  the  breakpoint;  while  for 
a  negative  breakpoint,  the  linkage  is  only  active  for  control  positions 
less  than  the  magnitude  of  the  breakpoint.  If  the  breakpoint  input  is 
zero,  the  50  percent  control  position  is  used  to  compute  the  difference, 
and  the  linkage  is  active  throughout  the  entire  range  of  the  control. 
Figure  8-8  shows  examples  of  the  types  of  control  linkages  which  may  be 
simulated  with  this  breakpoint  option. 

8. 1.2. 2  Auxiliary  Propulsion,  or  Jet,  Control  Subsystem 

Linkages  are  provided  between  each  flight  control  and  the  magnitude  of  the 
left  and/or  right  jet  thrust  vectors.  The  difference  between  each  control 
position  and  the  respective  input  control  position  is  multiplied  by  the 
appropriate  pounds  per  inch  linkage,  and  the  four  values  are  summed  and 
added  to  the  input  thrust  values  to  yiel<-'  the  total  jet  thrust.  See  the 
discussion  of  the  Jet  Group  mathematical  model  for  additional  information. 

8.2  AUTOMATIC  FLIGHT  CONTROLS 

The  Generalized  Automatic  Control  Stability  Package  is  divided  into  two 
major  headings:  Stability  and  Control  Augmentation  System  (SCAS),  and 
Automatic  Pilot  Simulator  (APS).  The  SCAS  simulation  is  based  on  the 
transfer  functions  used  to  design  the  actual  system.  In  the  maneuver 
portion  of  the  program  a  series  of  differential  equations  is  integrated 
numerically  to  define  the  effects  of  the  SCAS.  The  APS  is  an  algebraic 
technique  used  to  simulate  the  pilot's  response  to  nonstandard  flight 
conditions . 

8.2.1  Stability  and  Control  Augmentation  System 

The  SCAS  can  best  be  described  in  terms  of  the  block  diagram  shown  in 
Figure  8-9.  In  the  diagram,  the  following  definitions  are  applicable: 

B  r  Pilot  control  input 


Bg  =  SCAS  feedforward  added  to  pilot  input  co  offset  feedback 


8-18 


Surface  Incidence  Angle  Surface  Incidence 


0) 
— < 
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Linear  and  parabolic  link¬ 
ages,  no  breakpoint. 


(b)  Linear  and  parabolic  link¬ 
ages,  positive  breakpoint. 


(c)  Linear  and  parabolic  link¬ 
ages,  negative  breakpoint. 


(d)  Parabolic  linkages  from  pedals 
or  lateral  cyclic  to  wing,  non 
zero  breakpoint. 


6^  =  Control  position,  percent  of  full  throw 
6  =  Control  position  for  breakpoint,  percent 

D 

i  =  Basic  (input)  incidence  angle  for  surface,  degrees 


Figure  8-8.  Aerodynamic  Surface  Control  Linkages. 
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=  SCAS  feedback  dependent  on  ship's  response 


=  B  +  Bp  Bp,  total  input  to  the  swashplate 


=  Feedforward  transfer  function 


=  Feedback  transfer  function 


Three  independent  systems  (roll,  pitch,  and  yaw)  are  simulated  in  the 
maneuver.  Only  the  pitch  system  is  described  below,  but  the  other  channels 
are  based  on  the  same  principle.  The  symbol  s  is  the  Laplace  transform 
variable  and  the  t  terms  are  the  Lime  constants  associated  with  the  SCAS. 
All  time  constants  must  have  nonzero  vaLues  because  of  programming  con¬ 
siderations  . 


The  feedback  transfer  function  has  the  form 


KHS  (t  Is  +  L)  (t2S  +  l') 


(8-24) 


( T 3  S  +  1  )  ( S  1  )  (t  J.S  +  1  )  9 


The  feedforward  transfer  function  has  the  following  form 


JP  (-  s  +  L)  (t  s  +  1)  (t.s  +1)  B 
3  4  j 


(8-25) 


where  Kp  and  Kp  are  the  gains  associated  with  the  feedback  and  feedforward 
transfer  functions,  respectively. 


In  the  digital  program,  F.quation  (8-24)  is  written 


C1BH  +  C2DH  +  C-iB„  +  Bh  ■  C49  +  C5e  +  V 


(8-26) 


and  Equation  (8-25)  is  written  as 


C1BC  +  C2BC  +  C3BC  +  BC 


(8-27) 


where 


C1  =  T3T4T5 


(8-28) 


C2  =  T3T4  +  V5  +  T3T5 


(8-29) 


C3  ~  T3  +  T4  +  T5 


(8-30) 


it  •  T 71 


C4  '  T1T2KH 
C5  *  (T1  +  t2)Kh 


(8-31) 


(8-32) 

In  Equations  (8-26)  and  (8-27),  all  independent  variables  are  known  except 

the  third  derivative  of  the  angular  displacement  wi th  respect  to  time  (9). 

In  the  program,  0  is  obtained  by  numerically  differentiating  b  with 

respect  to  time.  The  maneuver  portion  of  Lhe  program  has  calculated  6, 

0,  9,  and  the  stick  rates  B.  Using  those  already  calculated  values, 
Equations  (8-26)  and  (8-27)  are  numerically  integrated  in  conjunction  with 
the  other  differential  equations  which  describe  the  motion  .•!'  t  he  rigid 
fuselage  and  the  elastic  rotor. 

The  basic  feedback  function,  Equation  (8-26),  is  written  with  the  pitch 
attitude  and  its  derivatives  as  the  independent  variables.  Any  other 
variable,  and  its  associated  derivatives  which  are  calculated  in  Lhe 
maneuver  portion  of  the  program,  could  be  substituted  as  Lhe  independent 
variable  with  only  minor  changes  to  the  program. 

The  maximum  authority  of  the  SCAS  (in  percent  of  full  range)  is  an  input 
quantity.  The  third  time  derivative  of  the  angular  displacements  is  ob¬ 
tained  from  the  numeric  differentiation  of  the  angular  acceleration  terms. 
This  numeric  differentiation  can  introduce  "noise"  into  the  equations  of 
motion.  The  program  is  structured  so  that  the  product  of  the  derivative 
of  angular  acceleration  times  the  appropriate  fuselage  inertia  is  set  to 
zero  if  it  is  less  than  the  input  dead  band  (ft-lb/sec). 

8.2.2  Automatic  Pilot  Simulator 

The  second  major  item  in  the  Generalized  Automatic  Control  Stability 
Package  is  the  Automatic  Pilot  Simulator  (APS).  The  APS  is  an  algebraic 
simulation  of  the  pilot  response  to  minimize  any  deviation  from  Lhe  de¬ 
sired  flight  condition.  The  user -suppl ied  inputs  to  the  APS  include: 

(1)  the  time  to  eliminate  any  deviation  of  a  given  angular  rate,  and  (2) 
the  maximum  rate  at  which  Lhe  controls  can  be  moved.  The  flow  chart  of 
the  APS  is  shown  in  Figure  8-10. 

The  primary  objective  of  the  APS  is  to  move  the  pilot's  control  so  that 
the  fuselage  Z  force  balance  and  all  fuselage  moments  are  held  to  the  trim 
point  values.  The  secondary  objective  is  to  eliminate  any  fuselage  angular 
rates,  unless  that  rate  is  returning  the  attitude  to  the  trim  position. 

The  final  objective  is  to  maintain  the  maximum  fuselage  angular  displace¬ 
ment  from  trim  to  less  than  .02  radian. 

The  control  partial  derivatives  computed  for  the  trimmed  flight  condition 
are  used  throughout  the  maneuver  as  a  measure  of  the  effectiveness  of  each 
of  the  pilot's  controls  (collective,  fore  and  aft  cyclic,  lateral  cyclic, 
and  pedal)  on  the  fuselage  Z  force  and  fuselage  moments.  At  each  time 
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point  in  the  maneuver,  the  Z  force,  roll,  pitch,  and  yaw  moments  are  known. 

Knowing  the  control  effectivene  and  the  appropriate  fuselage  forces  and 
moments,  four  linear  algebraic  equations  can  be  written  where  the  dependent 
variables  would  be  the  control  increments  necessary  to  eliminate  the  force 
and  moment  unbalance.  This  technique  has  the  capability  to  eliminate 
accelerations,  but  cannot  deal  directly  with  rates  and  displacements.  Any 
fuselage  rate  can  be  expressed  as  a  moment  by  the  following  expression: 


Moment 


Angular  Ra 
t' 


te 


Inertii 


(8-33) 


where  t'  is  Liu  user  input  time  to  arrest  a  given  angular  rate.  The  mo¬ 
ment  term  given  by  Equation  (8-33)  is  added  to  computed  force  and  moment 
summaries  so  that  extra  control  inputs  are  generated  whenever  unfavorable 
angular  rates  are  present.  Equation  (8-33)  is  used  only  when  the  product 
of  angular  rate  Limes  angular  displacement  is  positive,  i.e.,  when  the 
rate  tends  to  make  the  deviation  larger. 

Thus  far,  the  effect  of  accelerations  and  rates  has  been  considered. 
Fuselage  angular  displacements  are  represented  as  a  moment  increment 


■nl  ,  'Anaul,r_P.ispUcc:.mentlrnert.aj 


(8-34) 


which  is  added  to  the  previously  defined  moment  term.  In  this  mariner, 
extra  control  inputs  are  generated  due  to  angular  displacements.  Equation 
(8-34)  is  used  only  when  the  absolute  value  of  an  angular  displacement 
is  greater  than  .02  radians. 

The  four  linear  algebraic  equations,  as  shown  in  Figure  8-10,  are  solved 
to  define  increments  to  be  applied  to  the  pilot's  controls.  The  program 
moves  the  pilot  controls  to  the  new  position  unless  the  rate  required  is 
greater  than  an  input  maximum  rate  of  control  motion.  If  the  required 
control  increment  is  greater  than  the  maximum  input  would  permit  in  a 
given  time  increment,  then  the  control  increment  is  set  to  the  maximum 
a l 1  own b 1 e . 

The  APS  can  also  be  used  to  simulate  the  closed-loop  response  of  the  pilot 
to  perform  a  symmetric  pull-up.  The  fuselage  pitch  rate,  Q,  associated 
with  the  required  g  level,  gTAR,  can  be  written  in  the  notation  of  Ref¬ 
erence  24  as 


Q  “  t(gTAR  -  COS  0)g  +  w  +  PV]/U 


(8-35) 


This  pitch  rate  can  be  used  as  the  required  pitch  rate  deviation  that  the 
APS  must  achieve. 
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9.  TRIM  PROCEDURE 


9. L  GENERAL 

An  essential  part  of  any  flight  simulation  program  is  i Ls  ability  to  de¬ 
fine  the  trim  attitude  of  the  aircraft  throughout  the  flight  envelope, 
including  accelerated  as  well  as  unacct  1  crated  flight.  AGA.173  includes 
three  types  of  trim  procedure  which  can  accomplish  this  task.  The  names 
given  to  these  procedures  are: 

(1)  Quasi -static  (QS)  trim 

(2)  Quasi-static  followed  by  time-variant  rotor  (QS-TV)  trim 

(3)  Fully  time-variant  (FTV)  trim 

The  terms  c|uasi-static  and  time-variant  refer  to  the  primary  rotor 
analysis  (see  Section  2.2)  which  is  used  in  the  procedure.  Both  analyses 
can  include  the  effects  of  blade  elasticity  (mode  shapes  other  than  the 
rigid-body  mode  shape),  but  only  the  time-variant  analysis  can  include  the 
interaction  of  the  aerodynamic  loads  and  blade  elasticity,  i.e.,  aero- 
elasticity.  In  the  QS  trim  procedure,  the  quasi-static  rotor  analysis  is 
used  for  both  rotor  systems.  In  the  QS-TV  trim  procedure,  the  standard  QS 
trim  is  performed  first.  The  rotor  modal  equations  of  motion  are  then  nu¬ 
merically  integrated  f or  5  rotor  revolutions  using  the  time-variant  rotor 
analysis  with  the  control  positions  and  fuselage  orientation  held  fixed 
at  the  positions  determined  by  the  QS  trim.  It  is  assumed  that  after  five 
revolutions,  the  acroelastic  effects  included  in  the  Lime-variant  analysis 
will  have  caused  the  rotor  either  to  stabilize  or  to  diverge,  depending  on 
the  basic  stability  of  tine  rotor  system.  The  user  may  elect  that  such 
time-variant  trims  be  computed  for  either  or  both  rotors.  If  both  rotors 
are  selected,  the  two  time-variant  trims  are  computed  independently  of 
each  other.  In  the  FTV  trim  procedure,  the  user  specifics  the  rotor  or 
rotors  which  use  the  time-variant  analysis.  In  doing  so,  any  reference 
to  the  QS  trim  procedure  is  deleted  for  the  specified  rotor(s).  (A  rotor 
which  does  not  use  the  time-variant  analysis  uses  the  quasi-static 
ana  lysis  . ) 

The  basic  program  flow,  which  is  the  same  for  all  three  types  of  trim,  is 
shown  in  Figure  9-1.  The  iterative  technique  represented  by  this  figure 
is  discussed  in  Section  9.3.1.  The  three  basic  blocks  in  the  figure  are 
the  computation  of  the  partial  derivative  matrix  (shown  in  Figure  9-2 
and  discussed  in  Section  9.3.2),  the  time-variant  portion  of  the  QS-TV 
trim  (shown  in  Figure  9-3),  and  the  rotor  force  and  moment  computations 
(shown  in  Figure  9-4  and  discussed  in  Section  9.3.3).  Some  of  the  con¬ 
siderations  used  in  programming  the1  trim  procedure  are  discussed  in 
Section  9.3.4. 
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START  OF 
TV  TRIM 


*Control  positions  and  fuselage  degrees  of  freedom  held 
fixed  at  the  final  values  computed  during  the  QS  trim. 


Figure  9-3.  Flow  Chart  of  Time-Variant  Rotor  Trim. 
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Figure  9-4.  Flow  Chart  of  Rotor  Force  and  Moment 
Computations  Duri.  Trim  Pro„edures. 
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9.2  DEFINITION  OF  TRIMMED  FLTGIIT  CONDITION 


The  irputs  to  aLL  three*  trim  procedures  are  identical:  rotorcraft  con¬ 
figuration  and  control  positions,  flight  path  orientation,  atmospheric 
conditions,  g-leveL,  and  type  of  flight  (pull-up,  turn,  or  unaccelerated). 
Trim  is  defined  as  that  combination  of  appropriate  independent  trim  param¬ 
eters  for  which  the  summations  of  all  external  forces  and  moments  (aero¬ 
dynamic,  gravitational,  and  inertial)  about  the  center  of  gravity  of  the 
rotorcraft  (due  to  both  the  rotor  and  the  airframe)  arc  less  than  a  pre¬ 
assigned  set  of  limits.  For  convenience, the  body  axis  has  been  chosen 
as  the  reference  system  for  the  force  and  moment  summation,  and  the  sum¬ 
mation  actually  consists  of  six  independent  summations:  the  X,  Y,  and  Z 
forces  and  the  pitch,  roll,  and  yaw  moments. 

For  each  rotor  which  uses  the  quasi-static  rotor  analysis, there  are  Lwc 
additional  requirements  for  trim:  the  summations  of  F/A  and  lateral 
rotor  moments  acting  at  the  hub  (due  to  aerodynamic,  dynamic,  and  gravita¬ 
tional  f  irces  and  moments  which  have  been  averaged  over  the  rotor  disk) 
must  also  be  less  than  a  preassigned  limit.  These  requirements  arc 
referred  to,  somewhat  loosely,  as  the  flapping-moment  balance  criteria, 
or  equations.  For  a  teetering  or  gimbaled  rotor,  this  name  implies  that, 
for  trim, the  one-per-rev  components  of  the  flapping  moment  must  be  zero 
(or  must  balance  any  moment  due  to  flapping  restraint  if  such  is  present); 
i.e.,  the  tip-path  plane  is  not  accelerating  with  respect  to  the  rotor 
shaft.  However,  for  rigid  or  articulated  rotor  configurations,  the  term 
flapping-moment  balance  is  something  of  a  misnomer;  the  condition  actually 
being  satisfied  is  that  the  tip-path  is  not  accelerating  with  respect  to 
the  rotor  shaft.  These  moment  balance  equations  are  discussed  more  fully 
in  Section  9.3.3. 

Hence,  the  mathematical  definition  of  trim  consists  of  three  force  and 
three  moment  summation  equations  for  all  external  forces  and  moments  act¬ 
ing  on  the  rotorcraft  plus  two  rotor-moment  balance  equations  for  each 
rotor  v.'hich  uses  the  quasi-static  analysis,  i.e.,  6  to  10  equations. 

Since  the  tip-path  plane  is  not  a  meaningful  concept  in  the  time-variant 
rotor  analysis,  rotor-moment  balance  equations  for  a  rotor  which  uses  that 
analysis  are  not  included  in  the  trim  procedure  as  such.  Rather, the 
moment  balances  are  performed  by  numerically  integrating  the  modal  equa¬ 
tions  of  motion  of  the  rotor  for  an  appropriate  number  of  rotor  revolutions. 
All-ten  possible  trim  equations  are  summarized  in  Table  9-1. 

The  independent  trim  variables  which  are  used  in  all  three  Lrim  procedures 
are  the  three  Euler  angles  (which  orient  the  body  axis  with  respect  to  the 
fixed,  or  ground,  reference  system)  and  the  positions  of  the  four  primary 
flight  controls  (collective,  F/A  cyclic,  lateral  cyclic,  and  pedals). 

When  the  quasi-static  rotor  analysis  is  used,  the  F/A  and  lateral  flapping 
angles  of  the  rc.or  which  uses  that  analysis  are  also  included  as  inde¬ 
pendent  trim  variables.  As  explained  in  Section  2.2.2,  tip-path  plane 
flapping  angles  are  not  independent  variables  in  the  time-variant  rotor 
analysis;  i.e.,  these  angles  cannot  ba  included  as  independent  trim 
variables  for  any  rotor  which  uses  this  analysis.  Hence,  in  the  QS  trim 


TABLE  9-1.  DEFINITION  OF  TRIM  CONDITION 
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Description  _ 


Total  rolling  moment  about  eg 
Total  pitching  moment  about  eg 
Total  yawing  moment  about  c.g 
Total  X-force  at  eg 
Total  Y-force  at  eg 
Total  Z-force  at  eg 

F/A  moment  acting  on  Rotor  1  at  its  hub 
Lateral  moment  acting  on  Rotor  1  at  its  hub 

F/A  moment  acting  on  Rotor  2  at  its  hub 
Lateral  moment  acting  on  Rotor  2  at  its  hub 


L,  M,  N,  F  ,  F  ,  and  F ^  arc  in  the  Body  Reference  System;  (MF/A) L  and 

(M  )  are  in  the  Shaft  Reference  System  of  the  ith  rotor  e.;  j=l,2 
v  LAT  i  J 

7  represent  the  seven  allowable  errors  input  to  the  program 


TABLE  9-2.  INDEPENDENT  TRIM  VARIABLES 


Symbo 1 

Description 

Y 

Fuselage  Euler  Yaw  Angle 

to 

Fuselage  Euler  Pitch  Angle 

i 

Fuselage  Euler  Roll  Angle 

b 

COLL 

Pilot's  Collective  Stick  Position 

f/a 

Pilot's  F/A  Cyclic  Stick  Position 

6  LAT 

Pilot's  Lateral  Cyclic  Stick  Position 

6ped 

Pilot's  Pedal  Position 

( n  1 )  1 

F/A  Flapping  Angle  of  TPP  for  Rotor  1 

<bl>l 

Lateral  F)c  .^ing  Angle  of  TPP  for  Rotor  2 

(a,), 

l  l 

F/A  Flapping  Angle  of  TPP  for  Rotor  2 

( b  1 ) .. 

Lateral  Flapping  Angle  TPP  for  Rotor  2 

The  flapping  angle 

s  are 

with  respect  to  the  Rotor  Shaft  Reference  System. 

For  elastic  blades 

they 

art  based  on  Mode  1.  TPP  means  tip-path  plane. 

**y  AWjtM-  11 


(or  QS  portion  of  a  QS-TV  crlm),  there  arc  11  independent  trim  variables; 
while  in  the  FTV  trim, there  will  be  9  if  only  one  rotor  uses  the  time- 
variant  analysis  or  7  if  both  rotors  use  the  time-variant  analysis.  These 
independent  trim  variables  are  summarized  in  Table  9-2, 

9.3  METHODOLOGY  OF  THE  TRIM  PROCEDURE 


9.3.1  Iterative  Technique  and  Trim  Parameters 

A  modification  of  the  Newton-Raphson  iterative  technique  is  used  to  com¬ 
pute  the  desired  trim  condition.  This  technique,  which  is  shown  in  the 
flow  chart  of  Figure  9-1,  consists  of  the  following  steps: 

(1)  Compute  the  forces  and  moments  acting  on  the  rotorcraft  using 
the  input  (or  current)  values  of  the  independent  trim  variables. 

(2)  If  all  force  and  moment  summations  (imbalances)  are  less  than 
the  input  allowable  errors  (e^  in  Table  9-1),  the  rotorcraft  is 
considered  trimmed  and  the  trim  procedure  ends;  otherwise,  compute 
a  partial  derivative  matrix. 

(3)  Use  the  matrix  and  the  imbalances  to  compute  increments  to  the 
values  of  the  independent  trim  variables. 

(4)  Add  the  increments  to  the  previous  values  of  the  trim  param¬ 
eters,  go  back  to  Step  (1),  and  continue  the  iterative  process 
until  the  rotorcraft  is  trimmed  or  the  maximum  number  of  itera¬ 
tions  is  exceeded. 

The  key  feature  of  this  technique  is  the.  computation  of  the  partial  deriva¬ 
tive  matrix  (see  Figure  9-3).  The  computation  of  this  matrix  requires 
that  the  mathematical  model  of  trim  consist  of  an  equal  number  of  trim 
equations  and  independent  trim  variables,  However,  in  the  definition  of 
trim  given  in  the  previous  section  and  in  Tables  9-1  and  9-2,  the  number 
of  trim  variables  is  always  one  more  than  the  number  of  trim  equations. 
Specifically,  there  are  7  +  2n  variables  and  6  +  2n  equations,  where  n  is 
the  number  of  rotors  which  use  the  quasi-static  analysis.  Consequently, 
one  of  the  independent  trim  variables  must  be  eliminated  (held  constant) 
if  the  matrix  is  to  be  used  to  compute  increments  to  the  variables. 

Since  the  flapping  angles  are  not  always  included  in  the  list  of  trim 
variables  and  all  flight  controls  must  normally  be  free  to  move,  the 
choice  of  variables  which  can  be  held  constant  is  limited  to  the  Euler 
angles.  Of  these  three  angles,  a  pilot  will  normally  be  concerned  with 
only  the  yaw  (heading)  or  roll  (bank)  angles  when  trimming  the  rotor¬ 
craft  (i.e.,  pitch  attitude  is  a  consequence  of  the  desired  flight  condi¬ 
tion,  not  a  commanded  condition  itself).  Since  the  mathematical  procedure 
for  computing  the  corrections  to  the  trim  variables  is  independent  of  the 
nature  of  the  variables,  the  choice  of  which  of  these  two  angles  is  held 
constant  has  been  made  a  user  option.  The  user  should  consider  the  flight 
condition  being  simulated  when  specifying  the  angle  to  be  held  constant. 
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For  example,  pilots  normally  fly  rotorcraft  at  constant  heading,  particu¬ 
larly  at  low  airspeeds.  However,  at  high  airspeeds  the  pilot  may  be  more 


apt  to  command  a  particular  roll  angle,  such  as  zero  in  unaccelerated 
flight  (or  in  a  pull-up  or  pushover)  or  the  bank  angle  associated  with  a 
desired  g-level  in  a  turn.  In  practice,  a  fixed  yaw  angle  trim  works  well 
and  is  basically  representative  of  actual  flight  at  all  airspeeds,  whi le 
a  fixed  roll  angle  trim  is  only  really  suitable  for  flight  above  the  speed 
for  minimum  power. 


9.3.2  Computation  of  the  Partial  Derivative  Matrix  and  Increments 


The  procedure  for  computing  a  partial  derivative  matrix  (PDM)  is  sha  n  in 
Figure  9-2  and  can  bi  described  as  follows: 


(1)  Perturb  one  of  the  independent  trim  variables  from  its  baseline 
va lue . 


(2)  Compute  the  imbalance  in  each  of  the  trim  equations. 

(3)  Subtract  the  imbalances  in  the  baseline  condition  from  those 
in  the  perturbed  condition. 

(4)  Divide  each  of  the  differences  by  the  perturbation. 

The  complete  PDM  is  generated  by  performing  the  above  procedure  for  each 
Independent  trim  variable. 

The  complete  PDM  is  then  used  in  conjunction  with  the  force  and  moment 
imbalances  of  the  baseline  condition  to  compute  increments  to  the  inde¬ 
pendent  trim  variables.  Each  increment  is  compared  to  a  maximum  allowable 
change.  The  initial  limit  is  an  input;  however,  the  limit  is  reduced  as 
the  imbalances  get  closer  to  the  allowable  errors.  If  any  increment  is 
larger  than  the  limit,  all  increments  are  ratioed  by  the  same  factor,  with 
the  result  being  that  the  largest  increment  is  equal  to  the  limit.  The 
increments  are  subsequently  added  to  their  corresponding  value  at  the 
baseline  condition. 


If  the  system  of  equations  in  C81  were  linear,  the  new  values  of  the 
variables  would  trim  the  rotorcraft,  i.e.,  reduce  the  imbalance  to  zero 
However,  the  equations  in  C81  are  not  linear,  and  the  program  generally 
must  repeat  the  above  operations  several  times  to  reduce  the  imbalances 
to  less  than  allowable  errors. 


The  algebraic  formulation  of  this  trim  procedure  is  shown  in  Figure  9-5 
for  the  QS  trim,  i.e.,  10  equations  and  10  trim  variables.  However,  the 
method  of  computation  is  the  same  for  the  8  by  8,  or  the  6  by  6,  system 
of  equations  used  in  the  FTV  trim.  The  formulation  can  be  expressed  by 
the  following  matrix  equation: 

[PDM..]  X  [AyJ  =  [-<*!>„]  (9-1 
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who  re 


PDM  .  is  the  square  partial  derivative  matrix  (a  10  by  10 
ij 

matrix  for  the  QS  trim), 


L Ay ^ ]  is  the  matrix  of  increments  to  the  independent  trim 
variables,  (a  10  by  l  matrix  for  the  QS  trim),  and 


(.-(x^b]  is  the  matrix  of  the  negatives  of  the  force 


and  moment  imbalances,  x.,  at  the  baseline  flight  condi¬ 


tion  (a  10  by  1  matrix  for  the  QS  trim). 


The  vaLuc  of  cacli  clement  in  PDM..  is  comnuted  as  follows 

ij 


PDM. 


ij 


(X.-)n  -  (*•), 


i  P 


i'Bj/  L  j  P 


(y,)D  -  <y,> 


i'Bj 


(9-2) 


where  the  subscript  B  indicates  the  baseline  condition  and  P  the  perturbed 


condition.  Hence,  each  time  one  of  the  values  of  y  is  perturbed,  the 


resulting  calculations  generate  one  row  of  the  partial  derivative  matrix. 
If  the  perturbations  arc  small  and  the  equations  are  nearly  linear  over 
the  range  of  the  perturbation,  then 


PDM.  .  =  fix. /fey. 
l  j  l  3 1 


(9-3) 


The  ten  equations  in  ten  unknowns  represented  by  Equation  (9-1)  are  then 
solved  for  the  values  of  Ay  ^  by  Gauss  reduction  (Reference  19,  Chapter 

10.3).  Subject  to  the  limiting  technique  discussed  earlier,  the  values 
of  Ay.  arc  then  added  to  the  previous  values  of  the  trim  variables  to 


J 


obtain  a  better  approximation  of  the  final  trim  condition  to  be  used  for 
the  next  trim  iteration.  The  iterative  process  is  continued  until  all 
trim  requirements  arc  satisfied 


9.3.3  Rotor  Force  and  Moment  Computations 


The  flow  charts  in  both  Figures  9-1  and  9-2  include  a  block  for  computing 
the  rotor  forces  and  moments.  Details  of  the  computations  within  this 
block  are  shown  in  Figure  9-4.  The  primary  factor  affecting  the  path  of 
the  program  through  the  rotor  computations  is  the  type  of  rotor  analysis 
which  is  to  be  used.  For  the  QS  trim  (and  QS  portion  of  a  QS-TV  trim), 
the  QS  path  in  Figure  9-4  is  followed  for  both  rotors.  For  the  FTV  trim, 
the  TV  path  is  followed  only  if  the  rotor  in  question  is  to  use  the  time- 
variant  rotor  analysis.  When  only  one  rotor  is  to  be  time-variant  in 
the  FTV  trim,  the  other  rotor  follows  the  QS  path. 


Regardless  of  the  path  chosen,  the  next  decision  is  whether  the  forces  and 
moments  to  be  computed  are  for  the  baseline  values  of  an  iteration  or 
for  a  PDM.  In  the  QS  path  this  decision  determines  whether  or  not  che 
thrust/induced-velocity  iteration  loop  and  the  elastic  trim  routine  are 


a  InrtlkiritwLlJ 
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to  be  used.  (They  are  used  for  baseline  values;  they  are  not  used  for  the 
PDM) .  In  the  TV  path  the  decis  ion  determines  the  number  of  rotor  revolu¬ 
tions  to  be  made  in  the  numerical  integration  of  the  modal  equations. 
(Computation  of  baseline  values  uses  3  revolutions;  computation  of  a 
PDM  uses  2). 


A  flow  chart  of  the  elastic  trim  technique  is  shown  in  Figure  9-6.  This 
technique  is  used  to  incLude  the  steady  and  one-per-rev  components  of 
blade  elasticictv  in  the  quasi -static  analysis.  The  procedure  consists 
of  performing  a  harmonic  analysis  of  the  virtual  work  done  by  the  airloads 
on  th°  mode  shapes.  The  virtual  work  for  the  ith  mode  shape  is  defined  as 

rR 

VW.(|||)  =  I  F (x , * )  6  dx/1  (9-4) 


where  F(x,  *)  is  the  summation  of  the  aerodynamic,  dynamic,  and  gravita¬ 
tional  forces, 


x  is  the  blade  station, 


is  the  blade  azimuth  location, 


6.  is  the  participation  factor  of  the  i  mode,  and 


I  is  file  generalized  inertia  of  the  i  mode. 


From  the  harmonic  analysis  of  the  virtual  work  parameters,  only  the  steady 
one-per-rev  components  arc  reta ined, such  that 


VW i  ( iV )  =  Aq  +  A^c  cos*  +  A^s  s in ^ 
i  i  i 


(9-5) 


where  Aq  ,  A^c  ,  and  A^g  are  the  coefficients  generated  by  the  analysis, 
i  i  i 


The  modal  participation  factor  is  then  truncated  to  a  first  harmonic 


series : 


6.(*)  =  6  +6,  cos*  +6,  sin 

l  o .  1  c .  Is. 

l  i  l 


(9-6) 


Substituting  Equations  (9-5)  and  (9-6)  into  the  modal  equations  of 
motion, 


6,-t-2£w  6  +uu  6 .  =  VW. 

n ,  i  n .  i  i 
1  l 


(9-7) 


i  =  l 


CONTINUE 


Perform  Harmonic  AnaLysis  of  Virtual  Work  for  Mode  i 


VW.  =  Aq  +  A^c  costy  +  A^  s i n vji 


it  Hi  and 


6,  =  -a. 

lsi  1 

6,  =  -b, 

lcl  1 


N(  /  Mode  i  \ 
— -<an  Independent 


sRulor  Mode 

\  7  / 


/  1S  \ 

S  Mode  J  > 

a  Collective 

■s^otor  Mode/ 


f>  ,  =  6  + 

6 ,  cos  i|) 

1  °i 

lci 

*1., 

sin  i) 

1 

J7~»  6 

Li  °i 


JNo  (Cyclic) 


6  =6,  cos  ill  +  5.  sinijj 

i  1c.  Is 

i 


Baseline  /  l/Pe  x 
Valuesx\°^  Compu 
xtation  . 


'  i=NM 

<P 

No J 


Calculate  Elastic  Displacements,  Velocities,  and 
Accelerations  Over  Rotor  Disk  for  All  Modes  Ana¬ 
lyzed  (20  Radial  Stations,  12  Azimuth  Locations) 


yields  the  following: 


A  /w 
o .  n  . 
i  1 


L\c. 

I 

Alc. 

1 

(u.  1 

n . 

) 

-  -  A, 

I  *S  . 

1 

(2 

C.  uj 

6  is.  • 

1 

r 

A, 

1  s  . 

l 

<v 2 

1 

-  k-“)  +  A, 

1  c  . 

(2 

C  a. 

Denom  -  < x 


‘*2)  +  (2  £  x  .  )2 

I)  . 
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(9-9) 

(‘>-10) 

(0-11) 


V  is  Lhc  n:,Luri'1  freciucncy  of  tin  ith  mode  (rud/sec), 
is  th°  1‘oLor  speed  ( iMtl/see  ) ,  ,ind 
C  is  the  nondimens ionnl  damping  ratio  of  the  mode, 
t  imiHy  the  .U.l ic  ilis|.l.iccmi'iiU,  v.  |,5.  col,. rollons  ,m.r 

r  ,7ir:viS.K«iL.s2:‘  s 

*w'uhM  rn,m  . . . . “ 

The  participation  factors  output  from  the  elastic  trim  routine  ire  ih-„ 

par  5  osTit:tp°n  1  thC/OLOr  n,°mC11tS  Wh-]1  «*  balanced  S 

part  ot  the  QS  trim  procedure  (see  Section  9.2).  The  rotor  moments 

computed  at  each  of  the  12  ar.in.utl,  locutions  of  the  punsi-itut” 

'the  (l(tu°rworkJin1th  ‘°l’  l’''™""’'  mV'lys,s  lik«  11111  pot formed  on 

h.nj"“\^:v^^,-rouuw-  D,"c,,ru,nR 


M(i>)  -  Mo  +  cost  +  M)f.  siml> 


(9-12) 


Equating  like  harmonics  then  yields  the  following  expressions  for  Lho  p/a 
and  lateral  rotor  moments  about  the  huh:  ‘  I /A 


NM 

Va  “  H|c  -  I  <BBMCi  V>  -  <V„/A 


(9-13) 
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NM 

MLAT  =  M1S  '  Z  (BBMC  i  )  -  (m  ) 

i=  1  1  isi  lri.AT 


L/ii  Ic  d-j  \  I'uriVi  ,  -  fM  1 

i-1  '  lsi  (Vi.at  O-H) 

,BMC‘  bl',<IC  bt,"‘,in8  m0mtnl  '“rficU.nL  «  th,  hub  for  thc 

J  mode, 

is  Che  number  of  modes,  and 

MH  if  thc'  momenl  (F/A  and  laLeraH  ir  ih,  ,  ,  , 

f  lapping  restraint  and/or  stops.  ^  dUe  t0 

In  the  QS  L r ini  procedure  it  is  ihr 

.l'!C  lnPut  '""‘ts  (c„  or  c  «„  Tj  Vn  ToTT  Which  must  be  than 

LlImmcd-  6  7  U  for  Lhc  rotor  to  be  considered 

a-°-  %>„*  «"■<  <»„)LAT  b“ure;n.uLh:e^: shnpc5' not « -  ^ 

appropr^toT^trEo0nthe0rQSEqtr>“0aSru:d3>  *“*  (5'U)  is  that  “1th 
m?d0  od  as  a  gl^lcd  rotor  uil  ;  ,  !  °r  “fticulated  rotor  con  be 

s imu la tes  the  rotor  mode  shapes.  „  de”"i  •  hub  .pri*  that 

suitable  for  dynamic  analyses  where  hi  i  /  /1S  apPr°ximation  is  not 
it  can  be  useful  in  perforin  Ioads'  otc  -  “  ™  required-  how 

d°‘>  -e  not  ITl'llZZ™  “  ’“““O’  -*/». 


9'3'4  Considerat,„„ 


rner^diu‘:  VnT^:\^T°^ to  “««• «. « »» 

minimum.  For  example,  in  a  OS  tii/Th  mUSt  be  perf°rmed  is  held  to  a 
include  thc  thrus  t/induced- velocity  '  i  tpC  /mputnti°"  of  the  PDM  does  not 

rotor1"0  -“us  ‘"i  thC  “imputation  of  the'  blsTin  °?  "  ““  trim 

Although  their  inclusion  would  cr  orces  and  moments  of  the 

increased  accuracy  does  not  neces^n'  *  more  acCur£Jtc  PDM,  the 

equired  to  trim  and  generally  inr  y  reduce  the  number  of  iterations 
-n  time,  Similarly.V  than  decreases 

time-variant  rotor  analysis  is  5  in  ™  “  Ions  usccJ  w*th  the 

only  3  in  the  computation  of  thn  i  ?  ^  Portion  of  the  QS-TV  trim  h 
computation  of  the  PDM  in  the  FW  trimT  ValUGS’  and  only  2  ^  the  ’ 
revolutions  does  not  shorten  the  run  time Tthc  °! 


In  terms  of  computer  time  required  to  achieve  trim,  the  QS  trim  is  always 
the  fastest  procedure.  Since  the  TV  portion  of  a  QS-TV  trim  is  essentially 
a  post -processor  to  a  QS  trim,  a  QS-TV  trim  will  obviously  take  longer  than 
a  QS  trim.  The  FTV  trim  will  take  the  longest  of  all.  Because  of  the 
marked  differences  in  the  QS  and  FTV  trim  procedures  and  the  many  roLor- 
craft  configuration  variables,  it  is  impossible  to  estimate  the  relative 
run  times  of  the  two  procedures,  even  for  the  same  configuration  starting 
at  the  same  point.  However,  it  is  strongly  recommended  that  all  the 
inputs  for  the  trim  variables  in  FTV  trims  be  obtained  from  previously 
computed  QS  or  QS-TV  trims  for  the  identical  flight  condition  and  rotor- 
craft  configuration. 

Although  past  use  of  the  program  lias  shown  that  the  Lrim  procedure  can 
generally  iterate  to  a  trimmed  flight  condition  from  most  any  reasonable 
combination  of  guessed  inputs,  the  user  should  choose  inputs  that  are  as 
close  to  the  trim  condition  as  possible  to  insure  a  successful  trim  and 
to  minimize  the  computer  time  required  to  trim.  One  of  the  more  common 
reasons  for  failure  of  the  program  to  trim  is  starting  with  Loo  high  a 
collective  stick  position,  i.c.,  with  the  rotor  in  a  stalled  condition. 

If  the  r<  tor  is  stalled,  the  partial  derivative  matrix  is  likely  to 
indicate  that  up  collective  will  reduce  rotor  thrust  (which  it  could  well 
do  in  a  stalled  condition)  while  also  increasing  rotor  torque.  The 
result  of  this  apparent  control  reversal  may  be  a  fictitious  trim  at 
a  very  high  power  level  (somewhat  equivalent  to  trimming  on  the  backside 
of  the  power  curve)  or,  more  likely,  nq  trim  at  all.  Hence,  while  the 
trim  procedure  is  basically  forgiving^  it  can  run  into  problems  when 
gross  nonlinearities  are  encountered. 

'.  \ 

9.4  ROTOR-ONLY  TRIM  PROCEDURE 

It  is  not  mandatory  that  C81  simulate  an  entire  rotorcraft  system.  Fre¬ 
quently,  it  is  desirable  to  simulate  an  isolated  rotor,  e.g.,  a  wind 
tunnel  simulation.  A  special  path  has  been  included  in  the  general  trim 
procedure  to  provide  for  such  rotor-anly  simulations  in  conjunction  with 
the  quasi-static  rotor  analysis.  For  a  rotor-only  trim,  all  references 
to  the  fuselage  force  and  moment  balances  are  deleted.  That  is,  the 
user  sets  through  e,.  in  Table  9-1  so  large  that  th^  first  six  (total 

rotorcraft)  trim  equations  are  effectively  deleted  from  the  trim  pro¬ 
cedure.  The  allowable  errors  for  the  flapping  moment  imbalances  (e^  for 

Rotor  1,  for  Rotor  2)  are  kept  at  realistic  values.  Also,  the  two 

rotors  are  decoupled  from  each  other,  which  in  effect  reduces  the  single 
10  by  10  matrix  in  Figure  9-3  to  a  pair  of  2  by  2  matrices.  It  is  not 
necessary,  or  normal,  that  both  rotors  be  included  in  a  rotor-only  trim. 
Assuming  the  second  rotor  is  deleted,  the  10  by  10  matrix  then  reduces 
to  a  single  2  by  2  matrix.  The  independent  variables  for  reducing  the 
flapping  moments  may  then  be  either  the  fore-and-aft  and  lateral  shaft- 
axis  flapping  angles  or  the  fore-and-aft  and  lateral  blade  feathering 
angles.  When  the  flapping  angles  are  the  independent  variables,  the 
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case  is  equivalent  to  letting  the  rotor  seek  a  new  equilibrium  flapping 
condition  for  a  prescribed  set  of  blade  feathering  angles.  When  the  fea¬ 
thering  angles  are  the  independent  variables,  the  case  is  equivalent  to 
letting  the  rotor  control  seek  the  values  which  will  cause  a  prescribed 
set  of  flapping  angles.  The  latter  case  is  particularly  useful  in 
simulating  wind  tunnel  tests  where  data  are  measured  at  specified  flapping 
angles  rather  than  control  positions.  The  former  case  can  also  be  useful 
during  a  total  rotorcraft  trim  when  difficulty  is  encountered  in  trimming 
the  entire  rotorcralt  system  with  the  10  by  10  matrix.  Either  or  both 
sets  of  rotor  equations  may  be  decoupled  and  allowed  to  trim  within  one 
conventional  trim  iteration. 

It  should  be  emphasized  that  the  rotor-only  procedure  described  here  cannot 
be  used  for  a  time-variant  rotor  since  the  flapping  angles  and  rotor 
moments  on  which  it  is  based  do  not  exist  in  the  time-variant  analysis. 
However,  the  equivalent  of  the  trim  at  specified  blade  feathering  angles 
can  be  performed  with  the  QS-TV  or  FTV  trim  by  using  appropriate  dummy 
inputs  for  the  fuselage  and  aerodynamic  surfaces.  As  another  alternative, 
the  allowable  errors  can  be  set  very  large  so  that  the  program  will  imme¬ 
diately  "drop  through"  the  trim  procedure,  and  a  time-variant  maneuver 
with  an  appropriate  number  of  rotor  revolutions  can  be  performed  at  fixed 
feathering  angles. 

A  second  (optional)  trim  page  has  been  added  to  the  program  to  present 
significant  rotor  performance  data  that  are  useful  in  analyzing  wind 
tunnel  simulations  and  arc  not  printed  as  part  of  the  standard  trim  page. 
The  data  are  in  both  dimensional  and  nondimensional  forms.  A  summary  of 
the  rotor  and  tunnel  parameters,  and  the  rotor  bending  moments  are  also 
printed.  This  optional  page  mav  be  printed  following  either  a  total 
rotorcraft  or  rotor-only  trim. 


10.  STABILITY  ANALYSIS 


10.1  INTRODUCTION 

The  principal  objective  of  this  section  is  to  present  a  basis  for  eval¬ 
uating  each  element  in  a  14-degree-of-freedom  system  characteristic 
determinant.  The  application  of  perturbation  theory  as  presented  herein 
follows  the  development  given  in  Reference  24. 

The  first  form  of  the  stability  analysis  programmed  as  a  subroutine  in 
C81  was  based  on  six  rigid  body  degrees  of  freedom  of  the  fuselage  with 
rotor  effects  introduced  as  additional  terms.  The  original  analysis  was 
performed  assuming  two  decoupled  systems  of  three  equations  each  and  then 
combining  these  six  equations  into  a  representation  of  a  single  coupled 
system.  Later,  eight  more  equations  which  are  representative  of  rotor  and 
pylon  degrees  of  freedom  were  introduced.  The  system  discussed  herein 
consists  of  the  six  fuselage  degrees  of  freedom  and  the  additional  rotor 
and  pylon  degrees  of  freedom:  fore-and-aft  and  lateral  pylon  rotations 
relative  to  the  fuselage  for  eacli  of  two  pylons,  and  fore-and-aft  and 
lateral  rotor  flapping  motions  relative  to  the  pylon  (shaft)  for  each  of 
two  rotors.  The  resulting  set  of  14  equations  (see  Table  10-1)  of  rigid 
body  motion  are  presented  herein,  associated  symbols  are  defined,  and  the 
procedure  of  analysis  is  delineated. 


!0.2  STABILITY  ANALYSIS  EQUATIONS 

The  basic  stability  analysis  equations  correspond  to  the  equations  of 
motion  used  in  the  calculations  of  maneuver  time  histories.  However,  it 
is  convenient  in  the  stability  analysis  to  represent  the  rotors  with  two 
equations  each,  one  for  fore-and-aft  flapping  and  one  for  lateral  flapping. 

The  equations  in  Table  10-1  reduce  to  the  usual  equations  of  motion  if 


G.  =  0 

l 


i  =  1,2,  . . . ,  14  (10-1) 

except  for  the  aerodynamic  coefficients  of  W  in  the  fuselage  group. 


For  i  =  1,2,  ...,  6,  9,  10,  13,  and  14,  the  equations  are  the  same  as  given 
for  the  rigid  body  fuselage  and  the  rotor  flapping  components  developed 
in  Reference  1,  except  as  noted  above.  The  fuselage  equations  are  ordered 
so  that  the  first  three  reduce  to  the  traditional  "longitudinal"  equa¬ 
tions  when  decoupled  from  the  rest  of  the  system.  Similarly,  the  next 
three  equations  reduce  to  the  "lateral"  equations.  For  i=7,  8,  11,  12,  the 
equations  are  the  same  as  the  pylon  equations  developed  in  Section  3.2.9. 

The  perturbation  method  requires  representation  of  the  partial  derivatives 
of  the  Gi  with  respect  to  the  fourteen  base  variables  and  their  first  and 
second  derivatives.  Some  of  these  derivatives  can  be  evaluated  only  by 
way  of  auxiliary  equations  relating  the  base  variables  to  secondary 
variables.  The  weight  components,  W^,  W  and  W  ,  are  denoted  explicitly 
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so  that  their  partial  derivatives  can  be  evaluated  analytically.  The 
effects  of  rate  of  change  of  angle  of  attack  are  also  included  explicitly 
as  coefficients  of  W  in  G2>  G3,  G4 ,  G5,  and  Cf,  •  It  is  assumed  that, 
except  for  these  five  terms,  the  aerodynamic  forces  and  moments  are  not 
functions  of  the  acceleration  variables. 

10.3  AUXILIARY  EQUATIONS 

Five  reference  systems  involved  in  the  stability  analysis  are 

Ground,  or  Fixed 
Body,  or  Fuselage 
Main  (First)  Pylon  Shaft 
Tail  (Second)  Pylon  Shaft 
Wind  (Section  10.6.3) 

An  ordered  set  of  angular  rotations  (Y  ,  6,  i)  relating  the  body  reference 
system  to  the  fixed  reference  as  described  in  Reference  24  is  called  the 
"fuselage  Euler  angles."  Note  that  in  the  following  discussions,  the 
names  Body  and  Fuselage  Reference  are  used  synonymously.  Similar  sets 
arc  used  to  relate  each  pylon  shaft  reference  system  to  the  fuselage.  The 
pylon  angular  deflections  relative  to  the  shaft  reference  (ApM,  ApM  for 
the  main  pylon  and  App,  App  for  the  tail  pylon)  are  treated  as  rotations 
about  the  shaft  x-axis  and  the  shaft  y-axi  rather  than  as  parts  of  an 
ordered  set.  The  rotor  tip-path  plane  flapping  components  (A^M,  B^m  for 
the  main  rotor  and  App,  B^p  for  the  tail  rotor)  are  also  represented  as 
rotations  about  the  shaft  axes.  The  Euler  angle  velocities  as  functions 
of  fuselage  rotation  velocity  components  (P,  Q,  R)  and  the  transformations 
of  components  from  one  reference  frame  to  another  require  the  following 
group  of  auxiliary  relationships. 


10.3.1  Fuselage  Euler  Angle  Velocities  in  Body  Reference  System 

Y  =  (Q  sin  4  +  R  cos  §)  sec  © 

©  =  Q  cos  $  -  R  sin  $ 

1  =  P  +  (Q  sin  i  +  R  cos  1)  tan© 

10.3.2  Weight  Components  in  Body  Reference  System 


(10-2) 

(10-3) 

(10-4) 


The  fuselage  Euler  angle  transformation  matrix,  T,  given  in  Reference  1, 
is  used  to  evaluate  the  components  of  the  weight  vector  in  the  fuselage 
body  reference  system.  Since  Y  =  0  in  this  case, 


1(0 ,  to,  4)  = 


cos  ©  sin  ©  sin  § 
0  cos  4 

-sin  6  cos  0  sin  4 


sin  0  cos  § 
-  sin  $ 
cos  ©  co.s  5 


(10-5) 
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10.4.4  The  Perturbation  Variables 


Each  base  variable  is  represented  as  the  sum  of  the  initial  value,  >H0> 
and  an  increment,  Ax^*  Denote  as  x^  and  as  .  Then 


x^  =  x^  +  ;  x  =  x^  +  x^  ;  x  =  x^  +  x^ 

o  o  o 


(10-lb) 


The  xi,  xi,  and  xi  are  the  basic  perturbation  variables.  Similarly,  for 
the  auxiliary  variables, 


7i  =  yt  +  yi  ;  =  yt  +  =  y*  +  y  t 


(10-16) 


In  the  notation  of  Table  10  1,  the  uppercase  symbols  correspond  to  the  x's 
and  y's.  Lowercase  symbols  are  used  elsewhere  for  the  initial  and  incre¬ 
mental  parts.  Thus, 


U=u  +u,  V=v  +  v  ,  etc. 
o  ’  o 


(10-17) 


10.5  THE  EIGENVALUE  SOLUTION 


The  equations  of  motion  are  nonlinear  in  the  basic  variables  and  thus  do 
not  admit  of  a  direct  eigenvalue  solution.  They  are  linearized  by  con¬ 
sidering  a  perturbation  about  an  initial  condition  specified  by  the  xjq, 

x-  ,  and  xs  .  The  equations  of  motion  can  be  written 
Jo  Jo 
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where 


i  =  1,  2,  ...,  14 
J  =  1,  2,  ....  14 
k  =  1,  2,  ...,  6 

or,  since  the  y  variables  are  functions  of  the  x  variables,  the  equations 
can  be  specified  as 


(x.,  x.,  x.^  =  o 
i  \  j  j  J  / 


(10-19) 


The  total  differential  of  can  be  expresseu  in  terms  of  the  base  variables 
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in  which  the  partial  derivatives  are  evaluated  at  the  initial  values,  x,  . 

..  o 

Assume  xj  =  xj  e  Then  the  equation  represented  by  Equation  (10-20) 
can  be  written  as 
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(10-21) 


The  determinant  of  the  coefficients  is  the  characteristic  determinant. 

The  solution  procedure  (Reference  2j)  used  to  compute  eigenvalues  and 
eigenvectors  from  the  determinant  of  Equation  (10-21)  requires  inputs 
specified  as  elements  of  the  mass,  damping,  and  stiffness  matrices, 
respectively.  These  elements  are 
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10,6  EVALUATION  OF  THE  PARTIAL  DERIVATIVES 

The  partial  derivatives  in  Equation  (10-21)  are  to  be  evaluated  at  the 
initial  condition  as  indicated  by  the  subscript  o.  There  are 

3  X  14  X  14  =  588 

elements  in  the  full  set  of  partial  derivatives.  The  discussion  of  their 
evaluation,  which  follows,  is  intended  to  be  illustrative  rather  than 
exhaus  ti ve . 


10.6,1  The  Euler  Angle  Relationships 

The  relationships  between  the  set  of  Euler  angle  perturbations,  ’i,  ©,  and 
$,  and  the  base  perturbations,  x_,  x.,  and  x  ,  are  developed  from  Equations 
(10-2),  (10-3),  and  (10-4). 

In  terms  of  the  perturbation  variables,  the  total  differential  of  ©  is, 
from  Equation  (10-3), 
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de  =  5o  dQ  +  If  dR  +  S  d* 
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d©  =  cos  i  dQ  -  sin  i  dR  -  (Q  Sin  $  +  R  cos  §)d* 

In  the  perturbation  notation 

9  =  q  cos  (0q  +  0)  -  r  sin  (0  +  0) 

-  C<q0  +  q)  sin  <0°  +  0)  +  (ro  +  r)  cos  +  0)]  0 
The  following  approximations  are  used: 

cos  (0o  +  0)  cos  0  -  0  sin  0 

°  0 

sin  (0q  +  0)  s=  Sin  0  0  cos  0 

°  o 

omitting  terms  containing  products  of  perturbatlon  varUMes> 
8  -  q  cos  0o  -  r  sin  0q  -  sin  0°  +  t^os  0^)0 
Whence 

e  =  cos  0o  Jq  dt  .  sin  0^ yr  dt 

(qo  Sin  0O  +  r0sin  0O)  /0  dt 

Then 
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Similarly, 
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10.6.2  The  Partial  Derivatives  of  Gi 

The  partial  derivatives  of  G^  are  developed  in  detail 
is  applicable  to  the  remaining  G^. 

Consider  the  first  fuselage  rigid  body  equation. 


The  same  procedure 


G.  =  m  (U  +  QW  -  RV)  -F  -W 
1  xx 


In  the  perturbation  notation, 
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or,  dropping  perturbation  variable  product  terms, 
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Then  the  M,  are 
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Since  from  Equation  (10-6) 
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and  from  Equation  (10-36),  the  Gi  <  are 
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Final!-  ,  the  K^  are  derived  from 
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as  follow.;. 

By  Equation  (iO-6) 


W  =  -  mg  sin  (0  +  0) 
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Then 
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From  Equation  (10-42) 
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According  to  Equation  (10-30) 
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The  nonzero  partial  derivatives  of  0  are  given  by  Equation  (10-31). 
Thus 
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Since  F  is  not  a  function  of  x„, 
x  3’ 


r —  =  mg  cos  0  cos  0 
6x  b  o  *o 


(10-48) 


or,  comparing  with  Equation  (10-6), 


(10-49) 


Simi lar ly , 


r —  =  -  mg  cos  0  sin  0 
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•'or  the  remainder  of  the  first  row  of  the  K-matrix, 
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The  derivatives  of  Fx  are  computed  numerically.  The  approximation  is 
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where  the  L-t  are  input  constants, 


10.6.3  Aerodynamic  Coefficients  in  the  M  Matrix 


Effects  of  rate  of  change  of  wing  angle  of  attack  on  the  lift  coefficients 
of  each  stabilizing  surface  are  included  in  the  M  matrix  as  ft,  or  accelera¬ 
tion,  derivative  in  accordance  with  the  analysis  in  Section  5.5  of  Refer¬ 
ence  24.  As  stated  in  the  reference, 


"The  a  derivatives  owe  their  existence  to  the  fact 
that  the  pressure  distribution  on  a  wing  or  tail 
does  not  adjust  itself  instantaneously  to  its 
equilibrium  value  when  angle  of  attack  is  suddenly 
changed. " 


1.0-11 


The  a  derivatives  discussed  in  Reference  24  are  C  and  C  which  corre- 

Z-  M- 

O'  O' 

spond  to  Z.  and  M.  in  C81.  In  the  referenced  analysis,  the  spans  of  both 
w  w  J 

the  wing  and  tail  are  assumed  parallel  to  a  body  X-Y  plane;  consequently, 
the  contributions  of  a  to  lift  affect  only  the  vertical  force  and  the 
pitching  moment.  In  C81  the  a  derivative  is  replaced  by  the  W  derivative 
and  the  stabilizing  surface  does  not  necessarily  lie  in  a  body  X-Y  plane; 
i.e.,  the  surface  may  have  a  large  dihedral  angle.  Therefore,  the  W  in¬ 
crement  is  resolved  from  the  body  to  wind  axis  reference  system,  the 
change  in  lift  calculated,  and  the  force  resolved  back  to  body  axis  which 
yields  both  a  Z  and  a  Y  force.  The  result  is  that  in  addition  to  the 
conventional  Z*  and  M*  derivatives,  side  force,  rolling  moment,  and  yawing 

moment  derivatives  (Y.,  L.,  and  N.)  are  also  included. 

w  w  w 

10.6.4  Tabulation  of  the  Partial  Derivatives 

The  entire  set  of  partial  derivatives  is  given  in  Figures  10-1,  10-2,  and 
10-3.  Figure  10-1  is  the  M  matrix.  The  elements  in  this  matrix  are  all 
determined  analytically,  and  the  elements  are  zero  where  not  otherwise 
indicated. 

The  C  matrix,  Figure  10-2,  contains  analytical  terms  as  well  as  deriva¬ 
tives  of  the  applied  forces  and  moments.  The  symbol  -b  indicates  that 

"^Fi  .  th  .th  . 

— r-.-  is  included  in  the  element  in  the  i  row,  j  column. 

Ox . 

J  OF. 

In  the  K  matrix,  Figure  10-3,  -  is  indicated  in  the  same  manner, 

10.7  THE  OUTPUT 


The  Stability  Analysis  section  in  Program  C81  produces  output  in  the  form 
of  eigenvalues  and  eigenvectors  which  is  immediately  useful  to  the  user. 
Also,  the  control  power  derivatives  are  computed  and  listed.  With  these 
values,  complete  information  for  control  transfer  function  parameters  is 
listed,  A  detailed  explanation  of  the  STAB  output  is  given  in  Section 
4.11  of  Volume  II. 


11.  MANEUVER  SIMULATION 


11.1  INTRODUCTION 

Ever  since  the  capability  of  simulating  maneuvers  was  first  added  to  C81, 
the  four-cycle  Rungc -Kutta  method  has  been  used  to  numerically  integrate 
the  equations  of  motions  during  sucli  simulations.  Over  the  years,  several 
new  methods  of  numerical  Integration  have  been  developed  and  some  pre¬ 
viously  existing  methods  have  come  Lnto  more  prevalent  use.  Consequently, 
a  study  was  conducted  to  determine  which  of  the  available  techniques  of 
numerical  integration  is  most  suitable  to  the  system  of  differential 
_  equations  used  in  C81. 

Four  cr Tie r-Lq,  were  used  to  assess  each  method: 

(1)  Compatibility  with  the  type  of  differential  equations  in  C81 

(2)  Accuracy  of  the  integration 

(3)  Computer  time  required  to  perform  the  integration 

(4)  Computer  storage  requirements  for  the  algorithm 

With  regard  to  the  first  criterion,  certain  techniques  of  numerical  inte¬ 
gration  are  unstable  or  otherwise  unsuitable  when  applied  to  certain  types 
of  differential  equations.  For  example,  the  system  of  equations  in  C81 
includes  many  differential  equations,  some  of  which  have  little  harmonic 
content  and  some  of  which  have  relatively  high  harmonics.  This  situation 
automatically  eliminated  from  consideration  several  techniques  which  are 
known  to  have  difficulty  when  simultaneously  integrating  both  types  of 
equations . 

The  second  and  third  criteria  had  to  be  considered  as  trade-offs  and  in 
most  cases  as  a  single  criterion.  That  is,  given  an  unlimited  amount  of 
computer  time,  almost  any  method  could  meet  any  prescribed  accuracy 
requirement.  However,  given  a  limited,  or  specified,  amount  of  computer 
time,  the  accuracy  of  a  method  could  be  adversely  affected.  In  view  of 
the  historical  use  of  the  Runge-Kutta  method,  its  accuracy  and  time  require¬ 
ments  were  taken  as  baseline  values  for  evaluating  other  methods. 

Only  minor  emphasis  was  placed  on  the  fourth  criterion.  The  reasoning 
was  (1)  that  the  Runge-Kutta  technique  was  only  responsible  for  about 
5  percent  of  the  total  program  storage  for  the  AGAJ72  version  of  C81  and 
would  account  for  an  even  smaller  percent  of  the  storage  requirements  for 
AGAJ73,  and  (2)  that  the  advent  of  larger  computers  and  virtual  memory 
systems  reduces  the  importance  of  storage  requirements.  Hence,  numerical 
techniques  which  would  require  up  to  twice  the  storage  of  the  Runge-Kutta 
method  were  still  considered  acceptable. 
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11.2  EVALUATION  OF  TECHNIQUES  OF  NUMERICAL  INTEGRATION 


Ten  methods  of  numerical  integration  were  examined  during  the  study.  The 
following  procedure  was  used  to  evaluate  the  methods.  The  fore-and-aft 
and  lateral  flapping  rate  equations  from  C81  were  chosen  as  a  typical 
set  of  equations  which  any  method  would  need  to  solve. 


-  nq  -  F 


(li-i) 


-  nP  -  f. 


(11-2) 


where  and  are  forcing  functions, 
fi  is  rotor  speed,  and 

p  and  q  are  rotor  roll  and  pitch  rates  respectively. 

These  equations  were  programmed  on  an  analog  computer,  and  the  responses 
to  several  forcing  functions  such  as  those  shown  in  Figure  11-1  were 
computed.  Response  data  to  the  same  forcing  functions  were  also  computed 
with  a  very  small  error  tolerance  on  the  Runge-Kutta  numerical  method. 

The  resulting  analog  and  digital  data  (which  were  within  the  accuracy 
limitations  of  the  respective  computations)  were  then  defined  to  be  the 
baseline  against  which  the  remaining  nine  methods  of  numerical  integra¬ 
tion  would  be  compared. 

Where  possible,  existing  computer  subroutines  for  the  methods  studied 
were,  used  to  compute  the  response  of  Equations  (11-1)  and  (11-2)  to  the 
same  forcing  functions  used  in  the  baseline  case.  Some  of  the  simplier 
methods  for  which  programming  did  not  exist  were  programmed  and  evaluated 
in  a  similar  manner. 

This  initial  phase  of  the  study  indicated  that  of  the  methods  which  were 
examined  and  are  currently  available,  Hamming's  predictor-corrector  method 
was  the  best  method  with  respect  to  the  four  criteria  stated  above.  The 
current  Runge-Kutta  method  was  judged  next  best.  Seven  other  methods  were 
deemed  not  suitable.  The  tenth  technique  (the  Adams-Krogh  met  iod)  was 
judged  to  show  much  promise  but  was  considered  to  be  too  experimental,  not 
yet  checked  out  thoroughly  enough  by  the  originator  of  the  method,  and 
not  sufficiently  documented  to  be  included  as  one  of  the  two  best  methods. 
However,  it  was  felt  that  the  Adams-Krogh  method  should  be  reconsidered 
sometime  in  the  future. 

A  brief  description  (including  some  equations)  and  a  few  remarks  about 
each  of  the  ten  methods  evaluated  follow.  The  sources  for  most  of  the 
methods  can  be  found  in  the  selected  bibliography  given  in  Section  14. 
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1.  Forcing  Functions  Used  in  Study 
of  Techniques. 
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11.2.1  Runge-Xutta  Method 

Consider  a  first-order  differential  equation 

rtf  =  f(t’y) 


(11-3) 


with  initial  values  tQ  and  yQ.  The  increment  for  advancing  the  dependent 
variable  is  given  in 


At 


Ay  -  r  <fL  +  2f 2  +  2f 3  +  f4) 


(11-4) 


where  At  is  the  time  step  (independent  variable)  and 
fl  =  f(to’  y0> 


f„  =  f(t  +  — ,  v  +  — f  ) 
2  o  2  *  yo  +  2  V 


At, 


f3  -  f^0  +  f  -  y0  +  fv 


f4  =  f(tn  +  At’  yn  +  At  f ,) 


(11-5) 

(11-6) 

(11-7) 

(11-8) 


Th '  values  at  ( t ^ ,  y^)  are  then  given  by 


ll  =  t0  +  At 


(11-9) 


and 


yl  =  y0  +  Ay’ 


(11-10) 


mnL?nC>r?^  °n  yNfor  the  second  interval  is  computed  by  the  same  for¬ 
mulas  with  (tQ,  yo)  replaced  by  (t^  y  ).  y 
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11.2.2  Treanor's  Method 


This  method,  in  general,  is  similar  to  the  Runge-Kutta  method  with  the  ex¬ 
ception  that  evaluation  of  in  Equation  (11-8)  is  modified  as  shown  below 


f,  =  f(t  +  — ,  y  +  At  f  ) 
4  o  2  o  m 


(11-11) 


where 


fm  2f3  g2  +  ^gl  ’  2§2^fl  +  pf2g2At 


(li-12) 


p  =  Max 


2( f 2  -  f3) 
At ( f 2  "  fj_) 


(11-13) 
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-  e 
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By  using  this  method  to  solve  a  set  of  stiff  equations,  bigger  step  size 
can  be  applied  and  more  accurate  results  can  be  obtained  than  those  from 
the  Runge-Kutta  method.  However,  for  harmonic  functions  it  can  lead  to 
dividing  by  zero.  In  view  of  the  harmonic  nature  of  many  parameters  in 
C81,  this  method  was  rejected. 

11.2.3  Hamming's  Predictor-Corrector  Method 


This  is  a  stable  fourth-order  integration  procedure  that  requires  the 
function  evaluation  only  twice  per  time  step.  This  is  a  great  advantage 
compared  with  other  methods  of  the  same  order  of  accuracy.  Another 
advantage  is  that  at  each  step  the  calculation  procedure  gives  an  estimate 
for  the  local  truncation  error.  Thus,  the  procedure  is  able  to  auto¬ 
matically  change  the  step  size.  However,  this  is  not  a  self-starting 
method.  To  obtain  the  starting  values,  a  special  Runge-Kutta  procedure 
followed  by  one  iteration  step  is  added  to  the  predictor-corrector  method. 
This  special  procedure  is  also  used  to  take  care  of  any  discontinuities 
which  may  cause  trouble  to  the  predictor-corrector  method. 

th 

To  evaluate  the  function  at  (n+1)  time  point,  it  is  necessary  to  go 
through  the  formulas  below. 


Predictor:  P  .  =  y  .,  +  — ^ — ( 2y '  -  y'  +  2y'  „) 
n+1  ■'nO  3  7n  ■'n-l  ■yn-2/ 


(11-16) 


Equation  (J.i-23)  can  then  be  solved  for  a  computed  value  of  y  i  e 

y>):  ’  ■  ■’ 


yc(t)  =  Ll'(t)  -  by  (t)  -  cy  ( t ) ]/a 
6  8 


(11-26) 


Finally,  if 


yc(t)  ' 

Ay(t) 

yc(t) 

yc(t) 

<  e 


(11-27) 


where  e  is  some  preassigned  accuracy  limit,  the  system  can  be  regarded  as 
solved  at  the  time  point  t.  If  the  above  convergence  criterion  is  not 
met,  a  new  guessed  value  of  yg(t)  is  provided  by'a  procedure  which  uses 

previous  Ay  and  y  values  to  find  a  solution  which  minimizes  Av.  The 
process  repeats  itself  until  the  convergence  criterion  is  met.  Since 
this  is  an  iterative  procedure,  it  may  take  considerable  computer  time 
o  so  ve  a  arge  system  of  equations.  Considering  the  size  of  the  system 
of  equations  in  C81,  this  method  was  also  rejected. 

11.2.5  Milne  Method 


This  is  a  predictor-corrector  type  method.  It  uses 
yn+l  *  yn-3  +I4t  -  Cl  +  C-2> 
as  a  predictor  and 

yn+i =  Vi  +  r  K+1  +  K  +  Ci> 


(11-28) 


(11-29) 


as  a  corrector  It  requires  four  previous  values  to  start  the  method, 
•or  systems  with  positive  damping,  equations  solved  by  this  method  are 
unstable  because  each  single  error  is  magnified  exponentially  while  the 
exact  solution  decays.  Since  nothing  precludes  positive  damping  in  C81, 
this  method  was  rejected.  & 

11.2.6  Adams  Method 


This  is  also  a  predictor-corrector  type  method.  It 


uses 


At 


yn+l  =  yn  +  24  (5C  -  59Cl  +  3X-2 

as  a  predictor  and 


-  9y'  ,) 
J  n-3 
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yn+l  '  y„  +  If  <9yn+l  +  19yn-5y'  ,  +  yn-2> 

Jn-1 

as  a  corrector.  Although  it  needs  four  previous  values  to  start,  the 
method  is  stable.  This  method  was  programmed  for  comparison  to  the  analog- 
ditial  baseline  response  data  discussed  previously.  Based  on  time  and 
accuracy  criteria,  Adam's  method  was  inferior  to  Runge-Kutta  and  was  con¬ 
sequently  rejected. 

11.2.7  Gear’s  Method 

This  is  a  multistep  predictor-corrector  method.  The  step  size  may  be 
specified  by  the  user,  but  is  changed  by  the  subroutine  DIFSUB  (Reference 
26)  to  limit  the  estimated  error  to  a  specified  tolerance.  The  orders 
of  the  predictor -corrector  formulas  are  automatically  chosen  by  the  sub¬ 
routine  as  the  integration  proceeds.  Up  to  three  corrector  iterations 
can  be  taken. 

In  highly  damped  systems  this  method  can  use  large  time  steps  through  most 
of  the  integration  region,  as  shown  in  Reference  26  where  this  method  is 
compared  with  Adam's.  When  forcing  functions  are  of  harmonic  forms,  which 
are  typical  helicopter  equations,  test  runs  of  subroutine  DIFSUB  indicated 
that  Adam's  method  discussed  in  the  previous  section  is  more  efficient. 
Since  Adam's  method  was  inferior  to  Runge-Kutta,  Gear's  method  being 
inferior  to  Adams  method  was  considered  sufficient  grounds  for  rejecting 
Gear's  method. 

11.2.8  A  Predictor-Corrector  Method 

In  Hamming's  method,  the  predictor  is  calculated  first,  then  modifier, 
corrector,  and  final  value.  Before  proceeding  to  the  next  time  point,  it 
evaluates  derivatives.  In  the  type  of  predictor-corrector  method  con¬ 
sidered  here,  the  concept  is  to  try  to  replace  derivative  evaluation  by 
numerical  differentiation.  Thus,  at  each  time  point  only  one  function 
value  is  needed.  Unfortunately,  the  numerical  differentiation  is  unstable 
and  its  result  is  not  accurate  enough.  Hence,  this  method  was  also 
rejected. 

11.2.9  Euler  Method 

This  is  one  of  the  simplest  predictor-corrector  type  methods.  The  pre¬ 
dictor  formula  is 


n+1  Jn 


=  y  +  it  y' 

J  n  J  n 


(11-32) 


and  the  corrector  formula  is 


yn+l  =  yn  +T  K+  y;+I> 


(11-33) 


It  requires  only  one  previous  function  value.  Therefore,  it  is  easier  to 
incorporate  into  any  system.  Unfortunately,  the  step  size  must  be  kept 
small  to  assure  sufficient  accuracy.  To  match  the  accuracy  of  Runge-Kutta, 
the  required  time  step  is  so  small  that  the  computation  time  becomes  too 
great  with  respect  to  Runge-Kutta  computation  time.  Hence,  this  method 
was  rejected. 

11.2.10  Adams -Krogh  Method 


This  method  is  a  self-starting,  predictor-corrector  type  method  with  vari¬ 
able  orders  and  variable  step  size..  The  change  in  step  size  is  carried 
out  by  using  modified  divided  differences.  Although  this  method  appeared 
to  combine  some  of  the  better  features  of  several  of  the  techniques 
examined,  it  is  a  very  new  technique  and  not  yet  thoroughly  checked  out. 
Hence,  this  method  was  rejected  primarily  because  of  its  unknown 
characteristics  rather  than  any  adverse  qualities.  It  is  felt  that  the 
method  shows  considerable  promise  and  should  be  reconsidered  as  a  new 
or  alternate  technique  for  numerical  integration  in  C81  when  the  method 
is  better  known  and  more  thoroughly  documented. 

11.3  CURRENT  PROGRAM  OPTIONS 

As  a  result  of  the  study  discussed  in  the  previous  section,  Hamming's 
predictor-corrector  method  of  numerical  integration  was  programmed  into 
C81.  The  test  cases  during  the  study  had  indicated  that  Hamming's  method 
required  fewer  function  evaluations  than  the  Runge-Kutta  method  and  that 
it  should  reduce  the  run  time  of  a  maneuver  by  25  to  40  percent  as  com¬ 
pared  to  runs  with  Runge-Kutta. 

When  Hamming's  method  was  chosen  for  incorporation  into  C81,  the  decision 
was  also  made  to  retain  the  Runge-Kutta  method  in  the  program  until  the 
checkout  of  Hamming's  method  was  complete.  Hence,  Hamming's  method  was 
installed  as  a  programmer  option.  The  logic  was  structured  such  that  the 
two  methods  of  numerical  integration  were  completely  independent  of  each 
other.  Although  this  parallel  logic  was  originally  intended  to  simplify 
the  removal  of  the  second  best  method  at  the  end  of  the  comparison  phase 
of  the  study,  it  greatly  facilitated  switching  from  one  method  to  the 
other  during  checkout. 

The  comparison  phase  of  the  study  concluded  that  Hamming's  method  did  not 
live  up  to  expectation.  In  particular,  run  times  with  Hamming's  method 
were  20  to  30  percent  longer  than  the  corresponding  Runge-Kutta  runs. 
Curiously  enough,  the  cause  of  the  longer  than  anticipated  run  time  with 
Hamming's  method  was  traced  to  the  integration  of  the  rotor  flapping 
equations  given  by  Equations  (11-1)  and  (11-2)  in  this  report.  Specifi¬ 
cally,  the  C81  program  found  it  necessary  to  halve  the  time  increment 
more  often  than  in  the  test  case  run  outside  of  C81.  The  leason  for  the 
increased  number  of  step  size  reduction  was  apparently  the  presence  of 
aerodynamic  damping  in  the  C81  equation  and  lack  of  it  in  the  external 
test  cases.  Efforts  to  reduce  the  run  time  of  Hamming's  method  to  less 
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than  those  with  Runge-Kutta  failed.  However,  it  was  concluded  that  the 
increased  accuracy  with  Hamming’s  method  and  the  relatively  small  differ- 
ence  in  run  times  between  the  two  methods  could  not  justify  h  e 

decreases  TT  “ l °’  V"  feU  that  With  -"itional  Jor£  “ 
decreases  in  the  run  time  of  cases  using  Hamming’s  method  could  eventually 

be  accomplished  Therefore,  it  was  decided  to  retain  the  Runge-Kutta Y 
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imilar  to  those  of  the  Adams -Krogh  method.  At  such  time  as  incorporation 
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12.  CONCLUSIONS  AND  RECOMMENDATIONS 


The  modifications  made  to  the  Retorcrafl  Flight  Simulation  Computer  Pro¬ 
gram  C81  under  contract  DAAJ02-72-C-0098  were  the  most  extensive  ever  made 
during  a  single  contractual  or  independent:  development  effort.  The  new 
end  revised  mathematical  models  of  rotorcraft  components  added  during  this 
contract  have  expanded  the  variety  of  configurations  which  can  be  simulated 
and  provided  more  precise  simulation  for  every  major  model  in  the  program. 
The  revised  and  expanded  User's  Manual  (Volume  II  of  this  report)  and  the 
reorganization  of  the  input  data  make  the  program  easier  for  the  new  C81 
user  to  set  up  an  input  data  deck.  For  the  experienced  user  the  program 
is  more  flexible  and  adaptable  for  setting  up  simulations  of  unusual  con¬ 
figurations,  flight  conditions,  or  maneuvers.  Except  for  the  proprotor 
collective  governor  (which  model  has  become  outdated),  all  abilities  of 
previous  versions  of  the  program  have  been  maintained. 

The  development  of  AGAJ73  impacted  on  almost  every  subroutine  and  mathe¬ 
matical  model  previously  incorporated  in  the  program.  As  a  consequence, 

>.  thorough  review  of  the  strong  and  weak  points  of  the  program,  both  in 
terms  of  analysis  and  usability,  was  made.  From  this  review,  six  recom¬ 
mendations  for  future  improvements  to  the  program  are  made: 

(1)  Aercelastic  Fuselage:  Previous  studies  have  shown  the  rotor 
support  system  to  have  a  significant  effect  on  loads  and  fre¬ 
quencies.  Preliminary  investigations  have  shown  that  the  rotor 
support  system  (fuselage  or  wind  tunnel  support)  can  be  included 
in  the  C81  program  by  using  the  modal  method,  which  would  be 
compatible  with  the  elastic  rotor  analysis. 

(2)  Rotor  Control  System:  Review  of  the  current  model  for  the  rotor 
control  system  indicated  that  it  contains  some  small  angle 
assumptions  and  restrictions  which  are  not  compatible  with  the 
coupled,  mixing  and  nonlinear  control  systems  currently  being 
developed.  A  method  of  more  rigorously  defining  the  control 
system  geometry  is  desirable  and  would  be  mandatory  in  conjunc¬ 
tion  with  an  aeroelastic  fuselage. 

(3)  Rotor  Wake  Analysis:  The  program  currently  has  the  logic  for 
defining  the  induced  velocity  distribution  over  the  rotor  disc 
with  inputs  from  a  data  table.  At  present,  data  for  the  table 
must  be  generated  by  a  program  which  is  external  to  C81  and 
then  processed  to  be  input  to  the  table.  The  obvious  shortcut 
is  to  include  such  an  analysis  in  C81.  Concurrently  with  the 
installation  of  such  a  model,  the  present  simplified  model  for 
the  effects  of  rotor  wake  on  the  aerodynamic  surfaces  should  be 
updated . 
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(4)  Aerodynamic  Model  of  Wine  and  Stabilising  e  , 

ing  the  data  which  would  be  avaUaMe  rL  ^5'  C°nsider- 
it  is  suggested  that  the  representation TJ  7  analysi=. 

acting  on  the  wing  and  stabilizing  surfaces  be'chaMed3! f 
current  lifting  line  mnHM  i-n  a  i-c...  D  chatlSed  from  the 

1  ‘  e‘  ’  treated  in  much  the  same  mainerfs'th^rotorT^f  m°de1’ 

A  modification  0f  this  tvne  cn„ia  f  aerodynamics. 

sentation  of  ro  or  e  e  n'l,®  3  ^  aCCUrate  repre~ 
that  referred  to  in  f  ,  on  aerodynamic  surfaces  than 

the  preceding  recommendation. 

(5)  Trim  at  Commanded  Power:  For  a  user  tn  • 

a  maximum  power  climb  it  is  currmtl  &  in  autorotatlon  or 
r  u  is  current lv  *. 

pute  trims  at  several  rates  of  climb  L  .  y  first  to  com- 
polate  or  extrapolate  iho  at-*-  .  r  descent),  then  inter- 

the  desired  power  condition  and°f  h"^6  th®  rate  which  §ives 
verify  the  predicted  resuUs  t  f"“Uy  7  r“n  anothar  tri"  ta 
trimming  at  a  prescribed  powr  level  inh’rate  of*  rT1)"1  f°r 
climb^nglc,  being  added  to  the  trim  procedure  al  ^td^ndenr 

'6>  int'egration"per  formed  'during3 this 

tion  of  Hamming's  predictor-corrector  method  °  '  lncorpora~ 

option  to  the  Runge-Kutta  technique  pr”lS^ly  uLf °g~”er 
formance  of  Hamming's  method  within  L  ° 7  d'  The  per' 
expectations  and  dlerves "ddUio^l^Sr  “f  UP 

study  indicated  that  in  the  next  1  to  s  Also’  the 

methods  currentlv  imHnr  ,  ,  °  ^  years,  one  or  more 

method  for  use  i^  CST  I!  ”T‘  "7  0l”er*c  aa  a  verier 
grammed  should  be  r.,i  pro- 
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15.  LIST  OF  SYMBOLS 


unsteady  pitching  moment  parameter  proportional  to  a  used 
with  Carta's  tables 

constants  used  to  calculate  the  aerodynamic  pitching  moment 
coefficient 


aerodynamic  force  vector,  lb 

main  (first)  rotor  fore-and-aft  flapping  displacement, 
positive  down  aft  with  respect  to  vertical  shaft,  rad 

tail  (second)  rotor  fore-and-aft  flapping  displacement, 
positive  down  aft  with  respect  to  vertical  shaft,  rad 

main  (first)  pylon  fore-and-aft  vibratory  angular  displace¬ 
ment,  positive  f orvard,  rad 

tail  (second)  pylon  fore-and-aft  vibratory  angular  displace¬ 
ment,  positive  forward,  rad 

total  applied  load  on  blade  j,  lb 

main  (first)  pylon  lateral  vibratory  angular  displacement, 
positive  right,  rad 

tail  (second)  pylon  lateral  vibratory  angular  displacement, 
positive  right,  rad 

-* 

component  of  aerodynamic  force  in  the  i  direction,  lb 

component  of  aerodynamic  force  in  the  j*  direction,  lb 

component  of  aerodynamic  force  in  the  -it  direction,  lb 

component  of  aerodynamic  pitching  moment  about  the  "i 

direction  axis,  right  hand  positive,  ft-lb 

distance  from  midchord  to  elastic  axis  divided  by  semichord 

slope  of  lift  curve 

distance  from  midchord  to  elastic  axis,  positive  aft  of  the 
elastic  axis,  ft 

fore-and-aft  pylon  displacement,  rad 
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1M 


IT 
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[C] 

CB 


Cd, 


ij 


JLm, 


ax 


fore-and-aft  pylon  vibration  velocity,  rad/sec 
lateral  pylon  displacement,  rad 
lateral  pylon  vibratory  velocity,  rad/sec 
total  mast  tilt  angle,  rad 

acceleration  of  P  relative  to  an  inertial  reference  system, 
ft/secz 

unsteady  pitching  moment  parameter  proportional  to  0  used 
with  Carta's  tables 

tip  loss  factor 

main  (first)  rotor  lateral  flapping  displacement,  positive 
down  right  with  respect  to  vertical  shaft,  rad 

tail  (second)  rotor  lateral  flapping  displacement,  positive 
down  left  with  respect  to  vertical  shaft,  rad 

blade  semichord,  ft 

velocity  coefficient  matrix  in  the  stability  analysis 
corrected  thrust  coefficient 
aerodynamic  drag  coefficient 

aerodynamic  coefficient  for  determining  drag  force  in  the 
direction 

aerodynamic  drag  coefficient  for  determining  drag  force 
in  the  i^  direction 

element  of  the  velocity  coefficient  matrix  in  the  stabil¬ 
ity  analysis 

aerodynamic  lift  coefficient 

maximum  lift  coefficient 

steady  state  aerodynamic  lift  coefficient 

lift  coefficient  with  unsteady  effects  included 
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m 


T 

C(k) 


t 

E 

El 


F, 


damp 


F. 

1 


F(k) 

G 


aerodynamic  pitching  moment  coefficient 
thrust  coefficient 


Theodorsen  circulation  function 


blade  chord,  ft 

lead-lag  damper  coefficient,  f t- lb-sec/rad 

length  dependent  on  the  blade  chord  and  pitch  axis  location 


constant  used  to  calculate  the  aerodynamic  pitching  moment 
coefficient 


blade  deformation  vector 


expression  involving  the  Theodorsen  circulation  function 

2 


out-of-plane  stiffness  distribution,  Ib-ft 
aerodynamic  force  vector 

forcing  function  for  fore-and-aft  pylon  motion,  ft-lb 
forcing  function  for  lateral  pylon  motion,  ft-lb 


function  for  determining  the  value  of  induced  velocity, 
normalized  by  V. 


lead-lag  damper  force,  lb 


th 


i  applied  force  or  moment  in  the  stability  analysis 


th 


forcing  function  for  the  n  blade  mode,  ft-lb 


fore-and-aft  (X)  component  of  applied  force  in  fuselage 
body  reference,  lb 


lateral  (Y)  component  of  applied  force  in  fuselage  body 
reference,  lb 


vertical  (Z)  component  of  applied  force  in  fuselage  body 
reference,  lb 


real  components  of  C(k) 
ground  effect  factor 
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Ab’ 

[K] 


Jb’  kb 


K. 

ij 


k 

k„ 


L' 

L 


PM 


JPT 


"RM 


RT 


w 


j e 

M 


unit  vectors  in  rotating  coordinate  system 
unit  vectors  in  the  blade  reference  system 
displacement  coefficient  matrix  in  the  stability  analysis 


element  of  the  displacement  coefficient  matrix  in  the 
stability  analysis 


reduced  frequency  in  the  Theodorsen  circulation  function 

fore-and-aft  pylon  spring  rate,  ft-lb/rad 

lateral  pylon  spring  rate,  ft-lb/rad 

mast  torsional  spring  rate,  ft-lb/rad 

flapping  stop  spring  rate,  ft-lb/rad 

flapping  spring  rate,  ft-ll>/ra] 


roll  component  of  applied  moment  in  fuselage  reference 
f  t- lb  ’ 


lift  per  unit  span,  positive  down,  lb/ft 


roll  component  of  applied  moment  in  main  (first)  pylon 
reference,  ft-lb  vy 


roll  component  of  applied  moment  in  tail  (second)  pylon 
reference,  ft-lb  1 


roll  component  of  applied  moment  in  main  (first)  rotor 
reference,  ft-lb 


roll  component  of  applied  moment  in  tail  (second)  rotor 
reference,  ft-lb 


roll  component  of  aerodynamic  moment  caused  by  vertical 
acceleration  of  the  fuselage,  (f t- lb)/(f t-sec ) 


fore-and-aft  pylon  focal  length,  ft 
lateral  pylon  focal  length,  ft 

distance  from  shear  center  to  blade  eg  distribution,  ft 
blade  mass  distribution,  siug/ft 
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[M] 


F? 


A 

^blade 


M.  . 
ij 


M. 


PM 


M. 


PT 


Hrm 

^RT 


M 


M- 


w 


M 


M 


M 


e 

MM 


mg 

N 


N. 

w 


NB 

NM 


Mach  number 


acceleration  coefficient  matrix  in  the  stability  analysis 
aerodynamic  moment  vector,  ft-lb 

three-dimensional  Mach  number  with  yawed  flow  effect 


element  of  the  acceleration  coefficient  matrix  in  the  stability 
analysis 


pitch  component  of  applied  moment  in  main  (first)  pylon 
reference,  ft-lb 


pitch  component  of  applied  moment  in  tail  (second)  pylon 
reference,  ft-lb 


roll  component  of  applied  moment  in  main  (first)  rotor 
reference,  ft-lb 


roll  component  of  applied  moment  in  tail  (second)  rotor 
reference,  ft-lb 


flapping  moment  due  to  flapping  spring,  ft-lb 


pitch  component  of  aerodynamic  moment  caused  by  vertical 
acceleration  of  the  fuselage,  ( f t- lb )/( f t- sec ) 


component  of  aerodynamic  pitching  moment  about  the  j 
direction  axis,  ft-lb 


component  of  aerodynamic  pitching  moment  about  the  k 
direction  axis,  ft-lb 


total  torsional  pitching  moment  distribution,  ft-lb/!:t 

Mach  number  parameter 

gross  weight  of  the  rotorcraft,  lb 

yaw  component  of  applied  moment  in  fuselage  reference,  ft-lb 


yaw  component  of  aerodynamic  moment  caused  by  vertical 
acceleration  of  the  fuselage,  ( f t- lb)/ ( f t-sec ) 


number  of  blades 


total  number  of  modes  used  in  elastic  rotor  representation 
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a  designated  point  on  the  rotor  blade,  as  in  Figures  3-1 
and  3-17 


P 


roll  component  of  fuselage  angular  velocity  in  fuselage 
body  reference,  rad/sec 

roll  component  of  fuselage  angular  velocity  in  main  (first) 
rotor  shaft  reference,  rad/sec 


roll  component  of  fuselage  angular  velocity  in  tail  (second) 
rotor  shaft  reference,  rad/sec 


PA  location  of  pitch  axis,  normalized  on  the  chord  length, 

positive  aft  of  the  leading  edge  (Reference  18) 

PKOM  pitch  moment  at  top  of  shaft,  ft-lb 

p  roll  component  of  fuselage  angular  velocity  perturbations, 

rad/sec 


P 


b 


roll  angular  velocity  of  rotating  (blade)  coordinate  system, 
rad/sec 


p^  value  of  a  polynomial  p  at  time  point  t^ 

Pn^r^  value  of  the  r^1  derivative  of  the  polynomial  p  at  t 

p  initial  value  of  the  fuselage  roll  angular  velocity  in  the 

stability  analysis,  rad/sec. 

Q  pitch  component  of  the  fuselage  angular  velocity  in  fuselage 

body  reference,  rad/sec 


pitch  component  of  fuselage  angular  velocity  in  main  (first) 
rotor  shaft  reference,  rad/sec 


pitch  component  of  fuselage  angular  velocity  in  tail  (second) 
rotor  shaft  reference,  rad/sec 


q  pitch  component  of  fuselage  angular  velocity  perturbations, 

ft/'sec 

2 

q  dynamic  pressure,  lb/ft 

—  2 

q  dynamic  pressure  with  vibratory  velocity  included,  lb/ft 

q^  pitch  angular  velocity  of  rotating  (blade)  coordinate  system, 

rad/sec 
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reference,  rfd/s^c ^ ““  ‘"^'“r  velocity  i„  fuselaf,e  body 

r°tor  radius 

radius  vector  from  fuselage  eg  to  t  . 

b  Lo  toP  of  mast,  ft 

tolling  tnomem  at  ton  nf  c 

eop  of  shaft,  ft-lb 

retor  sLnnrtofefrer„Ueee,,arad/secIar  V<?'OCUy  in  maI"  (first) 

-rT?r^  —  <■  -(second) 

^r“‘  ”f  ~  ve  1  oc  i  Ly  perterba  tions  , 

red/sef i<!r  VLl°CUy  “f  rotatinS  (Made)  coordinate  system, 
displacement  vector  r^ 

bladc>  ft-  °m  °  hub  t0  tllG  Point  ?  on  the  rotor 

initial  value  of  fuselaoo 

Ability  analysis,  rat  VGl°city  CO  in  the 

radial  attachment  point  of  lead-laP  w 

iGda  tag  damper,  ft 

fore-and-aft  shear-  t. 

at  top  of  mast,  lb 

lateral  shear  st  toa  r 

at  top  of  mast,  lb 

thrust,  lb 
element  of  the 

fuselage  body  reference^  matrix  relating 

unco  mum  (first)  rotor  shaft  refe«_ 

element  of  the  vu i p ..  , 

fuselage  body  reference^  ™sformati°n  matrix  relating 
ence  taii  (sGcond>  rotor  shaft  refer- 


Euler  angle  transformation  matrix 
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- 

TBM  torsional  moment  distribution  on  n  mode,  ft- lb 

TBM^,  total  torsional  moment  distribut  on,  ft-lb 

II  magnitude  of  relative  wind,  ft/sec  ' 

U  fore-and-aft  (X)  component  of  fuselage  linear  velocity  in 

fuselage  body  reference,  ft/sec 

U  magnitude  of  relative  wind  with  vibratory  velocity  included, 

f  t/sec 

Uj,  component  of  relative  wind  velocity  at  P  perpendicular  to 

and  U^,  positive  up,  ft/sec 

U_  component  of  relative  wind  velocity  at  P  in  radial  direction, 

positive  outboard,  ft/sec 

U  component  of  relative  wind  velocity  at  P  perpendicular  to 

blade-span  axis  and  shaft  axis,  positive  toward  trailing  edge, 
Ft/sec 

IIr’  U.j,,  l)  components  of  relative  wind  at  P  with  blade  vibration  velocity 
included,  ft/sec 

u  fore-and-aft  (X)  component  of  fuselage  velocity  perturbations, 

f  t/sec 

uq  initial  value  of  the  fuselage  fore-and-aft  velocity  (u)  in  the 

stability  analysis,  ft/sec 

V  lateral  (Y)  component  of  fuselage  linear  velocity  in  fuselage 
body  reference,  ft/sec 

V  flight  path  velocity,  ft/sec 

average  value  of  induced  velocity,  ft/sec 

Vn  component  of  free -stream  velocity  in  the  plane  perpendicular  to 

the  rotor  shaft,  ft/sec 

Vz  component  of  free-stream  velocity  along  the  centerline  to  the 

rotor  shaft,  positive  up,  ft/sec 

v  resultant  wind  velocity 

v  lateral  (Y)  component  of  fuselage  velocity  perturbations,  ft/sec 

— ^ 

v^  linear  velocity  of  the  hub,  ft/sec 
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rv^"r."r”n; 


-> 
V  . 


sound 
VBM 


n 


VBHj, 


VS 


vs„ 


w 

w 


w 


w 


w 


w 


w 


X 

x. 


*h 


x . 
1 


induced  velocity  nt  a  point  on  the  rotor  blade,  ft/sec 


initial  value  of  the  fuselage  lateral  velocity  (v)  in  the 
stability  analysis,  ft/sec  7 


ft/seclatiVe  Wlnd  Ve,°City  at  a  point  p  on  the  rotor  blade, 


velocity  of  sound,  ft/sec 


out-of-plane  bending  moment  distribution  on  the  nth  mode,  ft-lb 


total  out-of-plane  bending  moment  distribution,  ft-lb 

th 


out-of-plane  shear  distribution  on  nth  mode,  lb 
total  out-of-plane  shear  distribution,  lb 
virtual  work,  ft-lb 


vertical  component  of  fuselage  linear  velocity  in  fuselage 
body  reference,  ft/sec  tuseiage 


ref etence^' lbC°mPOnent  ^  ““S”'  VeCt°r  In  fus^  body 


«ferreLe?m?bnent  °£  ^  "eieht  ln  body 


re fe fence POtlb0nent  ^  ”eleht  ln  fuselaSe  body 


vertical  (Z)  component  of  fuselage  velocity  perturbations, 


initial  value  of  the  fuselage  vertical  velocity  (w)  in  the 
stability  analysis,  ft/sec  Y  6 


component  of  r  along  f  vector,  ft 


fore-and-aft  hub  displacement,  ft 
radial  station,  ft 


hub  extent  (limited  by  the  rotor  radius),  ft 


.  th 


i  basic  perturbation  variable  in  the  stability  analysis 
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X. 

1 


X. 

1 


Joo 


Y 

Y. 


Y  • 
n 


.  th 


i  basic  variable  in  the  stability  analysis 


.th 


i  basic  variable  initial  value  in  the  stability  analysis 


amplitude  of  the  j ^  perturbation  variable 
component  of  r^  along  j  vector,  ft 
lateral  hub  displacement,  ft 


inplane  displacement  distribution  of  nth  mode,  ft 

component  of  blade  vibration  velocity  at  P  in  the  T  direction 
ft/sec  b  * 


W 


y, 


z 

z 

z 


z* 

w 


Q 


Carta 


EQU 


side  force  component  of  aerodynamic  force  caused  by  vertical 
acceleration  of  the  fuselage,  lb/(ft-sec) 

•  th 

i  auxiliary  perturbation  variable  in  the  stability  analysis 

•  th 

i  auxiliary  variable  in  the  stability  analysis 

initial  value  of  ith  auxiliary  variable  in  the  stability 
analysis  y 

component  of  r^  along  -k  vector,  ft 

out -of -p lane  displacement  of  nt'1  mode,  ft 

component  of  blade  vibration  velocity  at  P  in  Lhe  -k 
direction,  ft/sec  b 

vertical  component  of  aerodynamic  force  caused  by  vertical 
acceleration  of  the  fuselage,  lb/(ft-sec) 

angle  of  attack,  rad 

angle  of  attack  with  vibratory  velocity  included,  rad 

angle  of  attack  excluding  the  effect  of  vertical  velocity,  rad 

angle  of  attack  at  which  the  aerodynamic  pitching  moment 
coefficient  curve  breaks  sharply,  rad 

cSa  ublesaCk  "°dified  t0r  Mach  ^ct  before  entering 

the  equivalent  angle  of  attack  including  effects  from  the 
circulation  function  (Reference  18),  rad 
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angle  of  attack  modified  for  yawed  flow,  rad 

reference  angle  of  attack  for  drag 

reference  angle  of  attack  for  lift 

flapping  angle,  positive  up,  rad 

"steady"  (frequency  less  than  D)  part  of  |d  ,  rad 

vibratory  part  of  the  flapping  angle,  rad 

blade  tip  sweep  angle,  rad 


A  a.  c , 


offset  of  the  blade  tip  segment  aerodynamic  center,  ft 


increment  in  lift  coefficient  due  to  unsteady  aerodynamic 
effects 

increment  in  pitching  moment  coefficient  due  to  unsteady 
ef  fee  ts 

normal  drag  vector  for  a  blade  segment,  lb 

radial  drag  vector  for  a  blade  segment,  lb 

i*"*1  constant  in  numerical  evaluation  of  partial  derivatives 

incremental  lift,  lb 

lift  vector  for  a  blade  segment,  lb 

pitching  moment  vector  for  a  blade  segment,  ft-lb 

blade  segment  length,  ft 

increment  of  time,  sec 

angle  of  attack  increment  for  stall  hysteresis,  rad 

Euler  pitch  angle  relating  the  fuselage  body  axis  system  to  an 
inertial  axis  system,  rad 

main  (first)  rotor  fore-and-aft  tilt  angle,  positive  forward, 
rad 


tail  (second)  rotor  fore-and-aft  tilt  angle,  positive  forward, 
rad 
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fuselage  Euler  pitch  angle  perturbation  in  the  stability  anal¬ 
ysis,  rad 

total  elastic  torsion  deflection,  rad 

geometric  pitch  with  blade  vibtation  velocity  included,  rad 

total  blade  cyclic  pitch,  rad 

fore-and-aft  cyclic  pitch  angle,  rad 

lateral  cyclic  pitch  angle,  rad 

torsion  mode  shape,  rad 

collective  pitch  angle,  rad 

initial  value  of  the  fuselage  Euler  pitch  angle  in  the  sta¬ 
bility  analysis,  rad 

"steady"  (frequency  less  than  Q)  part  of  the  pitch  angle,  rad 

rigid  blade  geometric  pitch  at  P,  rad 

total  twist  angle,  rad 

vibratory  part  of  the  pitch  angle,  rad 

angle  of  the  relative  wind  to  blade-span  axis  (yawed  flow 
angle),  rad 

A  with  vibratory  velocity  included,  rad 
local  inflow  ratio 

eigenvalue  of  the  stability  determinant 
average  inflow  ratio 

average  induced  velocity  divided  by  the  blade  tip  tangential 
speed 

advance  ratio 
average  advance  ratio 

3 

air  density,  slugs/ft 
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$  EuLer  roll  angle  relating  the  fuselage  body  axis  system  to  an 

inertial  axis  system,  rad 

t  main  (first)  rotor  lateral  tilt  angle,  positive  right,  rad 

4-j.  tail  (second)  rotor  lateral  tilt  angle,  positive  right,  ra'. 

2>  fuselage  Euler  roll  angle  perturbation  in  the  stability 

analysis,  rad 

0  inflow  angle,  rad 

0  inflow  angle  with  blade  vibration  velocity  included,  rad 

initial  value  of  the  fuselage  Euler  roll  angle  in  the  stability 
analysis,  rad 

V  Euler  yaw  angle  relating  the  fuselage  body  axis  system  to  an 

inertial  axis  system,  rad 

'll  azimuth  of  blade-..pan  axis,  rad 

'll  fuselage  Euler  yaw  angle  perturbation  in  the  stability  analysis, 

rad 

tQ  initial  value  of  the  fuselage  Euler  yaw  angle  in  the  stability 

analysis,  rad 

i|l.p  mast  windup  velocity,  rad/sec 

0  rotor  angular  velocity,  rad/sec 

nk  response  frequency  used  in  computing  the  reduced  frequency 

argument  for  the  circulation  function,  rad/sec 

ai  frequency  of  oscillation,  rad/sec 

angular  velocity  of  the  rotating  shaft  reference  system 
relative  to  an  inertial  reference  syscem,  rad/sec 

V  backward  difference  operator 

1 

V  operator  indicating  the  r  backward  difference 
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